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i. A6STRACT 
In reeponse to a request from the Office of Space Science and Applications, a Phase A - Pn 
minary Analysis of a High  Energy Astronomy Observatory was undertaken by the George C. 
arshaU Space Flight Center. Results of this study a r e  reported in two V 0 ~ ~ ~ 6 ,  Volume I con- 
.hhg  the p r e l i m h a g  analysis and conceptual design of a baseline spacecraft and Volume I1 
mtaaining SupportSng technical data and discussion of mission and spacecraft alternatives,. 
The High Energy Astronomy Observatory treated inth'is work is the first of four planned 
lacecraft in the High Energy Astronomy observatory program, designated in this report a8 
EAQ-A. The primary mission objective of the HEAO-A spaoecraft is to completely survey the 
:lestial sphere for high energy X-rays, gamma-rays, and cosmic-rays, with primary emphasir 
I the galactic belt region; the secondary mission objective is selective pointing at specific 
:lestial targets. 
To enmire a comprehensive system analysis €or feasibility assessment, a baseline mission 
KI spacecraft was defined with a realistic, but hypothetical, experiment package. Total weight 
the baseline spacecraft is approximately 19 000 pounds and launch is assumed from ETR on thc 
itan IIHD h m c h  vehicle in March 1974, The satellite i s  placed into a 200-11, mi. circular orbit 
i t i i  a 28. 5-degree inclination; during the first month in orbit the slowly rotating satellite scans 
i-sgion measuring &8. 5 degrees from the galactic plgne; during the next 6 months the entire 
:lestinl sphere is scanned; and during the last 5 months of the first mission year the satellite 
I2plQyS a poirating mod0 f ~ r  salected source investigations. Satellite design lifetime is I-year 
Inhnuin, with 2 years desired. 
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SUMMARY 
In response to a request from the Office of Space Science and Applica- 
tions, a Phase A - Preliminary Analysis of a High Energy Astronomy 
Observatory was  undertaken by the George C. Marshall Space Flight Center. 
Results of this study are reported in two volumes. Volume I contains the pre- 
liminary analysis and conceptual design of a baseline spacecraft and Volume I1 
contains supporting technical data and discussion of mission and spacecraft 
alternatives. 
The High Energy Astronomy Observatory treated in this work is the 
f i rs t  of four planned spacecraft in the High Energy Astronomy Observatory 
program, designated HEAO-A. The HEAO-A primary mission objective is to 
perform a survey of the celestial sphere with primary emphasis on the galactic 
belt region. Secondary objective is pointing at specific celestial targets, 
The launch vehicle selected is the Titan HID, and launch is expected 
to be from ETR in March 1974. The miasion ILtfetixne requirement is 1 year, 
with 2 years desired. The orbit selected ia a 200-n. mi. 28. &degree incli- 
nation orbit. The STADAN network was  seleotedl as the ground tracking 
network 
The baseline experiment package is a hypothetical package of six exper- 
iments which are considered typical for the HEAO mission. The baseline 
spacecraft is 30 feet long, has an octagonal cross  section of 105 inches max- 
imum diameter, and weighs approximately 19 000 pounds, including 
12 500 pounds of experiments. Maximum emphasis is placed on using existing 
hardware and techniques whenever possible. 
a r ray  and rechargeable battery system. In the csl%stSal Bean mQde, the 
spacecraft rotates slowly about an axis (scan axis) perpendicular to the solar 
array; the experiments a r e  mounted so that hair viewing diseetion is porpon- 
dicular to the scan axis, and, hence, great cbrolss of the celestial sphere a re  
swept by the experiments while the solar arrays remain oriented toward the 
sun. In the galactic scan mode and pointing mode, the spacecraft scan axis is 
tilted off-sun, but this is limited by power availability from the solar array. 
Bower is supplied by a solar 
Experiment data and spacecraft housekeeping data are recorded on 
tape for subsequent playback to ground when the spacecraft is over a station. 
Two S-band links, one VHF beacon link and one command link, are provided 
for data transmission and communication with the spacecraft. 
viii 
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A combination of magnetic coils, RCS thrusters, and a flywheel are 
used to control the attitude of the spacecraft and stabilize it. The magnetic 
coils react with the earth's magnetic field to generate torques on the spacecraft 
for  small attitude changes. The thrusters utilize hydrazine monopropellant to 
generate torques oa the spacecraft for larger attitude changes. 
The thermal control approach used is basically passive, consisting of 
coatings, hsdatim, and selective component locations and mounting 
techniques. 
The structure is basically a dual-beam box t russ  concept, with alumi- 
num skin covering the structure. An adapter is provided for mating the pay- 
load to the launch vehicle. 
The Phase A - Preliminary Analysis has confirmed the feasibility of 
the HEAO-A baseline concept. 
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TECHNICAL MEMORANDUM X-53976 
CONCEPTUAL DES I GN OF A H I G H  ENERGY 
ASTRONOMY OBSERVATORY 
VOLUME I - PRELIMINARY ANALYSIS 
SECTION 1. INTRODUCTION 
A t  the request of OSSA, the George C. Marshall Space Flight Center 
initiated a Phase A - Preliminary Analysis of the initial mission and satellite 
described in the High Energy Astronomy Observatory (BEAO) Project Plan. 
This analysis w a s  accomplished by the Program Development organization at 
MSFC, with assistance from the Center’s support contractor team; the results 
a r e  reported in Volume I - Preliminary Aqalysis, and Volume I1 - Appendices. 
The High Energy Astronomy Observatory (HEAO) project consists of 
several large automated spacecraft designed to transport scientific experi- 
ments into earth orbit and to serve as the base of operations for the experi- 
ments for a lifetime of one to two years. The primary objectives of the high- 
energy satellite program are to obtain high quality, high resolution data on 
cosmic-rays, gamma-rays ,. and X-rays. Data include information 
on the structure, apectra, polarization, and location of applicable sources 
A corollary to the above is the visual identification from ground-based ob- 
servatories of the stellar object emitting the high-energy radiations. 
The objectives are to be accomplished by cumey modes and point- 
ing modes of spacecraft. The spacecraft concept and summary effort 
are as follows. 
A. HEAO Spacecraft 
1. Survey Class Spacecraft - __ .. 
0 HEAO-A: The primary objective of HEAO-A, the initial 
mission, wi l l  be a complete survey of the celestial sphere to locate all 
sources of X-rays, gamma-rays , and cosmio-rays whose radiation falls 
within the range of instrument sensitivities and spectral range. The secondary 
objective will be to study some of these sources in more detail by pointing the 
Spacecraft for limited periods of time. 
0 HEAO-B: The overall configuration of the second mission is 
very similar to the first mission. The provision of &proved pointing capa- 
bility may, however, shift the emphasis from surveying the celestial sphere 
to pointing at selected targets. 
2. -- Pointed Spacecraft. The HEAO-C and HEAO-D spacecraft will 
provide astronomers with a stable platform from which to conduct detailed 
studies of celestial sources. These missions will  operate in an automated 
mode as wil l  the initial survey missions; however, since HEAO-C and HEAO-D 
will be developed for flight during the middle 1970's when the Space Station 
and Shuttle a re  planned, it is a logical and desirable objective to have HEAO 
take maximum advantage of these facilities. 
0 HEAO-C: The first of the two pointed missions wil l  be for 
several X-ray and gamma-ray experiments and wil l  provide the first high 
resolution look at the X-ray stars. Candidate experiments include a nuclear 
emulsion spark chamber, Cerenkov detector, nuclear gamma-ray spectrom- 
eter, venetian blind telescope/spectrometer, and a small Wolter Type I X-ray 
telescope. 
Stable pointing wil l  be provided to a degree which is 
adequate for the heavy gamma-ray experiments. The lighter X-ray experi- 
ments wil l  be mounted in a gimbal ring for fine stabilization. 
The experiment package will weigh approximately 9000 pounds 
and the power requirements will be approximately 50 percent higher than 
HEAO-A and HEAO-B. 
e IIEAO-D: The second pointed mission will be a large grazing- 
incidence X-ray telescope facility with multigle experiments. The collecting 
area d this facility wi l l  be an order of magnitude or more increase from that 
provided in the precursor X-ray telescopes in HEAO-C. Potential experi- 
nicnts include a polarimeter, Bragg crystal spectrometer, channel plate 
multiplier hiaging system, and a maxlnium sensitivity solid state detector. 
Spacecraft stability needs are  il arc-min. Image stability 
wi l l  be €ut-ther enhanced by an internal jitter removal system. 
The exp*ssiment package will weigh approxiinately 6000 pounds. 
1-2 
B. Study Objective and Approach 
The objective of the study reported in the following pages was to accom- 
plish a Phase A - Preliminary Analysis of the initial survey class mission and 
spacecraft, HEAO-A. 
design and identification of promising alternatives, with emphasis on feasibility 
assessment of the overall project. 
This has been achieved through conceptual spacecraft 
?. 
To accomplish conceptual spacecraft designs, a hypothetical experi- 
ment payload w a s  assembled. This payload served to identify typical require- 
ments for mass,  volume, power, attitude control, structure, data handling, 
viewing constraints, and thermal environment. Thg actual flight payload will  
be selected by OSSA, and may differ from the one chosen as 8 reference; 
however, the conceptual designs which have evolved are expected to be respsn- 
sive to the requirements of the officially selected payload. 
z 
Schedule and manpower constraints, coupled with the hypothetical 
nature of the experiment payload, dictated the adoption of a 'Ibaseline" concep- 
tual spacecraft relatively early in the study to insure adequate concentration 
on a comprehensive feasibility assessment of the overall mission and space- 
craft. Promising alternative spacecraft concepts were evolved and are com- 
pared, where appropriate, with the baseline concept and described more 
thoroughly in the Appendices. Detailed investigation, trade studies, optimi- 
zation, and comparison of alternatives remain to be accomplished in a follow- 
on Phase B - Definition effort. 
1-3 
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SECTION I I .  EXPERIMENTS AND MtSSION DESCRIPTION 
Overall requirements for the HEAO-A mission evolved from discussions 
among MSFC , OSSA , and GSFC representatives and various scientists repre- 
sentative of the high-energy physics and astronomy disciplines. Definition of 
specific mission requirements began with the identification of a group of 
experiments that were representative of the types of experiments now being 
considered for the HEAO-A mission. Further discussions among these groups 
resulted in the development of general guidelines for  use in preliminary design 
studies. 
' 
-. The group of experiments selected for this study, designated the 
--I 
"baseline experiment package, 
section. A more complete description of each experiment and related hard- 
ware  is presented in Appendix A. 
is described briefly in Paragraph A of this 
The baseline mission requirements and guidelines and the baseline 
mission profile a re  summarized in Paragraph B. 
A. Baseline Experiment Package 
A representative group of experiments was selected from a candidate 
list to establish overall mission operational requirements, develop conceptual 
spacecraft designs , and determine subsystem and system design requirements. 
The final payload wil l  be selected by OSSA from the proposals submitted in 
response to an AFO not yet released. It may differ in some respects from the 
baseline experiment package chosen for this study; however, the conceptual 
designs developed by this study are expected to be responsive to the require- 
ments of the experiment payload finally selected. 
1. Baseline Experiment Package Summary. The group sf s h  baseline 
esperimcnts&&x!ted for this study are summarized in Table 11-1. 
experimcnts will  measure the flux and spectra in the X-ray, gamma-ray, and 
cosmic-ray regions from lo2 to 10' ev. Since the basic experiment designs 
arc determined primarily by the energy range (particles or photons) to be 
measured, the experiments are listed in the tables presented in this section 
and are discussed in Appendix A in the order of increasing energy measure- 
ments. 
These 
' 
TABLE II-1. BASELINE EXPERIMENT PACKAGE SUI'A&lARY 
coyuc-RAY 
CUOIUlETER 
GAwA-iur BfSEIPYIPIL EXTENT AND ORIGIN OF --RAY FLUX F W  2.5 X IO7 ' PLAIfK YHlTlLUIOR 
LlLEsaM CAYvaa RADIATWN AND OARK CHAMBERS, 
TOTAL ENERGr ~OUNTEI 
' TO lolo " 
I YtA%IRWEHT OF THE ENERGY CERENKOV COUNTER, 
! SPECTRUM OF DISCRETE SOURCES. 
STUDY OF cut " A m  
MERCY INTERACtlON OF ENERCETK TO 
OURGE COMPOSITION F W  lolo .I SCINTILLATORS (PLASTIC), 
WARK CHAMBER% IRON 9 
E L f C T W  WECTRW FROM 10'' To 
w'4 e9 CALORIMETERS 9 
P*IT#LUWTH una 
ANISOTROPIC FLUX 
t 
i. 
- . . . ....., - ‘,L-._i-)- ~- . .. , . . . . .  . -. 
2. Baselwe Experiments! Requirements-a@ Restrictions. A summary 
of the major requirements imposed on the spacecraft by the baseline experiment 
package is given in Table 11-2. This table summarizes the weight, power, data 
rate, field of view, sizes,  and attitude measurement accuracy required by 
each of the experiments. 
A summary of the major restrictions imposed by the experiments 
on spacecraft materials and their location with respect to  the experiments, and 
the restrictions impoeed by the experiments during mission operations is 
given in Table 11-3. 
B. Mission Description 
The HEAO-A mission wi l l  be accomplished with a large m a n n e d  
spacecraft which will transport a group of experiments into ear th orbit and 
serve as an operations base for the experiments during the mission lifetime. 
Because of time constraints in this stw, it was  deemed desirable to 
establish a baseline spacecrait comeyt and mission operations profile to serve 
as a design reference mission agallmt which various design approaches could 
be compared. The baseline experiment package was reassessed and more 
fully defined and the general mission requirements and guidelines were expanded 
to establish the basis for the design reference mission. The baseline experi- 
ment package requirements were presented in Paragraph A above. The base- 
line mission requirements, guidelines s and mission profile are presented 
below. , ’  
1. Baseline Mission Requiremlontrs. - -  The baseline mission require- 
ments are defined in ten& of primary and secclndary objectives and preferred 
sequence of performance to aid in  the analysis of epacecraft requirements. 
The secondary objectives have been idoiltilied as an attractive but more 
demanding mission in terms of overdl mqdriaments. 
a. Primary objective: A scan of the entire celestial sphere for 
X-rays, gamma-rays, and cosmio-rays, with emphaels on the galactic belt. 
An early scan entirely within the galactic belt is desired. The galactic belt 
of primary importance is 30 degrees wide. A scan of 15 degrees width is 
acceptable, but 30 degrees width is preferred. Because off-sun tilt of the 
spin axis will  be required, power and control system trade studies may 
determine the approach to be used. 
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TABLE II-2. BASELINE EXPERIMENT PACKAGE REQUIREMENT§ 
! BABT 2 
PRIMARY C O W  RAY 
ELECTRdN DETECTOR ' 0 0  Ib I I O.8 l i 6 0 0 c o N E  6OIM.H !i%tld,DU Y in. DIU. VIEW 'Act 
b IN. W E l E R  
6 . M  1 50 I " i 6 0 0 C o N E ~  1WIN.LOHC . COSMIC-RAY CALORlLlE TER 
W T E k  
1. FOUR PtIOTOUULTIPUER TUBEL SUES of EACH 
2. TWO UWITS,UZE OF EACH 
3. TWO UNITS BACK 10 BACK WILL BE FITTED 10 S p K K u f  T M E T E R  
4. LENGTH WILL BE FITTED TO SPACECRAFT W E T E R .  
5. ATTITUDE MEASUREMENT ACCURACY 
TABLE II-3. EXPERIMENT PACKAGE RESTRICTIONS IMPOSED ON SPACECRAFT 
NOT OPERATED IN SOUTH ATLANTIC . URGE AREA X-RAY SINCE THORIUM CONTAMINATE THE i BERYLLIUM USED IN THE COUNTERS, : ~ c " ~ ~ ~ ~ ~ ~ ~ E ~ ~ ~ ~ E ~ ~ ~ o ~ ~ ~ ~ ~ ~  ' If% NEARBY USE IS PROHIBITED I COUNTER ,-AS 1 DETECTOR 
I 
I I 
I 
NOT OPERATED IN SOUtn ATLAMTK 
B U b E D  BY FLUORESCEEKE @F Cd 
i W + M E R G V  GUYlAliPdY . NEARBY HEAVY MATERIAL SHOULD BE 
MTECTOR UINiMIZED. RADIATION LIYIT: A I W L Y  - P. LI. TUBES WILL O f  
IO4 CURIE FROM 60 " 
6QoUNOBSTRUf3ED CONE OF Y E W  ~ 
CLEAR OF HEAVY STRUCTURE 
IS DESIRED 
I CALYA-RAY T~Lescom 
no MORE THAN 0.5 gm/cm' OF 
I 
I MATERIAL PERMISSABLE IN THE t n u r m u r v w  
60° CONE OF VlEW ' E L E C T "  DLTtCVOO 
' ; 
E--" 
I I I 
90° UNOBSTRUCTED CONE OF VIEW 
CLEAR OF HEAVY STRUCTURE 
IS DESIRED I 
b. Secondary objective: Pointing at selected source targets for 
more detailed source analysis. Off-sun tilt of the spin axis is necessary 
to enhance target selection capability. 
c. Preferred sequence: 
(1) Galactic scan (I month). 
(2) Celestial, scan ( 6  months). 
(3)  Pointing mode ( 5 months). 
(4) Repeat of first year (sequencing and time for each mode 
to be determined from first-year results). 
d. Maximum spacecraft spin rate of 1/10 revolution per minute. 
e. Experiment temperature limits from -10 degrees to +30 
degrees centigrade. 
f. Minimum spacecraft orbital lifetime of I year ( 2  years 
desired). 
g. Spacecraft spin axis accuracy of f 1.0 degree. 
h. Spacecraft attitude measurement accuracy of f 0.1 degree. 
i. Maximum experiment data generation rate of 25 000 bits per 
second, 
j. 
South Atlantic Anomaly. 
Minimum interference from high background radiation of the 
. I  
k. Meteoroid protectfon for all critical components. 
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2. Baseline Mission Guidelines. 
a. Target launch date of March 1974. 
b. Experiment payload of 12 000 14 000 pounds. 
c. Launch vehicle: 
(I) Primary Titan IIID. 
(2) Secondary Titan IIIl[@. 
d. Due east launch from Eastern Test Range. 
e .  Automated spacecraft in circular earth orbit. 
f. Orbital inclination of 28. 5 degrees. 
g. Orbital altitude of 200 naubAcsil milsw. 
h. System design lifetime of L-year minimum; 2 years 
desired. 
i. Maximum use of Space Tracking and Data Acquisition 
Network (STADAN). 
j. Modified Titern IIIC U~~?Peaa l~a~Eond fairing with 6-fwt 
base section, five S-foot modular sectiow, and one %foot n o m  eeation. 
m. Maximum use of existing flight-provan componesa$s, 
3. Baseline Mission ~ Profile. The HEAQ-A baselina spacecraft, shown 
in Figure 11-1: is designed to be launched on the Titan IXD launch vehicle. 
Launch is assumed from the Eastern Test R-gge &TI March 1974. A typical 
launch-to-orbit profile for the Titan IUD is depicted in Figure 11-2. 
After injection into a 28. 5-degree-dndimtisn, 2QQ-muacaB-mble 
circular orbit, the spacecraft is separated, ebbflisced, and pre@ared for 
scientific data acquisition. Figure 11-3 shows a t y p i ~ a l  sequence of major 
events for the first year of the baseline mission. The in-orbit preoperational 
2- 7 
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op 
OF EVENTS (ORBIT ALTITUDE ZN No MI / 
1 START SBLIB ROCKE‘r MOTORS AND LIFT OFF 
3 SOLID ROCKET MOTORS JETTISONED 
4 CORE STAGE 1 STAGED AND CORE STAGE 2 
5 SHROUD JETTISIONED 
6 CORE STAGE 2 SHUTDOWN, STAGFn A M n  
2 CORESTAGE 1 ic;NinoN 
I GN I TIOM 
PAYLOAD INJECTED INTO ORB1 
Figure II-2 ‘.id Titan mD launch-to-orbit profile. 
3 .t a U 
0 s2 
u 
OREIT ORBlTt ORBITS ORBITS ORBIT OUBIT 
Figure II-3. Baseline mission timeline. 
\ 
events and the three mission modes a re  shc!wn. The approximate t h e  intervals 
involved and the primary control subsystem employed during each mission 
phase are also shown. The second year of the mission will be a repeat of the 
first year, with some variations to be determined from the first year results. 
This overall mission sequence and tiheline was  used as the design reference 
for determination of requirements and sizing d m.btiy s k m s  for the spacecraft. 
Contact with the ground during the coume of the mission will  be accom- 
plished through the geographically appropriate stations in the Space Tracking 
and Data Acquisition Network (STADAN). 
Additional details of the baseline miswion profile are given in the 
-i appropriate sections of this report. 
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SECTION 111. LAUNCH VEHICLE N 7 0 - 2 2 9 0 
! 
In keeping with the overaU philosophy of @le H M O  project, the selection 
of the Titan InD launch vehicle was bawd on the use of the lowest cost existing 
system with sufficient payload capabfllty. Other considerations in the launch 
vehicle solection were the use of systems which will be used by other auto- 
mated spacc projects during the operational time frame of the HEAO missions, 
atid the availability of facilities and equipment on a sqhedule which involves no 
intorforence wiU, other high-priority projects, 
This philosophy eliminated all but existing launch vehicle systems, and 
I110 requirements of the HEAO project quickly polarized the selection to the 
Titan family of launch vehicles. While the Titan mC can accomplish the HEAO 
launches without inodifications to the priinary vehicle svstem, the Titan IIID 
with modifications to adapt to Eastern Test Range (ETR) lrrlly be more cost 
effective if  the same modifications required by the Viking program can be 
utilized. The Titan IIID, as shown in Figure n1-1 (without transtage upper 
stage and therefore lese expensive than Titan IUC), i4 capable of meeting 
the requirements of the HEAO launches, but some modification to the Titan IIID 
guidance system (either on the ground or on board) is required to use this 
system a t  ETR. The cost of the Titan IIID, including modifications, is 
expected to be lower than the cost of Titan UIC, Thq ntqn IIID is therefore 
the selected baseline launch vehicle for the HEAO launches. Sinae the 
Titan 111 with Centaur upper stage is belng doveloped and will be launched 
from ETR in i972 and 1973, the alternative of using t& Centaur guidance 
system in the Titan DID for the HEAO launches beoomee attractive and was 
selected as the baseline system for the Fhalre A etudy effort. 
' A  
The final selection of the astrionics system and other modifications 
to the Titan IIID launch vehicle for the HEAO migetone must be made during 
Phase B launch vehicle studies in concert with the overall IiEAO mission 
requirements. 
U s e  of the Titan IIID at ETR involves two primary launch vehicle 
hardware configuration decisions: ( 1 ) guidanp sygtem and (2)  payload 
fairing selection. 
The following sections degcribe the basic Titan IIID launch vehicle 
and tlie modifications required to  adapt it as the law@ vehicle for the HEAO 
missions to be launched from the ETR. The launch v@icle capabilities and 
the environments which the payload will  experienae are presented and a 
section is devoted to the discussion of the payload shroud and its ipterface 
with the launch vehicle and the payload. 
r m D IN TF;IFACE - -- - -STA 220 151 - - - f 
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Figure 111-1. Titan IIID launch vehicle (HEAO-A Mission). 
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A. Titan 1 1  I D  Baseline Vehicle 
This section presents a general description of the Titan ILID launch 
vehicle as it is now configured for launch from Western Test Range (WTR) . 
I. Configuration. The Titan IIID vehicle is a three-stage/solid and 
liquid propellant vehicle as shown in Figure 111-2. It wae d0VelOp8d from, and 
is nearly identical to, the Titan IIIC space launch vehicle and is described more 
fully in  Reference I, except that the Titan IIIC Transtage is deleted. The 
Titan IIID uses the solid rocket motors that were developed on the Titan IIIC 
program. Stage 0 consists of two solid rocket motore, each consiating of 
five solid segments, two closures, an ignition system, a nozzle assembly, 
and an ullage blowdown type thrust vector control system. The approximate 
burn durativn of the solid rocket motors is 120 seconds. -4 
The Titan IIID Stage I and Stage I1 is the "common core" used on 
other Titan 111 family vehicles, with Titan IIID-peculiar requirements added. 
These stages use earth-storable liquid propellants. 
2. Guidance System. The Titan IIID guidance system consists of a 
BTL/WECOSeries 600 Radio Guidance System which operates in conjunction 
with a ground guidance station located approximately 13 miles north of the 
launch pad at  WTR. 
during all of Stage I operation and during the first 70 percent of Stage I1 
operation, It is limited by SRM plume attenuation during Stage 0 operation 
and by rpdar antenna look-angle constraint during the latter portion of Stage II 
flight. 
The system is capable of performing the guidance function 
3. Flight Control System. The Titan PIID flight control system consists 
of an analog computer, a programver ,  a velocity meter, a staging timer, a 
three-axis reference (gyro) system, a rate gyro, and on each stage a thrust 
vector control system. The flight control system performs open-loop 
guidance (programmed trajectory) during Stage 0 operation and during the 
latter portion of Stage I1 flight. During Stage I and early Stage I1 operation, 
the flight control system reacts to a steering command issued by the radio 
guidance system. 
radio guidance, and upon achieving the preset velocity-to-be-gained, issues 
the shutdown command and initiates payload staging. Except for initiation of 
tho velocity meter, the flight control system is the primary source for discrete 
signals, and also performs open-loop guidance throughout flight in the event 
The velocity meter is initiated late in Stage I1 flight by 
' of guidance failure. 
3-3 
I; 
t 
1 
23 3 ft 
i t 
72.9 ft  
IURDPOINTS - 36 
EQUALLY SPACED 
GUIDANCE - RADIO INER'I'XAL 
STAGE II 
PROPELLANTS IOADED 6'7,338 lb 
Isp NOM 316.O(vac) sec 
THRUST 101,890 (vac) lb 
WADED WEIGHT 73. 254 Ib 
STAGE I 
PROPELLANTS LOADED 258,860 lb 
NOM 299 (vac) sec 'SP 
THRUST 523,000 (vac) lb 
LOADED WEIGHT 274,452 lb 
STAGE 0 
PROPELLANT WEIGHT 848,494 lb 
TVC (N204) LOADED 16,848 lb 
NOM 231.8 (S.L.) sec 'SP 
THRUST 2,340,000 @. I4 ) lb 
LOADED WEIGHT 1,016,060 lb 
LIFT OFF 
THREE STAGES WITHOUT PAY- 
LOAD OR PAYLOAD FAIRING 
WEIGHT 1,363,976 lb 
'THRUST 2,327,430 lb 
Figure III-2. Standard Titan IFID launch vehicle. 
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4. Other Systems. The Titan IIID vehicle also includes an airborne 
electrical system, flight safety system, instrumenktiofi system, and propul- 
sion system. 
B. Launch Vehicle Modifications 
The launch vehicle hardware modifications result primarily from the 
guidance and payload fairing systems. The modifications required include 
the guidance system support truss,  packaging of added guidance components, 
and installing a pull-away umbilical. Installation of the Titan IILC payload 
fairing requires increasing the forward ring frame size on Stage 11. 
items are discussed in more detail in the following paragraphs. 
The above 
1. Guidance System. The guidance system requiring minimum 
changes for use in the Titan IIID vehicle at ETR is the currently used radio 
guidance system. However, according to current planning, the BTL ground 
station a t  ETR will  not be used by NASA after late 1971. Unless other pro- 
grams require i ts  usage - and none are  foreseen at this time - the total costs 
of operation, update, and maintenance would be imposed on the HEAO program. 
Since yearly operation is currently estimated to be about 2 milliioii dollars, its 
cost ha6 been judged to be prohibitive. Therefore, an inertial guidance system 
for the Titan IIID appears necessary; however, should other psoa;sam-s use the 
radio guidance Bystem, it would become very cost effective. 
other systems have been considered. 
being developed for use in the 1973 period are as follows: 
For these reasons, 
Five optional guidance systems which are either d e ~ e l ~ p e d .  or 
0 BTL/WECO radio guidance/analog flight control (Fig. 111-3) 
Titan IIID. 
0 ACED inertial guidance/digital flight cgntrol systam (Fig. 111-4) 
Titan IIIC ) . 
0 Thor Delta strapdown inertial guidrang?e/digltaJ. flight control 
with specially developed input/output electrondos (Fig. n1-5) . 
0 The same as Thor Delta system above but with Ascent Agena 
strapdown inertial guidance hardware (Fig. In-6). 
0 Improved Centaur inertial guidance/analog flight controls 
(Fig. 111-6). 
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Figure UCI-3. BTL/WECO radio guidance/analog flight control - Titan IDD. 
STAGES 0, I, & 11 
t 
PWFBRIIS: 
GUIDANCE 
NAVIGATION 
FLIGEE CONTROL 
SEQUENCING 
i 
ACTUATORS 
SEQUENCING 
DISCRETES 
I 
Figure IH-L Titan III[C ACED inertial guidance/digital flight control. 
i 
STAGES 0, I, & IT 
w 
I 
OD 
1” SENSOR 
BUS REMOTE MULTIPLEX UNITS 
PROGRAMMLNG 
CONTROL 
OUTPVT ACTUATOR 
BUS REMITE OIJTPVT UNITS 
PWFORMS: 
GUIDANCJ? 
NAVIGAT ION 
FLIGHT CONTROL 
SEQUENCIXG 
Figure Et-5. Ascent Agena or Thor-Delta inertial guidance/digit.al flight control. 
I 
i 
w 
I 
W 
F Q g e  EI-6. Centaur i ne r t i a l  guidance/analog flight control. 
These systems are m o r e  fully described in the following paragraphs. 
a. BTL/WECO radio guidance system. The changes required 
to the existing Titan IIID radio guidance and flight controls are as follows: , 
( 1) Use Titan IIID/Centaur autopilot. 
(2 )  Relocate radio guidance dorsal and ventral antennas. 
( 3) Install repeater  antennas, 
( 4 )  Update WECO/Univac ground guidance computer. 
(5)  Relocah RIME to AGE van. 
These changes are depicted in Figure 111-7 and described below, 
! The Titan IIID/Centaur flight controls computer includes 
a modification to change the direction of the pitch program. Because of on-pad 
alignment differences, the pitch down open-loop trajectory program at WTR 
becomes pitch up at ETR. This is accomplished by internally reversing pitch 
program polarity within the Titan IIID/Centaur flight controls autopilot. This 
same autopilot wil l  be available for this mission. 
A second required change is to relocate the dorsal  and 
ventral radio guidance antennas. This will require  analysis to evaluate the 
look angles, followed by antenna relocation and waveguide modification. 
Repeater and pickup antennas must  be installed on the 
mobile service tower, vertical integration building, and BTL ground station 
to permit prelaunch test and checkout. 
The major area of change is updating the BTL/WECO 
radio guidance ground station with an improved Univac computer, The existing 
8000-word Athena drum machine wil l  be replaced by a much fas te r  general- 
purpose Univac 1230 with a random access core. This improvement will pro- 
vide increased computation capability rind improved reliability. 
The remaining change is installation of an  existing RIME 
set into an existing AGE trailer to permit radio guidance subsystem checkout. 
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Figure El-7. BTL/WE@O system mdifications for usage at ETR. 
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b. ACED inertial guidance system. The ACED system in its 
present configuration with the Titan IIIC IMU and MGC is not as cost competitive 
as the other systems. However, the MGC will be replaced with a new low- 
cost computer by 1972. This Titan IIIC configuration with the low-cost com- 
puter has been included in the cost comparison based on projected computer 
costs. The new computer that will  be developed for Titan IIIC will  include all 
of the I/O electronics to properly interface with the Titan IIID flight control 
sensors and actuation devices, as well as the electrical sequencing system so 
no new black box development is required for this system. The ACED con- 
figuration utilizing the new computer has the largest weight and power penalty 
of any of the inertial systems. 
c. Strapdown inertial guidance system. The Thor-Delta o r  
Ascent Agena configurations would use the inertial sensor assembly as presently 
configured, but the central processor unit (airborne computer) would require 
a memory expansion from 4000 to 8000 words (expansion capability provided 
i n  the Ascent Agena configuration). Special 110 electronics would be required 
to interface the Thor-Delta o r  Ascent Agena CPU's to the Titan IIID vehicle. 
Martin Marietta has a developed 1/0 electronics concept that can effectively 
provide this interface by using a PAC, two RMU's, and three ROU's,. The 
C P U  communicates with the vehicle sensors, actuation devices, and sequencing 
system through the PAC with addressed digital signals on one input and one 
output data bus. 
lateral accelerometers (load relief sensors) to, digital data for the data bus 
and the ROU's convert digital data to analog commands for the actuation 
devices. 
Thor-Dclta or Ascent Agena hardware present the lowest weight and power 
utilization of any of the inertial systems. 
The R'MU'S convert analog sensor data at the rate gyros and 
The inertial guidance/digital flight control configurations using 
d. Centaur inertial guidance system. The Improved Centaur 
configuration would use the saxne guidance and flight control components 
presently designed for the Titan IIID/Centaur vehicle that is scheduled to 
launch the Viking payload in 1973. 
would be moved into Stage I1 of the Titan IIID which results in a weight and 
power penalty, although not as severe as the ACED inertial system. 
The Honeywell IMG and Teledyne computer 
e. Weight and cost comparison. Table 111-1 presents a 
preliminary weight and cost comparison of the various guidance and control 
systems examined. 
Delta costs compared to a baseline of Titan IIID at WTR using radio guidance 
with &e present multiprogram utilization of the ground station are shown. 
']rile recurring costs per launch include selected airborne hardware costs and 
(These data must be reverified during the Phase B effort. ) 
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TABLE ID-I. TITAN IlID AT ETR 
GUIDANCE AND CONTROL WEIGHT COST COMPARISON 
ROM ($M) 
I 
A Weight Nonrecurring 
I 
, BTL Radio @ WTR 0 
1~ (baseline) 
BTL Radio @ ETR 
(Titan IIUI launches only) 
I. 
0 1. 2 
ACED Inertial +385 2 .9  
Thor-Delta or 0 3. 5 
Ascent Agena Inertial 
Zmpr~ved Centaur 9175 1.5 
Recurring 
Cost/Launch ($  ) 
0. 28 
2. 2 
0 . 7 2  
0. 40 
0.75 
Delta Cost 1 4 Vehicles/l/yr 1 
Per Launch ($ ) ' Total Delta Cost  ($ ) 
0 
I. 9 
0.44 
0.12 
0.47 
NA (Baseline) 
8. 8 
4.7 
4. 0 
3. 4 
I 
I 
t 
the proper portion of the radio guidance ground station maintenance costs. 
Common guidance and control airborne hardware such as rate gyros, actuators, 
and hydraulic power supplies were excluded because they did not impact the 
estimate of delta costs. 
f. Conclusions. Based on this preliminary study, the 
following conclusions have been reached: 
I )  If one o r  more other programs use radio guidance 
and have a combined launch rate of two o r  more vehicles per year, then radio 
guidance should be used on Titan IIID at ETR. 
( 2 )  A l l  of the inertial systems can meet the anticipated 
accuracy requirements of Titan IIID at ETR although the ACED system is sig- 
nificantly more accurate than the other inertial concepts, 
I (3)  The Improved Centaur inertial system has the lowest 
schedule and cost r isk based on the advanced state of development of the com- 
ponents involved. 
( 4 )  The costs of the inertial systems examined are 
approximately equal. Since weight is not a dominant factor, the inertial 
systems should be examined in more depth in the near future because of the 
near equivalent cost comparison. 
(5) For the purpose of a baseline, for use in performance 
determination, the Improved Centaur system was selected. 
2. -____- Titan IIID Modifications To Adapt Payload Fairing. The 
Titan IIID Stage I1 forward skirt requires an increase in the Titan Station 220 
ring frame size. 
be a minor modification. 
This modification is shown in Figure 111-8 and is judged to 
C. Performance Capability 
The performance capability of the Titan IUD launch vehicle to the pro- 
posed orbit of 200-n. mi. altitude and 28.5-degree inclination is 20 920 
pounds. The assuniptions made for the performance calculations are given 
in Appendix B. This payload was  injected by direct ascent to a 200-n. mi. 
altitude. The Titan IPIB vehicle waa designed for placing payload in low 
earth orbit (altitude < 150 n. mi. ). 
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Improvement in performance capability of the Titan IIID can be attained 
by either (1) modifying the HEAO orbit to an elliptical orbit which would have 
a perigee and apogee sufficient to guarantee a minimum lifetime of 1 year for 
the +2u solar activity o r  ( 2 )  modifying the Titan IIID by adding a kick stage to 
the vehicle so that a trajectory could be achieved whereby the main stage 
would inject kick stage and payload into a 90- by 200-n. mi. elliptical orbit and 
the kick stage would inject the payload from the 90- by 200- to 200- by 200-n.mi. 
circular orbit. Adding the kick stage, a payload increase of up to 6000 pounds 
could be realized. Choosing an elliptical orbit of 1-year lifetime, a payload 
increase of up to 4800 pounds could be achieved. 
Table 111-2 contains the Titan IIID performance weight summary and 
trajectory data for direct injection into a 200-21. mi. circular orbit. 
Recent performance data from Lewis Research Center on the Titan IIID 
vehicle indicated a payload of 20 641 pounds and is presented in Appendix B 
for comparison. This variation in payload is probably caused by the heavier 
payload shroud and the time that it was jettisoned; however, differences of 
this nature wi l l  become items for closer scrutiny during Phase B. 
0. Payload Fairing 
A payload fairing is required to enclose the payload. The payload 
fairing will  interface with the Stage I1 forward skirt (Titan Sta. 2201, and 
inflight separation of the fairing will occur at this interface. Two payload 
fairing configurations meeting the basic requirements are available for use 
in this program. They are as follows: 
1. Titan IIIC universal operational fairing used at ETR. 
2. Titan IIID fairing used at WTR. 
The Titan IIIC fairing was  selected for this application because the fairing has 
been used in previous missions launched from ETR. A l l  major facility and 
launch pad (Pad 41) modifications required to accommodate the Titan IIIC 
fairing wi l l  have been made and the necessary GSE will  be available. No 
GSE for the Titan IIID fairing wil l  be available at ETR. Therefore, use of 
the Titan IIIC fairing wil l  induce minimum program costs. 
tion of the Tntm IIIC fairing also provides better payload/fairing clearance 
during separation than the two-section separation of the Titan IIID fairing. 
Trisection separa- 
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TABLE III-2. TITAS IIID PERFORMANCE AND TRAJECTORY DATA FOR A 200-n.mi. 
2i.S-DEG3EE-INCLINATION CIRCULAR ORBIT 
Stage 1 A i  
0 1 
I 
I "
I 
i 
Effective sea level thrust (lb) 
Sea level specific impulse (sec) 
Lift-off weight 
SRM Propellant consumed 
SRM TVC Injectant 
Service items expended 
Heat shield jettisoned 
Core stage propellant consumed 
Vehicle weight at SRM cutoff (lb) 
SFtM weight at separation 
Thrust-to-weight ratio at lift-off 
Vacuum thrust (lb) 
Vacuum specific impulse (sec) 
Weight at SRM separation 
Core stage propeumt capacity 
Propellant consumed (after SRM cutoff) 
Vehicle weight at stage cutoff 
stage weigbt at separation 
2 340 000 
232 
I 
500 709 
I. 687 
532 000 
299 
1387 272 
842 960 
14 561 
9 089 
513 
19 440 
500 709 
153 953 
346 756 
251 523 
232 082 
114 674 
17 197 I 
I 
TABLE III-2. (Continued) 
II 
Parametersa 
Vacuum thrust (lb) 
Vacuum specific impulse (sec) 
Weight at ignition 
Standard payload fairing 
Propellant consumed 
Vehicle weight at stage cutoff 
Stage weight at separation 
Gross  Payload 
Weight to be subtracted 
Flight performace reserves 
Astrionic equipment 
Total weight to be subtracted 
Net payloqd 
Engine Characteristic 
~ 
100 893 
310 
Weight 
(lb) 
97 477 
2 310 
64 967 
30 200 
6 978 
23 222 
1 500 
800 
2 300 
20 922 
a. 9 M e g r e e  azimuth angle lift-off. 
i - -  ' . - 
1. Titan IIIC Payload Fairing. 
a. 
The building block concept for this fairing is illustrated in Figure 
Basic configuration. The Titan IIIC UPLF is 10 feet in 
diameter. 
111-9. A 9-foot-long nose module and a 6-foot-long base are assembled to 
build a 15-foot UPLF. Longer lengths, up to 50 feet, may be assembled by 
utilizing the nose, base, and one o r  more 5-fodt-long cylindrical, or inter- 
mediate, modules. A 40-foot-long baseline configuration for this mission is 
shown in Figure 111-9. The UPLF is divided longitudinally into three sections 
as shown in Figure 111-io. Each longitudinal joint contains a contamination- 
free separation system. The major characteristics of the fairing are described 
in the following paragraphs: 
(1) Nose section. The nose section has a 45-inch-radius 
hemispherical nose, a cone with a 15-degree slope, and a cylindrical section 
i foot long. This section is of monocoque construction, with aluminum skin 
and ring frame stiffening. 
( 2 )  Midbody modules. The 5-foot cylindrical modules consist 
of aluminum skin, ring frames, and external hat-shaped stringers. 
configured in three basic type modules: a forward unit containing the air- 
conditioning inlet, a standard lightweight module, and a version of increased 
structural load capability. The increased strength is provided by thicker gage 
stringers and closer rivet spacings. The lighter modules are used in the 
upper portion of the midbody and the stronger modules are used in the lower 
region. 
They are 
( 3) Base section. The 6-foot base, like the 5-foot cylindrical 
module, is made of aluminum skin, ring frames, and external hat-shaped 
stringers. In addition, there are eight machined longerons and tension hooks 
to provide tension and compression load capability. An access door, 2 feet by 
2 feet, is provided in each section of the base to allow access to the PLF 
systems and the payload compartment. The fairing ai;--conditioning inlet is 
also installed in a 2-foot by 2-foot door. There is also a large standard access 
door in the nose of Trisection I11 to provide payload access. All doors are 
structural doors to provide continuity to the structural shell, 
(4 )  UPLF separation subsystems. The UPLF separation 
subsystems include the base separation shear pin system and the longitudinal 
thrusting joint that stages the PLF trisections. The longitudinal thrusting 
joint is activated by an electroexplosive detonator which initiates a linear 
explosive contained in a flexible bellows. The thrusting joints run the length 
of the fairing from the base to the nose. Initiation causes the gas to inflate 
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Figure III-9. PLF building block concept (HEAO-A PLF configuration). 
Figure III-io. PLF separation. 
- . .- 
the bellows which, upon expanding, shears the structural rivets and parts the 
trisections. 
( 5 )  Thermal characteristics. The PLF is designed such that 
no point on its internal wall  exceeds 300" F. Internal surfaces of the PLF have 
an emissivity less than 0. 30 to minimize aerodynamic heating heat flux to the 
payload. Thermal protection is provided by external insulation, 
(6) UPLF/launch vehicle assembly. The UPLF is assembled 
to lhe launch vehicle in three longitudinal sections as shown in Figure 111-10. 
The assembly is accomplished at the launch pad after the payload has been 
assembled on the launch vehicle. 
b. Modifications for  Titan IIID. The basic fairing wil l  be modi- 
I'icd :it the 6-foot base section to provide a load introduction at  36 points to 
match the 36 stringers of the Titan IIID forward skirt  at Station 220. Also, 
the Stage I1 forward skirt  would require an increase in frame size. One 
concept for these modifications is illustrated in Figure 111-8. The structural 
load capability of this combination is shown in Figure 111-11. It is probable 
that the fairing strength will exceed that shown after the 36-stringer 
modification. Further analysis and definition of both the structural modification 
concept and the structural load capability of the final design selected must be 
accomplished in a Phase B definition effort. 
c. Payload dynamic envelope. The basic payload dynamic 
envelope is shown in  Figure III-12. Based on a conservative estimate of the 
structural and dynamic characteristics of tho modified Titan IIIC UPLF, a 
nizutimum payload dynamic envelope of 107.27 inches was selected (Ref, 1). 
E. Payload Environment 
1. Flight Loads. On the recommendation of the Martin-Marietta 
Corporation, Denver Division, the conceptual designs developed in this study 
w e r e  based on maximum load conditions of 6.0 g's longitudinally at burnout 
of Stage I and I. 5 g's laterally at lift-off. Additional iterative loads analysis 
wi l l  be required during follow-on study phases when the payload is more 
clearly defined. Individual components, e. g. , antennas, will  experience 
substantially higher acceleration loads. 
.. . I 
2. Interior Acoustic>, The predicted maximum interior acoustic 
levels for the payload are shown in Figure 111-13. The acoustical environments 
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Figure 111- 13. Predicted maximum interior acoustic levels. 
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shown are based on extrapolation of measured data obtained from flights of the 
Titan IIIC vehicle and wind tunnel test programs. 
based on the following assumptions: 
The data presented are 
a. The payload fairing does not include thermal and/or acoustic 
insulation. 
b. The maximum dynamic pressure (q max) will  not exceed 
900 pounds per square foot. 
Extrapolation from measured internal acoustic data together 
with external measurements on Titan IIIC flights have permitted the establish- 
ment of external/internal noise reduction levels for both launch and transonic 
periods of flight. These noise reduction values were applied to the predicted 
external levels to obtain the predicted internal acoustic levels shown in 
Figure 111-13. These levels are considered to be conservative since they are 
based on the maximum external levels measured during Titan IIIC flights. 
3. Vibration. The vibration environments are based on data 
measured during flight tests of Titan IIIC. 
vibration levels transmitted to the payload from the Titan IIID. 
Figure 111-14 presents predicted 
4. Shock. The shock environments specified a re  from pyrotechnic 
devices used to separate the payload fairing and the payload. Data on which 
these shock environments are based were taken during various ground tests 
conducted by the Martin-Marietta Corporation and associates. The shock 
environment due to payload fairing separation is based on data from the 
Titan IIIC fairing, and is given in Figure 111-15. 
assumed to consist of eight explosive nuts at  the payload/payload t russ  inter- 
face, generating levels as specified in Figure 111-16. 
near the explosive nut and their location at the interface, a curve showing 
shock attenuation with distance is given in Figure 111-17. 
The payload separation is 
Due to the high levels 
Additional analysis and reevaluation of data shown in this para- 
graph will  be necessary when the payload is more clearly defined and more 
details of the payload support truss structure design are available. 
5. T e m p e r a t u s  There are  three primary temperature conditions 
that may impose design constraints on the payload under consideration. These 
conditions are as follows: 
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Figure 111- 14. Random vibration specification at payload interface, 
launch and flight environment. 
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Figure III-15. PLF separation shock level at PLF to PLF adapter interface. 
Figure III-16. Shock response spectra explosive nut shock 
(with 5-percent damping). 
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a. Prelaunch. A f t e r  the payload is erecbd ,  the environmental 
enclosure at the launch facility provides the followfng environment: 
Temperature : 72" F 5' F 
Relative HumidiQ: 5O-p6rcent maximum 
Positive Pressure: 0.25 inch of H20 minimum 
Filtration: %-percent efficiency when tested 
with atmospheric dust per National 
Bureau of Standards test 
A f t e r  MST removal, the payload fairing with the payload inside 
would be exposed to ambient conditions for 2 to 3 hours prior to launch. Solar 
heating is a major temperature variable which is partly compensated for by an 
air-conditioning umbilical. 
b. Ascent phase (with payload fairing). The fairing is desibmed 
to protect the payload from aerodynamic heating during ascent with an internal 
surface temperature c 300" F. Figure 111-18 shows a typical payload fairing 
temperatures versus flight time curves. 
F. Launch Operations 
1. ETR Existing Facilities. The Titan facilities at the ETR are 
shown and described in Reference 2. In addition to the SRM segment receiving 
and processing facilities , ITL consists of the Vertical Integration Building 
where the core (Stage I and Stage 11) is placed on the transporter and checked 
out; the SMAB, where solids are added to the core on transporter; and the two 
launch pads. This mobile mode of operation can provide quick turnaround 
capability. On-pad assembly of the launch vehicle can also be accomplished. 
2. Tilan IIID/Centaur. A NASA application of the Titan IIID vehicle 
wilh Centaur is now underway for  the Pioneer-G and Viking missions. The 
Titan IIID/Centaur vehicle is derived by mating Centaur to Stage I1 of the 
Titan PIID vehicle. Launch Pad 41 will be modified to meet a launch date of 
the first Titan IIID/Centaur in the last quarter of 1972. Use of this pad for 
the HEAO niission would avoid mixing the Titan IIID mission with the Titan IIIC 
launches from Launch Pad 40, and would benefit from previous modifications 
at Pad 41 for the Titan IIID/Centaur. 
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Figure III-18. Typical PLF temperature versus flight time. 
3. Tlaqnch _ -  ComjlexM-difications. The launch complex requires 
minimum modifications resulting Srom astrimics changes and implementing 
of Titan IIID because the facility will have previously been adapted to the 
Titan IIIC and the Titan IIID/Centaur vehicles. Minor changes to the launch 
tower may be required for umbilicals. Additional studies are required to 
define these modifications, but no major impact is anticipated. 
4. &ace Vehicle -_--- Assemba. The Titan IIID launch vehicle will be 
checked out on Launch Pad 41 prior to the integration of the spacecraft and 
payload adapter on top of Stage Il. The payload fairing is then added to the 
space vehicle and necessary checkout functions performed by the spacecraft 
integration contractor under the direction of KSC; Additional studies are 
required to define the on-pad assembly processes required for the HEAO 
missions. 
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SECTION IV. ORB IT SELECTION AND 
OPERATIONS 
A. Orbit Selection N70-2290q 
Preliminary analyses accomplished early in the study led to  the 
adoption of a 200-n.mi. , 28.5-degree inclination, circular orbit for the base- 
line IiEAO-A mission. Subsequent analyses have indicated that this initial 
orbit selection, although feasible, is not necessarily optimum. Detailed 
mission and systems trades will  be required during the follow-on Phase B 
effort to select the optimum orbit. 
There are many considerations affecting spacecraft orbit selection. 
Onc of the primary questions is how high the orbit must be to  guarantee a i- 
year lifetime. A t  the same time, if the chosen altitude is too high, the launch 
vehicle may not be able to carry enough payload. The accurate detekmination 
of orbit lifetime for various candidate spacecraft configurations and for various 
possible orbits thus becomes a major factor in choosing the optimum orbit 
for the HEAO-A mission. Other mission constraints which are important in 
selecting the proper orbit a re  discussed in the following paragraphs. 
I. Orbit Lifetime. One of the primary considerations in choosing the 
orbit of the HEAO-A satellite is the requirement of a lifetime of 1 year. The 
lowest possible orbit altitude, subject to this constraint, is desired so that 
( 1 ) maximum payload may be placed into orbit, and ( 2) poseible interference 
by the South Atlantic Anomaly on the scientific instruments may be avoided o r  
in inim ized. 
For relatively close-earth satellite orbits, lifetime is primarily 
:I function of the aerodynamic drag. Drag, in turn, depends upon the atmos- 
pheric density and the characteristics of the satellite (mass,  drag coefficient, 
and area). 
a. Atmospheric density. The accurate prediction and calculation 
o f  ahnospheric density has been a subject of muoh investigation since the 
hunching of the first satellite. It has been discovered that radiation from the 
sun in the extreme ultraviolet region (EUV) has a very pronounced effect on 
density at altitudes above 120 km (64.7 n. mi. ). The intensity of this radi- 
ation is dspendent upon the general level of activity on the em, one common 
measure of which is sunspot number. Sunspot numbers exhibit large, some- 
what random variations from day to day, but also show a very clear cyclic 
pattern, over the years, with an average length of 11.08 years. 
There presently exist two types of problems in computing 
future values of density caused by the sun's heating of the atmosphere. "he 
first is acquiring a complete understanding of the mechanisms by which density 
is increased with an increase of solar radiation. Many scientists have 
addressed themselves to the problem, with the anticipated results of several 
theories now being available. It is therefore highly desirable to use the theory 
which best matches experimental evidence when computing density. 
Table IV-I demonstrates the amount of disagreement that can 
be obtained in computing orbit lifetime because of the choice of density theory 
(or density model). Here, nine satellites which decayed somewhere near 1 
year after evaluation of orbit elements are shown. The computed lifetimes 
based upon six different density models are also presented. Notice that for 
satellite 19G2 sigma, with an,actual lifetime of 492 days, the computed life- 
times vary between 152.8 and 531.3 days. 
The second problem in computing future values of density is, 
of course, the problem of predicting future levels of solar activity. This 
mystery has existed and has been investigated since the cyclic nature of solar 
activity was first discovered. Here again, there a re  several theories available 
which may be used to make a forecast. Unfortunately, none a re  practical for 
accurate forecasting of daily variations in activity level, and only a few are  but 
barely adequate in predicting the yearly mean. The accuracy of prediction 
methods, moreover, is of such poor quality that it represents the only e r ro r  
source which needs to be considered when predicting orbit lifetime, provided 
state-of-the-art techniques are  employed elsewhere where applicable. 
An example of a ttgood't prediction on an actual past cycle is 
shown in Figure IV-I. The actual data of sunspot cycle number I 1  are shown 
with the nominal, f 2a forcasts of the cycle, based on a 1-year knowledge of 
the cycle. (The prediction was made with data that would have been available 
1 year after the start of the cycle. 
in the region of maximum activity, but improves in the region of minimum 
activity. 
Notice that the forecast is quite uncertain 
h u n c h  of the first HEAO satellite is expected in March 1974. 
A t  this time, a period of near-minimum solar activity is predicted, as shown 
in Figure IV-2. This figure presents an atmospheric heating parameter 
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TABLE IV-1. VARIATION OF COMPUTED LIFETLMES (DAYS) WITH DENSITY MODELS 
Standard 
Satellite 
195862 
19586 
195962 
1961 E 
1961[ 
1961h 
196 lh2 
1961ac 
1962a 
I t  Special 1962 1 Actual 
Lifetime 
364.4 
180.8 
359.6 
602.9 
486.6 
391.6 
468.3 - 
435.3 
490.8 
404.1 
197.7 
362.0 
525.5 
422.6 
372.9 
391.2 
394.3 
492.0 
' 363.2 
176.3 
327.0 
463.8 
407.9 
307.3 
373.7 
353.5 
420.9 
I 
1 
Poe 
Density 
369.4 
174.6 
349.8 
404.6 
369.8 
263.0 
399. I 
366.2 
392.4 
Density 
431.1 
202.4 
330.0 
237. I 
234.9 
157.0 
247.9 
184.9 
152.8 
1966 Jacchia 
357.0 
172.4 
324.0 
573.0 
445.3 
367.6 
389.5 
386.4 
531.3 
which is a measure of the effect of solar activity. The heating level near I 0 0  
represents a sunspot number of zero. Since the sunspot number cannot drop 
below zero, the -2a level of heating parameter cannot go below 100. 
- 
Configuration 
I 
I1 
I11 
b. Satellite physical characteristics. Three parameters are 
important in describing the HEAO-A physical characteristics when computing 
lifetime: mass, drag coefficient, and reference area. The weight of the 
HEAO-A was assumed to be the total payload capability for the baseline 
orbit, 20 920 pounds. 
_._ - _ _  - 
r 
Lifetime (days) 
- 
Ballistic Coefficient (M/CDA) 
- 
Slugs/ft2 
Max Min 
- __ - 
1.585 i. 21 833 
1. 44 0.725 681 
1. 14 0.816 531 
- -  
Drag coefficients were calculated for three proposed config- 
urations of the HEAO-A satellite, as shown in Figures IV-3, IV-4, and IV-5 
(Configurations I, Tc, and 111, respectively). The coefficients were computed 
assuming free molecular flow with diffuse reflection at an altitude of 200 n. mi. 
The angle-of-attack (shown in the figures) is defined to be in the plane formed 
by the X and Z axes. The plane of spin is parallel to the XY plane. For a 
given angle-of-attack, the vehicle spins parallel to the XY plane so that the 
drag force is continually changing. To account for this variation, drag 
coefficient was  averaged over one revolution of the satellite for each angle-of- 
attack. The resulting drag coefficients a r e  presented in Figures IV-6, IV-7, 
and IV-8. The reference area upon which these numbers are based is 55.946 
square feet. 
c. Lifetime results. The predicted orbit lifetimes for three 
proposed configurations of the HkAO-A satellite in a circular 200-n. mi. , 
28. 5-degree inclination orbit, assuming a 2a high level of solar activity and 
using the 1962 Special U. S. Standard density model, are given in Table IV-2. 
As given in Table IV-2, Configuration I has the longest lifetime, and Configura- 
tion III would remain in orbit the shortest time. 
TABLE IV-2. PREDICTED ORBITA I, LIFETIME 
4 -4 
Using the data for Configuration 
determine the minimum altitude orbit necessary 
I, a study was  conducted to 
to ensure a 1-year lifetime. 
Results a r e  shown in Figure N-9 for inclinations between 0 and 90 degrees. 
For a 28.5-degree inclination, the minimum altitude is slightly greater than 
183 n.mi. The lowest altitude required is for an 80-degree inclined orbit, 
with a 179.3-11. mi. altitude. The highest altitude required is for a O-degree 
corresponding to points on this curve a re  approximately 550 days. 
I inclination orbit with a 184.6-n. mi. altitude. The nominal lifetimes 
Figure IV-IO shows the nominal, *2a decay histories for a 
200-n. mi. 28.5-degree inclination orbit. The lifetimes are  833 days for the 
-2u, 1075 days for the nominal, and 13 15 days for the +2a prediction. The only 
e r ro r  source considered in obtaining this spread of decay is that caused by the 
unccrtainty in predicting future levels of solar activity. The 2 0  high forecast of 
activity would produce the 2 a  short lifetime. 
For the 200-n. mi. orbit, Figure IV-11 shows how lifetime 
varies with inclination, and the nominal and -20 lifetimes are given. The - 2 0  
curve varies from a low of 762 days at  0 degree to a high of 980 days at 
80 degrees. 
Finally, Figure IV-I2 presents the apogee/perigee combination 
required to provide a 1-year lifetime for various types of orbits. 
types vary from a 183-n.mi. circular to a 140 by 266-n.mi. elliptical orbit. 
Orbit 
2. Launch Vehicle Tr4ectory and Payload Capabilities. Parametric 
data for the paxoad capability ofboth the Titan IIID and Titan IIIC launch 
vehicles a re  presented in Appendix B of Volume 11. Those curves which best 
illustrate the interaction between orbit selection and vehicle performance are 
discussed here. 
Figure IV-I3 shows the net payload as a. function of orbital altitude 
for the Titan ILIC and Titan IIID launch vehicles. For these missions, the 
trajectories w e r e  direct ascent to a circular orbit with an inclination of 28.5 
degrees. Both vehicles have about the same capability for about 110-n.mi. 
circular orbit; but for a 200-n. mi. circular orbit, the Titan IUD can insert 
20 920 pounds, while the Titan IIIC can insert 25 420 pounds. 
Figure IV-14, in conjunction with Figure IV-12, shows the capability 
of the Titan IIID to inject into an elliptical, rather than a circular, orbit. 
Figure IV-I4 is  u graph of net payload versus perigee altitude for the Titan 
IIID h u n c h  vehicle. The trajectories were direct ascent to an elliptical orbit 
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with an apogee altitude sufficient for a 1-year lifetime at an inclination of 
28.5 degrees. The apogee altitudes which<:meet his requirement a re  given 
in Figure IV-12. For ,example, the Titan :XCD oould inject 22 360 pounds into 
a 183-n.mi. circular orbit, o r  25 790 pourids into a 140- by 266-n.mi. elliptic 
orbit. 
Finally, Figure IV-I5 shows the penalty involved for inserting into 
an orbit with an inclination different from 28.5 degrees. For these missions, 
the trajectories w.ere direct ascent to 100-, 200-, and 300-n. mi. circular 
orbits, with and without yaw steering. For the northerly launch, the vehicle 
was launched with a 45-degree azimuth, and yaw ateeriag was initiated at 90 
seconds after liftoff. Net payload would be reduced by 2000 pounde for 
inserting into a 60-degree inclination rather than a 28. !%degree inclination, 
200-n. mi. orbit. 
The Titan IIIC provides superior payload capability because of the 
Transtage, which has a restart capability. Some of this deficit for the Titan 
IIID, which has no restart  capability, could be made up by using a kick stage 
on the spacecraft. Use  of a circularizing kick stage is discussed in Appendix 
G of Volume II. 
There a re  launch vehicle tradeoffs other than payload which should 
be considered when choosing an orbit. For instance, the added complexities 
of a yaw maneuver on the guidance system may be important for high-inclination 
orbits. Also, range safety characteristios will vary with orbit parameters. 
Table IV-3 summarizes payload capability alternatives for a 
28.5-degree inclination orbit having a minimum lifetime based on a +2a solar 
activity of 833 days. 
Table IV-4 summarizes the payload capability alternatives for a 
28.5-degree inclination orbit having a minimum lifetime based on a +2a solar 
activity of 365 days. 
3. Experiment Interference From the South Atlantic Anomaly. The 
most serious radiation problem which will  be encountered by any low-altitude 
orbiting spacecraft is in the South Atlantic Anomaly. For an orbit with a 30- 
degree inclination, nearly all of the particle flux encountered will be localized 
in the anomaly region. 
The term "c?nomalyff is rather a misnomer. A cross section of the 
earth's radiation belts, shown in Figure N-16, illustrates the actual reason 
for the anomaly; i. e. , an asymmetry of the geomagnetic field with respect to 
the geographic axis of the earth. Not only is the magnetic axis inclined to the 
polar axis, but it is also displaced at  the center of the earth by approximately 
T A B L E  IV-3. PAYLOAD CAPABILITY ALTERNATIVES FOR A 
28.5-DEGREE INCLINATION ORBIT WITH MINIMUM LIFETIME 
OF 833 DAYS (+20 SOLAR ACTIVITY) (CONFIGURATION I)  
- 
Alternatlvsr 
- 
Tim XIID dlrect amcent to 
2004. ml. alrarnlar orbit 
T1t.n IIlD Hohmam tranafer 
from 90- to 200-n.ml. 
oiraulu orblt (solid rocket kick 
rtage on epacecraft ) 
Titan IIIC direct ascent to 
200-11. ml. circular orbit 
Titan KLIC Hohmann transfer 
from 90- to 200-n.mi. 
circular orblt 
~ . _ _  
20 azo 
27 680 
26 420 
26 900 
T A B L E  IV-4. PAYLOAD CAPABILITY ALTERNATIVES FOR A 
28.5-DEGREE INCLINATION ORBIT WITH MINIMUM LIFETIME 
O F  365 DAYS (+20 SOLAR ACTIVITY) (CONF'IGURATION I )  
A lteruatlvw 
. . ___ . . 
T l t ~  LIID direct ucsot b 
189-n. ml. orbit 
Titan IUD Hohmann transfer 
from SO- to 183-n.mi. 
circular orbit (eolid rocket kick 
stage on epacecraft) 
Titan IIIC direct ascent to 
183-11. mi. circular orblt 
Titan IIIC Hohmann tranafer 
from 90- to 183-n.mi. 
circular orblt 
Titan IUD dlreot ament to 
140 by 200-n.ml. elliption1 
orbit (366-dny Iifetlmo) 
- - -  - 
Payload (Lb) 
za sso 
27 700 
26 860 
27 490 
26 180 
-. . 
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342 kilometers (184 n. mi. ). This displacement dauses the inner radiation 
belt to be displaced toward the earth's surface in the South Atlantic at 30-35 
degrees West longitude and 35 degrees South latitude; this location is the 
South Atlantic o r  Brazilian Anomaly. In this area, the inner belt dips down 
to within 200 kilometers (108 n. mi. ) of the earth's surface. A more detailed 
discussion of the South Atlantic Anomaly is given in Appendix C of Volume II. 
it is seen that the majority of flux above 500 keV is composed of electrons. 
The primary effect on the mission of this large electron f lux (> loB particles/ 
cm2/day) would be upon the gas proportional counting devices which record 
radiation in the 0- to 500-keV range. The assumed upper limit of the count- 
ing rate for these counters is I@ counts/cm2-sec. Above this rate,  saturation 
occurs and data are not relevant. Thus, data cannot be taken during the time 
when the spacecraft is in that region of the anomaly where the count rate is 
greater than I@ counts/cm2-sec. One effect of the anomaly on the mission 
is therefore a loss of data during those periods, 
by the spacecraft passing through the anomaly has been determined for various 
orbital altitudes and inclinations. For those calculations, it was  assumed 
that particle fluxes greater than IOs particles/cm2-sec at energies greater 
than 500 keV would completely saturate the instruments. Figure IV-17 
depicts the experiment dead time for a count rate greater than I@ counts/ 
cm2-sec as a function of orbit altitude. For the 200-n. mi. orbit, this gives 
a dead time of 4 . 2  percent which would amount to 3.9 minutes per orbit. 
Figure IV-I8 shows experiment dead time for orbit altitudes as a function of 
orbit inclination. Percent dead time increases from 0 percent at  a 17-degree 
inclination to a maximum of approximately 22 percent at a 72-degree incli- 
nation for the 200-n. mi. altitude. Because of the unsymmetrical shape of the 
anomaly with respect to the orbit path, the f lues  which the spacecraft will  
encounter will  vary in magnitude and duration from orbit to orbit. Approxi- 
mately half of the orbits will experience very small fluxes, and hence the 
experiments will experience no dead time then. Maximum dead time expected 
for any single revolution of the baseline orbit would be approximately 15 per- 
cent, or 14 minutes. 
An elliptical orbit for the HEAO spacecraft may be considered as 
n means to increase the orbital payload for the Titan IUD launch vehicle. 
Figure 1V-19 presents estimated experiment dead time (as compared to base- 
line mission) as a function of the perigee altitude of an elliptic orbit which 
wil l  maintain a lifetime of at least I year. The apogee altitudes corresponding 
to these perigee altitudes are given in Figure IV-12; e. g. , experiment dead 
time is approximately 4 percent for a 183-n. mi. circular orbit and 5 percent 
for a 140- by 266-n. mi. elliptical orbit. 
tho average dead time does not vary greatly over the range of orbits con- 
sidered for the spacecraft. 
From the data presented on integral particle flux in Appendix C, 
Preliminary calculation of average experiment dead time caused 
From this figure, it appears that 
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4. Ground Station Coverage. A detailed discussion of the communi- 
cations requirements between the spacecraft and ground stations is given in 
Section X. The STADAN network is presently being considered for data receipt. 
In this network, the Rosman, North Carolina station may be used as the 
control center. It will thus be desirable to obtain as much communication time 
as possible with this particular station as well as with the STADAN network 
in general. 
The orbit parameters selected for the HEAO-A mission will 
influence the amount of tracking time by the STADAN network. In general, 
thc higher the orbit altitude, the longer the contact times obtained for each 
slntion. A change in orbit inclination can greatly affect the amount of contact 
time with Rosman. For instance, a 200-n. mi. orbit with an inclination less 
than 20 degress c"mot communicate with Rosman. 
5. Sun and Star Occultation. The sun anti specific stars will be 
blocked from view by the earth during various portions of the orbit. When the 
s u n  is shadowed, a loss of power from the solar panels is experienced. The 
occultation of various s tars ,  o r  portions of the celestial sphere, will  result 
in ;i loss of data for that time period. Appendix C of Volume 11 presents a 
iiiorc detailed discussion of the occultation variation with orbit parameters. 
Within the realm of orbit parameters presently being considered, occultation 
does not appear to be a major factor in regards to orbit selection. 
6. Conclusions. This section outlined some of the more important 
factors to be considered when selecting the orbit for the HEAO-A mission. 
Of primary concern is to place the maximum amount of payload into an orbit 
which wil l  guarantee at  least a I-year lifetime. It is highly desirable to 
minimize experiment interference by the South Atlantic anomaly. It is 
desirable to maintain maximum communication time with the STADAN 
network, and in particular with the Rosman, North Carolina, station. It is 
iiiiportant to keep account of the occultation characteristics of the orbit. 
Detailed trade-off studies are required in the Phase B effort to select the 
optimum orbit based upon these considerations. 
B. Orbital Operations 
1. Initial Orbital Operations. The first mission operation is to place 
the satellite into the specified orbit a t  the correct time. As a result of 
injection, the longitudinal axis of the spacecraft is initially parallel to the 
direction of motion. Several operations must now be accomplished before the 
vehicle is ready to begin the job of data collection. The major sequence of 
events for the launch-to-orbit phase is summarized in Table N-5.and 
Figure IV-20. 
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TABLE VI-5. HEAO MISSION SEQUENCE FOR LAUNCH PHASE 
T-3 sw 
T- 0 
, 
~ ~ 
b e n t  Description 
Update stored commands 
T+53 sec 
T+121 sec 
' T+253.7 sec 
T+283.7 sec 
TN53.3 sec 
(EOI) 
Initialize satellite-to-launch 
mode 
Umbilical release 
Launch vehicle ignition 
Liftoff from Cape Kennedy 
at 90-degree aqimuth 
Maximum dynamic 
pressure region 
Stage separation 
stage ID staging 
Jettison payload shroud 
Earth orbit insertion; 
Stage II cutoff 
Mission Operational and Satellite System Requirements 
Update satellite stored commands; charge onboard 
batteries. 
Switch from external to onboard power; turn on G&C 
power, turn on and check beacon and S-band communi- 
cations system. 
TVC system must be capable of nulling out any mis- 
alignments during this critical phase of the trajectory. 
a 
Transmit satellite engineering data; arm pyrotechnics. 
It is first necessary to correct e r ro r s  wheze possible and adjust 
transients in the vehicle because of anticipated imperfections of the boost/ 
injection sequence. Some of these corrections will have to be completed prior 
to the  initiation of the solar vector acquisition sequence; others may contipue 
as more sequences are started. Vehicle launch time should be planned so that 
after all necessary corrections are made, the vehicle will be entering sunlight. 
This constraint is not mandatory, but is desirable to reduce the initial dis- 
charge demand on the batteries (during prelaunch and launch phase). The 
solar panels will  begin to furnish power and recharge batteries as soon as 
possible. Also, spacecraft thermal equilibrium should be achieved more 
quickly, thereby reducing heater and startup power requirements and the 
initial load on the power system. 
Figure IV-21 provides a schematic representation of the operations 
during the first orbit. Af te r  compensating for injection transients, the 
spacecraft should be ready to acquire the sun. Initial acquisition is made 
with the coarse sun sensor, and the vehicle rotated so that the spin axis 
( Z  axis) is pointed toward the sun. The satellite is held in this attitude for 
two orbits, allowing enough time to assure that batteries are fully charged 
prior to initiating deployment o r  startup of equipment that may require 
large peak power. 
g 
Figure IV-22 provides a schematic representation of operations 
during the second through the seventh orbit. With the batteries fully charged 
and the solar array oriented, enough power is available to begin spinning the 
flywheel. I t  is expected that flywheel spinup will require 3 times the maximum 
electrical load as normal flywheel operation and will require from 4 to 6 
orbits (up to 9 hours). A s  the electrical load stabilizes, the power available 
increases and the various experiment equipment and supporting systems may 
be started. Initial checks of their operational status should be conducted as 
the load permits. 
The final step of the initial orbit operations is to spin the space- 
craft up to its nominal rate of 0. I rpm. Once the spin rate has been achieved, 
and all tquipment and systems checked out, the vehicle is ready to begin the 
n1:ijor function of data collection. 
2. 
I I ~ C  major orbital operation-ry for the satisfactory completion of the 
mission. The first  30 days are planned for an initial mapping of the galactic 
Ikinc, discussed in more detail later. During this time, the satellite will  be 
opCr;iCing in :i galactic scan mode (Fig. IV-24). A maximum offset angle of 
37 dcgrccs from the solar vector is anticipated. The optimum means for 
scmning the galactic plane dictates a launch date of either September 7 or  
Major Orbital Operations. Table IV-6 and Figure IV-23 summarize 
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TABLE N - 6 .  HEAO MISSION SEQUENCE FOR ORBIT PHASE 
Time, EO1 
O t o 5 m i n  
5 to 15 min 
15 to 165 
min 
2 3/4 to 
5 314 hr 
5 3/ 
14 hr 
Event Description 
nitiate S/C separation 
sequence 
3/C stabilization 
Earth orbit coast 
orbit determination 
C el- tial reference 
acquisition 
Flywheel s p ~ - u p  
experiment & system 
checkout 
Mission Operational and Satellite (S /C ) System Requirements 
Initialize G&C system with transfer of data from launch vehicle 
computer receive separation command. Perform release and separa- 
tion (AV - 2 ft/sec); launch vehicle maintain attitude hold for 
separation. 
Necessary action is now initiated to correct or adjust all errors o r  
transients which have occurred to the S/C caused by orbit insertion. 
The time necessary to col'rect these transients, which must be re- 
moved prior to solar vector acquisition, will determine the launch 
t h e  of day. 
I 
Coast in orbit and make necessary adjustment to assure desired 
orbit is acquired. 
I 
Coarse sun sensor picks up the sun's rays; perform pitch and yaw turns I 
to acquire sun orientation lock with spin axis (Z ). Maintain inertial I 
I' cttitude hold during solar occultation. 
Receive ground command for flywheel spin-up's perform spin-up. A 
total of e 8  1/4 hr  at an average load of 170 watts is required for full 
spin-up of flywheel. The experiment equipment and the various 
supporting systems (data storage and transmission, aspect determina- 
tion, power supplies attitude control, etc. ) are turned on and run 
through initial checks. This phase may continue for the "8 1/4-hour 
flywheel spin-up period as long as  total power available (with over- 
load for flywheel) is not exceeded. '/ 
TABLE IV-6 (Concluded) 
Time, EO1 Event Description 
14 hr to I 
day , & acquire galactic 
S/C spin-up 
scan attitude 
I to 31 
days 
31 to 211 
days 
211 days 
211 to 365 
days 
2nd year 
Galactic Scan 
Celestial scan 
Despin s/c 
Celestial pointing 
Repeat of first 
year operation 
Mission Operational and Satellite (S/C ) System Requirements 
A t  completion of flywheel spin-up, RCS system perform spin-up of 
S/C to nominal 0. I rpm rate about Z axis and orientates S/C for 
galactic scan. 
Upon completion of the initial orbital operation, the S/C is oriented for 
the galactic scan mode. (The RCS must rotate the S/C 37 deg for the 
galactic scan orientation). To scan a galactic band of k8.5 deg, 10 
realignments of the S/C spin axis of "3 deg and one realignment of 17 
deg are required. The maneuvers are  made every 2 1/2 days. 
The S/C is oriented for normal scanning of the celestial sphere. The 
spin axis is aligned with the earth-sun line. This mode is continued 
for 180 days for complete coverage of the celestial sphere. G&C 
system must keep the spin axis aligned with the earth-sun line. 
RCS zeros out the 0.1 rpm S/C spin rate, 2 1/2 orbits for despin of 
S/C, & orientate S/C for celestial pointing. 
Selected areas of major interest are monitored for time periods deter- 
mined by S/C requirement and principal investigators. RCS & mag- 
netic coils will perform S/C orientation maneuvers. There wil l  be a 
minimum of 3 hours allocated for viewing each target. 
The first year sequence of operations is repeated with any modification 
necessitated by experiment findings or equipment failure. 
ll1l11 I I 
March 8. This initial 30-day operation will require major scan axis reorienta- 
tions a t  the beginning and end, with frequent small reorientations throughout 
the period. 
The second through seventh months will be spent in the normal 
celestial scan mode (Fig. IV-25). A l l  experiments and subsystems will be 
operating continuously and sweepiPg the celestial sphere at 0. I rpm scan 
rate. Small reorientations of the spin axis are anticipated to counteract 
effects of drift and sun tracking. A survey of the entire celestial sphere will 
have been completed at the end of this phase. 
For  the eighth throu& twelfth months, the spacecraft will  be 
dcbspun so that individual points of major interest may be monitored (Fig. 
IV-26). 
control system so  that these areas of interest may be located. Again, frequent,  
small reorientations are expected to be required to counteract drift. While  
in this pointing mode of operation, only those experiments on the side facing 
the area of interest can monitor the area. Other experiments could either 
be turned off to conserve power or  used to monitor random points on the 
opposite side of the celestial sphere. A more complete discussion of the 
rationale for celestial pointing is given later. The remainder of the time in 
orbit, as long a8 instruments are operating, will be a repetition of the f i rs t  
through twelfth month sequences. 
Celestial Scan Mode. For determining the areas  of the celestial 
Periodic major reorientations of the satellite will be required of the 
3. 
sphere which will be scanned for a given orientation of the spacecraft spin 
axis, the spacecraft can be considered to be stationary and at the center of 
the celestial sphere. The spacecraft will remain at  the center and during 
celestial scan mode will rotate at 0. I rpm about the earth-sun line. This 
means that in Figure IV-27 the motion of the spacecraft about the earth, and 
even the position of the earth in ita orbit about the sun, has no influence 
except for earth occultations determining the viewing disc of the spacecraft 
on the celestial sphere. The reason for neglecting these positions is because 
of the extremely large distance betwee;! the solar system and the nearest star. 
A s  shown in Figure IV-28, the extreme positions of the earth in its orbit 
about the sun subtends an angle of less than 2 arc  seconds at the nearest star. 
Thus, the only direction that matters, for the celestial scan mode, is the 
direction from earth to sun. 
celestial scan mode is illustrated in Figure IV-29. The viewing disc cuts 
the celestial sphere at  right angles to the ecliptic plane at 90 and 270 degrees 
from the earth-sun line. The viewing disc moves along the ecliptic at  the 
same rate as the earth in its orbit, while the spacecraft makes approximately 
144 revolutions per day. Thus, the instruments will make more than one 
swcep through various points on the sphere. 
The manner in which the celestial sphere is scanned for the 
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Notice that in this mode it will take 6 months to completely cover 
the celestial sphere. If this mode were used to conduct an initial scan of the 
galactic plane during the first 30 days of operations, only a small part of the 
gxl:wy would be covered; as shown in Figure IV-30, the amount scanned 
would bc a function of the launch time. Figures IV-31 through IV-36 depict 
the gnlmtic plane as a band 360 degrees long and approximately 30 degress 
wide (+ 15 degrees from the center). The zero-degree points on the liorizontnl 
scalc s tar t  at the intersection of the galactic plane with the ecliptic plane on 
the ":tscending" side. Prominent stars are indicated on each strip by darkened 
circles with their  names immediately above o r  below. Constellations are 
indicated by open circles and numbers to provide their names, both Latin and 
Ihglish. The names corresponding to each number are given in Tables IV-7 
:md IV-8. Each strip on these figures has shaded areas which represent the 
amount of coverage of the galactic plane during scanning. For instance, in 
Figure IV-31, looking at the strip for January, the plane would be swept 
between a line just to the right of constellation 14 and the line just to the right 
of the s ta r  Algol, if scanning started on January I and continued for 30 days. 
Thc plane wouid, of course, also be cut in a similar fadhion 180 degrees away 
for the same time period (the area between the line to the right of Centaur and 
thc line through constellations 3 through 7). Should this type of scanning be 
continucd through 60 and then 90 days, the area between the broken lines 
would bc covered. This se t  of figures shows the type of coverage of the 
gx1:ictic plane that could be obtained for 30-day periods beginning on the f i rs t  
o f  cach month. For this type of scan, it is seen that starting in September or 
March would be the way to obtain the greatest coverage. 
4. Galactic Scan Mode. Most of the X-ray and gamma-ray sources 
lountl to date lie very close to the galactic plane. The galaxy, o r  Milky Way, 
whcn observed through the spring, summer, fall, and winter, is seen to 
encircle the sky and divide it into two approximately equal parts. It  is  
coinposed of many groups, o r  l'clouds,fl of stars that seem to form a bcmd 
:\cross the celestial sphere. Since a high concentration of areas of interest 
I r e  near the galactic plane, i t  is desirable to conduct an initial scan of this 
rcgion as quickly as possible in the early phases of the mission. This 
scmning will provide a great deal of data in a very short period and thus will 
provide insurance should components of one or  more experiments or  of the 
sp:icecr:lft fail a t  any ear ly  time in the mission. 
The baseline concept for the galactic plane scan is described in 
dcttiil in Section XI of this report. This description includes a discussion of 
tlic control system sensors and actuators to be used and their functions. The 
bascline concept provides for scanning a 17-degree belt in the galactic plane 
during a 30-day period, while limiting the maximum solar offset angle to 
37 degrees. 
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TABLE IV-7. NAMES OF CONSTELLATIONS 
1. Monoceros 
2. Musca 
3. Norma 
4. Puppis 
5. Scorpius 
6. Scutum 
7. TriangulumAus 
8. Vela 
9. Vulpecula 
I O .  Ara 
11. Auriga 
12. Canis Major 
13. Carina 
14. Cassiopeia 
15. Circinus 
16. Crux 
17. Cygnus 
18. Lacerta 
19. Lupus 
20. Pyxie 
21. Sagitia 
22. Sagittarius 
23. Antlia 
24. Apus 
25. Centaurus 
26. Cepheus 
- _  -= - - _  - 
Unicorn 
Fly 
Carpenter's Level 
Stern of Ship 
Scorpion 
Shield 
Southern Triangle 
Sail of Ship 
Fox 
A l t a r  
Charioteer 
Big Dog 
Keel of Ship 
Queen 
Compass 
Southern Cross 
Swan, N. Cross 
Lizard 
Wolf 
Compase of Ship 
Arrow 
Archer 
A i r  Pump 
Bird of Paradise 
Centaur 
King 
Constellations See Figures IV-3 through IV-36. 
0 Stars f 
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TABLE IV-8. STARS 
Vega 
Cap pella 
Castor 
Centaur 
Antares 
Canopus 
Sirius 
A l t a i r  
Deneb 
Algol 
- __ - 
Visual Apparent Magnitude 
0.1 
- 
0.2 
1.2 
0.3 
I. 2 
-0.9 
-1.6 
0.9 
1.3 
3.0 
5. Pointing Mode. In addition to the solar-vector scanning mode, 
which will be used to map the entire celestial sphere, another mode of 
observation will be incorporated into the HEAO mission. Thie additional 
opcrational mode is utilized because in the original mapping of the celestial 
sphcrc, using the celestial scan mode, certain stars or  positions on the sphere 
m:iy prove to be interesting enough scientifically to warrant further study. 
'I'his additional investigation should be carried out after the entire celeetial 
sphere has been scanned by the celestial scan operational mode and the reslults 
c:ircfully studied. The interesting s ta rs  or positions on the sphere which 
roquirc further investigation should be isolated and their locations carefully 
dcfined. To view a particular location on the celestial sphere, for a 
considerable amount of time, the spacecraft will be despun and reoriented for 
thc s ta r  to remain in the sensor's field of view. This fixed orientation will 
bc maintained by an attitude sensing and control subsystem contained in the 
spacecraft for this purpose. This additional operational mode of the space- 
craft is called the celestial pointing mode. 
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The a titude control system on board the spacecraft for ma 
reorientations will be of the reaction jet type. To conserve the propell 
or 
ant 
contained within this system, it is desirable to minimize the attitude control 
firings. It will  therefore be necessary to set up a schedule of the interesting 
st:irs which  are to receive further study. 
The area o r  star on the celestial sphere which may be viewed for 
an extended period of time in the off-solar vector mode is restricted by the 
position of the spacecraft with respect to the sun and the size and orientation 
of the solar panels. The axis of the spacecraft normal to the solar panels 
may be inclined by an angle of 37 degrees from the solar vector and still 
enable the panels to generate enough power to operate all spacecraft experi- 
ments and subsystems simultaneously. This 37-degree angle can be inter- 
preted as forming a cone with a half-angle of 37 degrees in which full operation 
of the spacecraft can be assumed. The axis of the cone is the earth-sun line. 
If a star which requires further study is located outside of this cone, the 
power produced by the solar panels would be less than that required for full 
operation of the spacecraft. This problem could be overcome in two ways. 
Firs t ,  the cone of visibility will rotate around the celestial sphere as the earth 
moves in its orbit around the sun. Thus, most of the points could be covered 
by following a proper time schedule for viewing. Second, for those points 
which do not fall within the 37-degree cone at any time during this operating 
mode, the power loss could be overcome by switching experiments on and off. 
A s  the earth moves around the sun, the spacecraft will  be in a 
different position with respect to the sun at  various times of the year. Because 
of this different orientation, not rll points on the celestial sphere are visible 
to the spacecraft's sensors at any particular time during the year without 
reorientation. A l l  points become visible during the course of the year and the 
orientation of the spacecraft with respect to the sun plays an important role 
in the scheduling of the stars to be studied in the celestial pointing mode. 
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SECTION V. S PACECRAFT DES I GN 
A. General Consideration: N 7 0 - 2 2 g 0 5 
During this study, several competing approaches were examined for each 
' aspect of the mission and hardware design. A concept was selected €or further 
analysis and design; this concept was designated as  the "baeelfne. '( The term 
"baseline" does not infer selection of the concept for final design; it merely 
designates the one to which the most detailed effort was devoted in the Phase A 
study. Unless  otherwise noted, the discussion in'this section applies to the 
baseline. The alternate concepts a re  discussed in the appendixes. 
The primary objective of the mission is to operate a group of X-ray, 
gamma-ray, and cosmic-ray experiments in earth orbit aboard an automated 
spacecraft for I to 2 years and perform Celestial scanning and pointing 
maneuvers. The specific experiments to be flown on this mission have not been 
chosen; therefore, a representative group of six soientific experiments was 
selected as  the basis for spacecraft design. Total experiment weight is 12 500 
pounds. 
The spacecraft will rotate slowly about i ts  scan axis to permit the 
experiments, which will be hard-mounted to the spacecraft, to scan the 
celestial sphere.  The scan axis will be aligned within i degree of the solar 
vector during most of the mission. Operation of the spacecraft in this mode 
will permit the experiments to scan the entire celestial sphere in 6 months. 
The solar panel area provided on the spacecraft must permit the deviation of 
the scan axis off the solar vector for galactic belt scanning and pointing 
maneuvers while still  sustaining the average electrical load. Off-solar vector 
viewing is necessary early in  the mission to get early data from sources in the 
galactic belt and later in the mission to point the experiments at particular 
celestial iources for uninterrupted viewing. 
To provide the  required orbital lifetime, an initial orbital altitude of 
200 n. mi.  was selected. If a spacecraft having the weight and size of the 
present conceptual design i s  placed into this orbit, its nominal orbital lifetime 
is expected to be approximately 2.94  years, and the probability is only 0.02 
percent that its orbital lifetime will be less than I. 0 year. An orbital inclination 
of 28.5 degrees was chosen for maximum payload, 
1l1111l11l1l1l I I1 I I 
B. Baseline Con figuration 
I. Layout. The major ,variables in spacecraft configuration are the 
experiment location, the solar panel arrangement and location, the structural 
support and arrangement, and the systems layouts. 
. -  
The most significant factor in determining the overall dimensions 
of the baseline configuration is the Titan IIID launch vehicle payload envelope. 
The shroud dimensions dictated a spacecraft roughly cylindrical in shape in 
the launch configuration. To obtain a spacecraft of high reliability, simple 
design, and small aerodynamic drag, the use of a minimum number of moving 
and deployable parts was stressed. These considerations resulted in the 
selection of a baseline configuration having no large foldout members and 
having an approximate cylindrical shape in  flight a s  well as  in the launch 
configuration. The baseline configuration is illustrated in Figure V - i .  The 
alternate configurations a re  discussed in Appendix D. 
The baseline HEAO spacecraft has an octagonal shape. The maximum 
cross-section dimension is I05 inches; the dimension between opposite faces 
is 97 inches; and the width of each octagonal face is 40.2 inches. The space- 
craft length is 30 feet; and the maximum payload design weight is 20 920 
pounds. Three of the octagonal sides a re  covered by solar cells mounted on 
0.375-inch honeycomb sandwich panels. The remaining outer surface of the 
spacecraft is covered by 0.025-inch-thick aluminum sheet, except for 
experiment cutouts. 
The octagonal cross-sectional shape of the baseline configuration 
was chosen for several reasons. Flat surfaces on opposing sides of the space- 
craft facilitate flush mounting the large area X-ray detector modules, The 
ccnter solar panel is  mounted on one of the sides normal to the scan axis; thc 
othcr two solar panels a re  on sides adjacent to the center panel. To generato 
the maxitnum electrical power, a maximum projected array area must be 
provided perpendicular to the solar vector. At the same time, interior volume 
of thc spacecraft must be adequate to contain all t h e  experiments plus the 
rcyuired spacecraft systems. Appendix H gives a comparison of the projected 
arcas available for solar panels for several different spacecraft cross-sectional 
shapes. The baseline power budget is summarized in Table IX-I. The 
octagonal shape provides a large projected side area, flat surfaces for 
crpcriment mounting, and a large interior volume. 
The baseline spacecraft configuration has a relatively high 
hillistic coefficient and, therefore, a long orbital lifetime. One disadvantage 
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of the baseline configuration is that the mass moment of inertia about the 
longitudinal principal Bxis is much lower than the moments about the other two 
principal axes. This results in higher gravity gradient torques acting to 
disturb spacecraft attitude than if the moments about all three principal axes 
wcre more nearly equal. 
One side of the spacecraft will face the sun and will contain the 
solar cells. The experiments will be hard-mounted to the spacecraft, allowing 
thc experiments to scan in a plane perpendicular to the solar vector. Some 
consideration was given to mounting one o r  more of the experiments so that they 
would point along the scan axis away from the solar panels. Such a mounting 
would permit these experiments to point at  a single position in the sky, or  to 
sweep out a band centered in the ecliptic at  the apparent rate a t  which the  sun 
moves, while the  other instruments were scanning at t h e  rotation (scan) rate 
of the spacecraft; however, the disadvantages of this arrangement is that these 
scan-axis-pointed experiments would sweep only a small portion of the  celestial 
sphere during the time that the other instruments a re  sweeping out t h e  entire 
sphere. Also, it is desired that the experiments point in as  few different 
directions a s  possible to facilitate pointing the experiments at specific targets 
with the least number of reorientation maneuvers. Hence, all of the experiments 
are  located to view in the X-Y plane, which is perpendicular to the spin axis. 
The two Bragg crystal X-ray detectors are located in  one end of the space- 
craft. Two of the heaviest experiments (gamma-ray telescope and cosmic- 
ray calorimeter) a re  mounted near the geometric center. The motivation 
for this arrangement is the reduction of the moments of inertia which result, 
This consideration is of particular importance in reduction of gravity gradient 
torques. The location of the next heaviest experiment (X-ray detectors) is 
largcly constrained by the requirement for two viewing directions. These 
constraints a re  discussed in detail in Appendix A. The remaining spacecraft 
volume is available for location of the subsystems. The flywheel represents 
one of the more difficult problems because of its size. 
To reduce spacecraft deflection during launch without increasing 
structural weight, a different packaging arrangement with the hoavy experi- 
tiic!nts inountcd near one end (bottom end during launch) was considered 
(Fig. V-2) ,  although the center-experiment arrangement was kept a s  t h e  base- 
line. The moments of inertia which result a r e  discussed in  a later paragraph. 
The structural considerations a re  discussed in Appendix E. 
5 -6 
I 
Figure V-2. Layout of ;cimline configuration with Mom-mounted experiments. 
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Exhaust impingement on the experiments and solar cells is avoided by the specific 
location and orientation selected. 
An approach has been selected which permits the use of passive 
thermal control and provides flexibility for internal layout of the systems in the  
spacecraft. Passive thermal control i s  provided through use of thermal 
coatings, insulation, and location and packaging of equipment ( a  limited number 
of clectricat heaters will also be required). 
A summary of the  subsystems components to be incorporated in 
the bascline has bcen tabulated and s h o h  in Table V-i. (Columns In th is  table 
wcre left blank where data were not available.) The equipment will.be mounted 
directly to internal equipment-mounting assemblies, Location of subsystem 
conilx,nents is illustrated in Figure V-I. It will probably be necessary to 
thcrmally isolate equipment from the structure to reduce thermal distortion 
and help control temperature. 
The payload support ring on the Titan IIID has 36 holes for attaching 
thc payload to the launch vehicle. The HEAO configurations defined herein have 
8 points available for attaching to the launch vehicles. Therefore, a payload 
truss is provided to support the payload and adapt it to the launch vehicle. 
2. Mass Characteristics ., The mass characteristics are based on a 
total spacecraftweight of 20 920 pounds. This weight was selected on t he  
basis of the launch capability of the Titan IIID vehicle. Thus far, only I 8  884 
pounds of spacecraft weight has  been identified; however, it is expected that the 
weight margin will decrease as  t h e  design progresses. 
Tho IIEAO weight summary is given in Table V-2. Those data do 
not inclutlc selected rctliunclancy which wi l l  probably be recomniended as u. 
rcsult of reliability analyses to be performed lator. A 2036-pound margin 
(10 percent) is available for  growth, but this growth margin wi l l  be partially 
coiisilnwl ;is redundancy is added. 
'rhe system inertias given below are based on the total 20 920- 
Iwiind payload capability, with the margin distributed to each end of the 
spacccraf t. 
Coordinate Systcin. The mass characteristics are defined in terms 
o f  ;I sct  of body coordinntcs, X, Y, and Z,  drawn through the CG of the space- 
craft: 
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TABLE V-I .  SYSTEM EQUIPMENT LIST 
Percent Uni t  Heat O p c r a t i w l  
Operating Dissi ated Tclqcrature 
! U n i t  Power 
A l l &  ( O F )  T i n t  ( U P  
Identification; , Nlnber I Unitl;;ight Uni t  Size 
H d e r  I I Required , ( i n . )  .= 
18 h r s e  Sun sensors 1 1 dlam. a 5f0  5 -10 to 158 
19 Fine Sun sensor f 1  2 1 x 2 I 112 1m 1 -67 to 122 
I100 
1, ,, 20 1 knnlngmt*ort : 1  1 3  4 . 4 1 4  1 4  .4 
TAB LE V- I. ( Concluded) 
Propellant tanks 2 1.5 
Propellant valves a d  llns 2 units 3.5 
Propellant presiuriution 1 46 
t n k  
Propellant pressutization 2 2.5 
valves. lfnes. and reg. 
1 
I I t35 to tjso 
10' d i u .  sphere r/t t35 to +sa 
t35 to *sa 
-65 to +350 21 dim. sphem 
I I +3.i to *350 
TABLE V-2. HEAO WEIGHT SUMMARY 
Experiments 
Gamma-Ray Telescope 
Cosmic -Ray Calorimeter 
Cosmic -Ray Electrons 
X-Ray Detectors 
Medium -Energy Gamma-Ray 
Low-Energy Gamma-Ray 
Electrical Power Svstem 
Solar Panels 
Solar Power Distribution 
Control Distributor 
Power Distribution 
Voltage Supply (Measuring) 
Charger Battery Regulator 
Wiring 
Power Supply 
Measuring Distribution 
Switch Selector 
Attitude Sensing and Controlsystem 
Signal Processor 
CMG ( Flywheel) 
Magnetic Coils, Insulation, & Mounting 
Rate Gyros 
Optical Sensors and Electronics 
Magnetometers & Booms 
Sensor Wiring 
- .. . .-. 
Weight (lb) 
' 2 500 
6 000 
800 
2 650 
2 00 
350, 
12 500 
294 
35 
25 
35 
2 
6 60 
150 
10 
25 
20 
1256  
-
40 
240 
262 
7 
45 
17 
12 
6 23 
-
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Communications and -.  Data Handling Sy stem 
- .  
Antennas 
Power Combiners and Diplexer 
Transmit ters  
Command Receivers 
Command Decoder 
Recorders  
Mu1 t i ple xe r 
Switching Network 
Analog Signal Conditioner 
Diagnostic Logic 
Cable and Connectors 
Propulsion System 
Pressurization Tanks,  Valves, & Reg 
firopellant Tanks and Valves 
Lines 
Thrus te rs  
Misce l l  anem s 
Nitrogen 
I3 ydr azine 
Structures 
Basic Structure 
Skin 
Equipment Mounting Panels 
Payload Truss 
Scpnrntion System 
Separation Joints 
Electronics and Pyrotechnics 
Weight (lbl, 
10 
26 
20 
3 
12 
60 
8 
10 
3 
4 
30 
186 
-. 
5 1  
15 
6 
15 
1 
38 
35 
16 1 
-
2 770 
300 
600 
12 0 
3 790 
-
10 0 
20 
12 0 
-
I 
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Thermal  Control System Weight (lb) 
Insulation 248 
Subtotal 18 884 
Contingency ( I O  + Percent) 2 036 
Total (Titan IIID Capability at 200-n.mi. 20 920 
Altitude and 28.5-degree Inclination) 
-~ - 
( I = 18.51 x I O 6  lb-in.2 
X { Iy = 163.16 x I O 6  lb-in.2 Baseline Configuration 
( Center-Mounted Experiments) 
\ Iz = 171.20 x IO6 lb-in.2 
These inertias result  from the heavy experiments being mounted 
toward t h e  center  of the spacecraft. Inertias associated with the bottom- 
mounted experiments approach a r e  given below: 
I = 17. 12 x I O 6  lb-in.2 
I = 237.39 x I O 6  lb-in.2 
I = 242.96 x IO6 lb-in.2 
X 
Y 
z 
130th m-Mounted Experiments 
Weight ndvantages resulting from this arrangement a r e  given in Appendix E .  
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The distribution of the mass for the EC case resulted in a 1.5- 
degree misalignment between the geometric and principal axes; the misalignment 
occurs in the X-Y plane. For the EB case, the misalignment is 0.4 degree. The 
principal Z axis is aligned with the body 2 axis for both cases. Arrangement of 
subsystems or  components can be varied to improve this misalignment. 
All of the above inertias a re  based on bulk location of the subsystems, 
rather than discrete locations for subsystem components. CG locations for both 
variations a re  given below. The location of the reference axes is shown in 
Figure V-3. 
Axis 
X' 
Y' 
Z '  
~~ 
CG Location ( in. ) 
Experiments I Experiments Center-Mounted (EC) Bottom-Mounted (EB) 
188.90 
- 0 . 6 8  
1.20 
168.40 
-0.17 
1. 40 
The change in the CG is only slight, although the inertia around t h e  
Y and Z axes vary by a factor of 1.4. 
+Y' 
Figure V-3. Position of reference axes for purposes of locating the CG. 
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C. Systems Description/ Integration 
I. General Approach. The basic overall knct ional  requirements for  
t h e  spacecraft to perform its mission (such as performing a scan  of the 
galactic belt) were  analyzed; then the basic requirements were  broken down 
into more detailed functional requirements (such a s  tilting the spin axis out of 
the ecliptic and pointing it at  specific points in a prescribed pattern to perform 
the scan) . End-to-end systems functions were then defined, and preliminary 
systems assessments  were  made, with particular emphasis on how the systems 
could be designed using a maximum amount of flight-proven hardware.  
The major constraints and advantages of different approaches were 
wcighed against each other to help determine the design approach and establish 
the feasibility of a concept. For example, to increase so la r  a r r a y  power, t h e  
:ilq)roacti ot' lowering the temperature of the a r r ays  with heat pipes was 
csaniined and compared with approaches which increased the a r r ay  a r e a  (fold- 
( K i t  panels and lcngthened body). 
The end-to-end systems analyses extended beyond the flight hard- 
ware a rea  to consider such a reas  a s  ground equipment and operations and 
their effects on t h c  flight hardware design. For example, t h e  data management 
s y s t e m  investigation included considerations beginning a t  the source of the  data 
i l l  the experiments o r  spacecraft systems,  extending through the  spacecraft  
data/communication system, the down-link, the ground receiving station, and 
the data processing system, to  final dissemination of the data to the experimenter. 
Orbital altitude and inclination effects on ground contact time were considered 
also.  In some systems analyses, the ground equipment and/or ground operations 
considerations proved to be the strongest configuration d r ive r s  for  cer ta in  
characterist ics of the system; for  example, the  onboard data storage subsystem 
had to be sizcd primarily on the basis  of the data receiving capability in t h e  
ground tracking stations and o n  station contact t imes.  
Lists of equipment i n  each system were  compiled showing est i -  
Ilwtcrl Inwcr requirements and weight a s  a par t  of the integration effort. M n s s  
ch;~ ractcrist ics were gcnerated and major  systems interfaces were annlgzcd 
:ind tlct'inod. Growth and modularity aspects of systems were investigated, 
:mcl considerations of reliable operation and long life were given special atten- 
tion during the study. 
EMC was not  investigated because more  design details  a r e  required 
bct'orc any nieaningful assessment  can be made; however, several  general  
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p1-01)lcm areas  a r e  anticipated. Some of the acporiments have high voltnges 
which :we switched, causing transients in the systems.  
not be possible to operate the magnetic control coils simultaneously with the  
magnetometers because of t h e i r  distortion of the magnetic field near  the 
magnetometers. Magnetic materials in  the spacecraft  must be closely con- 
trolled. There may be a danger of magnetizing the large iron cores of some 
oE the heavier experiments and all  other  ferrous mater ia l  while operating the 
control coils. Most of the experiments in the typical package studied have 
mctal enclosures around them which should help prevent large amounts of 
ra i  intcd electromagnetic energy from entering o r  leaving them. The conducted 
clcctromagmctic cnergy may be more of a problem and may require extensive 
corrcctivc mcnsures. Packing density of experiments and systems in t h e  HEAO 
and cablc routings will have to be examined extensively from an EMC stand- 
I,oint. 
Also, it will probably 
2 .  Systems Identification and Description. T h e  major spacecraft end 
itcnis which a r e  recommended for  t h e  HEAO program a r e  shown in Figure V-4. 
Thc systcms and components for the mockup, thermal-vacuum test ar t ic le ,  
structural  ( static) test art icle,  and vibration/acoustic test art icle a r e  defined 
in Section XIIE. 
flight) IlEAO a r c  shown in  Figure V-4. The spacecraft consists of t h e  following 
systems and subsystems: 
T h e  systcms and components for the  prototype (identical to 
a. Attitude sensing and control system. 
I. Attitude sensors  subsystem. 
2. Signal processing subsystem. 
3. Actuator subsystem. 
4.  Fl.ywhce1 subsystem. 
b. ISlectricnl power system. 
1. Solar x- ray  subsystem. 
2. CnIt subsystem 
3. Networks subsystem. 
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c. Communications and data handling syetem. 
I. Communications subsystem. 
2. Data handling subsystem 
1 
d. Propulsion (Reaction Control) * system. 
I. Thruster subsystem. 
2. Propellant subsystem. 
3. Pressurization subsystem. 
e. Separation system. 2 
f. Structure. 
1. Main box truss supports. 
2. Skin. 
3. Internal equipment panels. 
4. Payload Truss2 
g. Thermal control system. 
h. Experiments. 
A block diagram showing interfaces, inputs, and outputs of the 
major active systems is shown in Figure V-5. 
_. 
I. Although this equipment can be considered a s  part of t h e  attitude control 
cxquipment, it is listed as  a separate system for the purpoee of writing this 
report. The term "propulsion system" ie used interchangeably with "RCS" 
in this report, although the system is not utilized for ffpropulsiontv in the 
usual sense of t h e  term ( a t  one time in the study, the use of the system for 
periodic altitude boost was considered). 
2. Although these items a re  part of the payload, they remain with the launch 
vehicle after HEAO separation. 
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Figure V-5. Spacecraft block diagram. 
a. Attitude sensing and control system. The location on the 
spacecraft of the major components of this system are shown in Figure V-6. 
The primary function of the attitude sensing and control system is to measure 
and maintain spacecraft attitude within the l imits  stated below. The requirement 
for maintaining spacecraft attitude is il. 0 degree from a desired orientation. 
Attitude determination must be *O. I degree for 'purposes  of data correlation; 
it is accomplished by a star mapper which generates signals in response to 
stars passing through its field of view as the spacecraft rotates.  These data 
are stored temporarily on the spacecraft and a r e  later transmitted to  a ground 
receiving station and processed to determine precise spacecraft orientation a t  
ally given time. The map generated by the star mapper is not used on board 
the spacecraft. 
The spacecraft attitude control system consists of four subsystems: 
( 1) attitude sens ing  subsystem; (2 )  signal processing subsystem; (3) actuator 
subsystem; and ( 4 )  flywheel subsystem. The reaction control system can be 
considered a fifth functional subsystem, but it is treated a s  an independent 
system in this and other sections of the report .  
For onboard control purposes, the spacecraft  attitude is sensed or  
measured by one o r  more  optical or inertial  instruments in the attitude sensor  
subsystem. The optical instruments include coarse  and fine sun sensors ,  a 
digital sun sensor ,  s t a r  t racker ,  and a s t a r  mapper. The inertial  instruments 
are ra te  gyros. The output of the rate gyros is integrated to provide a reference 
during earth occultation of the visual reference.  The signals generated by the 
sensors  a re  processed by  the signal processing subsystem to determine whether 
an attitude correction is required and, if it is, the magnitude and direction of 
the required correction. The signal processor then sends a command to the 
proper element in the actuator subsystem, with no ground contact required. 
T h o  actuator subsystem includes three magnetic 0011s and the 
control signal to the propulsion system thrusters .  The thrusters  a r e  used for  
initial stabilization and orientation of the spacecraft  af ter  booster separation, 
and to ma le  major reorientations. The magnetic coils generate a magnetic 
field which reacts  with the ear th 's  magnetic field to produce a torque. The 
magnetic coils a r e  used to maintain a given spacecraft  attitude and to make 
sinall rcorientations, such a s  those required for maintaining so lar  pointing of 
thc scan axis. U s e  of the magnetic coils is dependent upon the presence of a 
fnvombly orictited earth magnetic field. The magnitude and Orientation of t h i s  
ficld :ire measured by n throe-axis magnetometer on board the spacecraft. If 
tlic. oricntation is fnvorablc, an attitude correction is mnde; if the field 
oricwkition is unfavorable, thc correction is deferred until orientation becomes 
C;ivorablc. 
'Chcsc coininatids a r c  e i ther  iicted on immediately or stored. If 8 command is 
Major spacecraft reorientations a r e  commanded from the ground. 
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Figure V-6.  Location of the attitude sensing and control system END 
and propulsion system. 
for reorientation a t  a particular t ime, and the magnetic field is unfavorably 
oriented o r  of insufficient strength, th rus te rs  a r e  used. 
The flywheel subsystem consists of an IGRA from an ATM-type 
control moment gyro. The flywheel is mounted with its spin axis parallel to 
t h e  spacecraft scan axis. The function of the flywheel is to stabilize the space- 
craf t  by providing a momentum vector (2000 foot-pound-second) along the scan 
axis. 
More details  on t h i s  system are provided in Section XI. 
b .  Electrical power system. The locations of the major components 
i n  this system are shown in Figure V-7. The function of the electrical  power 
system is to supply al l  systems with regulated electrical power at 28 volts dc 
and to provide interlocks, logic, and switching for control of spacecraft  functions. 
During‘ the daylight portion of each orbit ,  the solar  panels generate enough 
power to supply the spacecraft  and recharge the  batteries.  During the dark 
portion o f  each orbit, t h e  bat ter ies  supply t h e  power for  the spacecraft. 
‘I’hc electrical  power system consists of three subsystems: (I) the 
so lar  a r ray  subsystem; ( 2 )  t h e  CBR subsystem; and (3) the networks subsystem. 
‘rhc solar  a r r ay  subsystem is rigidly fixed to the structure on three sides,  and 
covcrs approximately 100 squarc feet o f  surface a rea  per side; however, since 
two 01 t h e  sides a r e  a t  an :ingle of 45 degrecs to the center one, the maximum 
c\ECectivc solar ar ray  a rea ,  with the spin axis pointed at the sun, i s  approxi- 
twtcly 240  square feet. ‘rhe CUR subsystem taltcs the  unregulated solar  a r r a y  
outlnit and regulates it for subsequent distri1)ution to tho loads. It nlso contains 
the lxtllc:rics and providcs controls for. charging atid discharging tho batteries.  
‘l’he iwtworks subsystem c : o w  ists of the ~ w w c r  distribution :itid circuit protection 
quipincnt ,  interlocks and logic, switch selector, and the electrical  controls to 
each spacecraft component. More details  on t he  electrical  power system a r e  
providcd in Section IX. 
c. Communication and data handling system. Tho location of t h i s  
systciii 011 the spacccraft is shown in  Figure V-8. The communication and data 
1i:iiidLiiig system is composcxi o f  two subsystems: 
1. The coinlnunications subsystem which consists of the RE’ 
c q u  il)iiicnt associated with the VI{ F bcacon, thc two comm:ind receiver/decoders,  
; i t id  Clic two S-band dnta links. 
2 .  Tho dnta handling subsystem whioli consists of a l l  the ele- 
tncnts betwccn the data sourccs and the inputs to the t ransmit ters ,  
5 - 2 5  
..... .. . . . . . . . . 
ln 
I 
tu m 
Figure V-7. Location of the electrical power system. 
I 
x 
LAUNCH DIRECTION Y 
Figure V-8. Location of the communication and data handling system. 
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In the communication subsystem, the VHF minitrack beacon 
link consists of two low-power t ransmit ters  operating a t  136 MI-lz, coupled to 
four VHF antennas. T h e  beacon serves  to facilitate ground acquisition and 
tracking of t h e  spacecraft, to acknowledge ground commands, and to t ransmit  
very limited spacecraft system status in r ea l  t ime at a low data rate. The W l F  
ground command up-link is received by the onboard command receivers  through 
use of t h e  same four VHF antennas. The commands are routed to all. other 
onboard systems.  A total capacity of 1024 commands is provided. The two 
S-band links operate simultaneously and independently to transmit stored space- 
craf t  and exprriment data to ground stations. The two R F  links operate in the 
220ii-  to 2300-MHz bcmd through four  S-band antennas. 
T h e  function of the data handling subsystem is to accept, condi- 
tion, sample, and s tore  data oil magnetic tape recorders .  Upon ground 
command, the tape recorders  a re  played back into the S-band t ransmit ters .  The 
subsystem consists o f  sign31 conditioners, analog-to-digital converters,  digital 
and malog multii)lcxers, switching networks, and tape recorders. The system 
~)n.ovides for a data recording rate of 27.5 kilobits per second (25  kilobits of 
cxperimcnt dntn 3rd 2 . 5  kilobits of spacecraft sys tems status data) .  Four 
dual-track t:ipc recorders  are provided, with only one being used for recording 
a t  azy me time (both tracks).  A total storage capacity of 1728 megabits is 
1)rovided using all four recordcrs .  When over  a ground station, one recorder  
will. bc playing bnck rlat:i to the ground whilc mother  is recording. The 
present standard for s‘rAI:,AN limits the data rate per link to 200 Kb/s. M o r c  
dctails on this systcrn a r e  provided in Section X. 
d. Propulsion (RCS) system. This  system consists of three 
subsystems: ( 1) the thruster subsystem; ( 2 )  the propellant subsystem; and 
( 3 )  the pressurization subsystem. The thruster  subsystem consists of four 
thruster assemblies each containing three 0.5-pound thrusters .  
;we used lor Initial. s1:ibilization. for rcoricntations of a considerable s ize  or  
which have to be In:?de w i t h i n  cri t ical  time constraints,  and for spin-up and 
despin when changing from pointing to scanning modes and vice-versa. T h c  
spac:cc. ralt h:is bc?cn sized for G O  maneuvers during the 2-year mission period. 
‘1’ot:il propollnnt rcquirctncnt is 35 p o u n d s ,  including a 100 percent contingency 
1’:ictor. 
i i io?-ioj) i ’oI ,c l l :~i~~,  01% biproyclhnt  systcms could bc usod; howovcr, hydrazinc 
tnonop i - o p d l : i : ~ t  11:i s bvn 11 sulccict 1 for Iho ba solinc. The propcllanl subsys tcm 
cwnsisis o f  t ~ v o  .! 1,-inc,li-tii:~111i3ic 1’ tanks :inti tlw associated plumbing and valvcs. 
‘ I ’ h c b  prcssur.iz:~i;ioii s u b s y , s ~ ~ t i ~  cui is is ls  oi‘ one GIV, t a n k  and tihe associated 
l ) l i i ~ t ~ l ~ i t i g ,  v : d v c s .  ;.?I;(! t,c>yil:itorso 
The thrusters  
?’he. total inipulsc req~ijrcd i s  srdficiently small. that cithcr cold gas, 
Tho GN, .is sep,zr:~ted Ersnn the hydrazinc 
by : i i ,  1 : 1 :i! ! I .  r -  i r I f ! , I (..j .! p :*< P; ?t?  1 1 : .: I.:! t,;t Ill.;, 
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The components of this system are shown in Figure V-6. More 
details on the proprlsion aspects of the spacecraft are  provided in Section VIII. 
Heaters will be required for the thrusters, since hydrazine freezes 
at Zpproximately 35°F; h t  these have not been included in the baseline design. 
e. Separation system. This system was not defined in any depth 
(luring the study. . Any of several existing, flight-proven techniques could be 
used. Tho essential elements would have to be pyrotechnic devices (explosive 
nuts, Iwim:icord, ctc) , latching, unlatching, and deployment mechanisms, 
olcctrical charging : i d  €iring circuits, and electrical control and iiwtru mentation 
c i r c x i i t s .  Although it is part of the payload, thie systom 1s not part of the in- 
clrbit I I E A O .  i t  will remain with the payload truss and launch vehiclo nftor 
I 1  I+:AO sclmration. 
f .  Structure. The structure of the IlEAO consists of three main 
asscinblies: ( I )  main box truss supports; (2) internal equipment panels; and 
(3) skin. In addition, there is a payload adapter which is part of the payload, 
but not part of the in-orbit spacecraft. 
The basic structure supports the primary cosmic-ray electrons 
experiment, the cosmic-ray calorimeter, the gamma-ray telescope, the 
medium-energy gamma-ray detector, and the low-energy gamma-ray detector. 
The basic structure configuration is impacted by and tailored for 
the two larger experiments: ( I) gamma-ray telescope (48-inch diameter), 
and ( 2 )  cosmic-ray calorimcter (50-inch diameter) . The longitudinal box 
truss member sizcs vary, depending on the particular location of these large 
cxpcrinients. The spacecraft's primary structural members are constructed 
of slandard extruded sections of aluminum alloy. 
The experiments mentioned above a re  attached directly to the 
box truss supports. 
tnternal equipment panels are  used to support other experiments 
and the subsystems equipment. All loads from the subassemblies will be 
carried by the box truss assemblies and their interconnecting members. 
Tlhe skin covers and completes the structure, except for the three 
sides covered by the solar array and the  cutouts for experiment viewing angles. 
'rhc skin serves for thermal and micrometeoroid protection. Accessibility to 
internal equipment is obtained through removable skin and solar array panels. 
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All s tmchwal  loads a r e  transmitted to outrigger members  and 
crossbeams at one end of the spacecraft, and thence to  the payload truss 
assembly at  8 places. The  payload t rus s  assembly t ransmits  the load from 
these 8 places to f 6  places on the Titan IIID forward skir t .  This t ru s s  assembly 
remains with Lhe launch vehicle after payload separation in orbit. 
The strilctu-re is discussed in more  detail in Section VI. 
g. Therma l  contriol system. The function of the thermal control 
systc?in is to niaiiitgin all. experiments and spacecraft  components within 
prceci:itscd teiriparatLire littiits. This is accomplished by the proper selection 
of contirags on the cuter and inner surfaces  of the spacacrnft, t h e  proper 
locatiori :ind "m3ti . i -g  of quipment ,  and t h e  u s 0  of electric heaters  and lnsulation 
wtierc rcqirireri , Coatings which havo low thcrmaI absorptivity and high  thermal 
cmisstvity w.!lJ Lc  ~rscrl to prevent overheating of the spncocraft. 
~ o ~ ~ ~ < . : i ~ ~ ! i t ~  H ~ C  z . r r~ :y : ed  v;3!iin the epaceoralt, and insulated as required, BO 
thr t  kc:3t. rad:::~t-cd a ! ~ !  confi,!cted f r om some components is absorbed by others 
to pre'i'elit' them from becon~ii.kg too cold, and vice versa .  Thermal control of 
all i tems will proiiably not be possible by location alone. It is anticipated that 
electrical hc3;it~rs vv*ill br: rq i a i r ed  on some iter&, such as thrusters ,  although 
power. require.ii:ants are e><peckd to  be low. The thermal aspects of the space- 
craft a r e  dlscussed in  rclore detail in Section VII. 
0 
System 
h .  Experimc;its. 'The locations of t h e  baseline experiments a r e  
shown in Figruse V-9. T h e  r'luwtlnn of these experiments i s  to measure the flux 
and spectra i n  tiIe ~ i - r e . ) ~ ~  garnma-ray,  mrli cosmic-ray regions from io2 to ioi5 
e v .  
transmitted to g:counil tracking stations a s  contact opportunities permit. 
l.>ata generated by t l i s  experiments will be recorded on magnetic tape and 
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Figure V-9. HEAO baseline configuration showing location of the baseline experiments. 
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is shown in Figure V-IO. The data formats,  word lengths, and data rates vary  
considerably from experiment to experiment. Also, the voltage an& power 
requirements, viewing angles, masses ,  and s t ructural  mounting requirements 
vary greatly from experiment to experiment. On the other  hand, there  are 
cases where the experiments have common requirements,  o r  at least can all be 
compatible with the most stringent requirement, such as correlation of data 
with time and pointing angle. 
Obviouely, one approach to defining the interface would be to allow 
each experimenter to place h i s  own requirements on the spacecraft and let t h e  
spacecraft be  designed to handle a diversity of quantities flowing across the 
interface; another approach would be to specify to each experimenter what will 
be available a t  the interface and let each one provide the parameter  conditioning 
required. The approach recommended a s  a resul t  of the study thus fa r  is 
somewhat of a compromise between the two. The data t ransfer  could be a 10- 
bit per  byte parallel transfer. of digital data from experiment data registers and 
buffsrs within each experiment to the data handling equipment on the spacecraft 
side of t h e  interface. A t ime clock (possibly 0 . 5  MHz) and a s t a r  mapper 
capable of providing 0.  i -degree resolution of pointing angle will be provided 
on the spacecraft and will serve to correlate  all experiment data,  ra ther  than 
having separate clocks and mappers in each experiment. A do voltage level of 
28 volts will be provided to each experiment at the i r terface,  at a power level 
commensurate with experiment requirements.  The experimenter will step the 
voltage up o r  down, OF provide better regulation, as required,  The spacecraft 
structure is designed to allow for the viewing angles required by each experi- 
ment, and to provide adequate mounting provisions. 
b .  Spacecraft/G§E interface. The spacecraft/GSE interface must 
be analyzod for the applicable ground operations phases. It is anticipated that 
most of t h e  IIEAO systems will not be active during launch. The moat likely 
candidates for being active are portlopa of the control system, some of the 
hcaters,  the portions of the data system which a r e  all transmitted on the 
minitrack bcacon link? the command system, and the portion of the power system 
required to sustain the other nctivcatd systems. Electrical  controls and 
I h m b i n g  to RCS pmpellant and pressurization subsystems must be provided, 
Cap:ibility eo control all these foregoing functions would have to  be provided 
L;Iirtnrgh umbil.ical conneetiens. To conserve weight, all other functions required 
for opcrntlng  he spacecraft systems during ground operations will probably be 
1)rovided th rol.@ test  comiectio12s internal to the spacecraft. Drag-in test 
cnbles wi1.i bo USC:!. to lnnta thn3 GSE with these test connections f o r  operations 
tcst,inp. i l V  ~;i-k+; will e?x.ist bnlwoon spacecraft and grouildl equipment, These 
consist ~f h;o ::-bs:-,d telc:nratr;y date. l i n k s ,  one tracking beacon link, and one 
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commt?nd !ink. For ground test operations, coaxial cables will be provided 
for each link (two for  the command link),  Provisions for  transmitting space- 
craf t  data to  t.he ground may require  radiating elements external to the launch 
vehicle shroud. 
C. Spacecraft/iaunch vehicle interface, The s t ructural  interface 
with the launch vehicle is the only aspect of this interface which has  been 
considered in the study. A minimum of 16 attach points is required for this 
interface. The functional interface is expected to  be  extremely small .  Commands 
and power will probably be required from the launch vehicle to the spacecraft 
separation sys tem.  Dynamic sensor  data f rom the spacecraft  o r  shroud a rea  
to the launch vehicle guidance system is a plossibility. 
d .  Spacecraft internal systems interfaces.  The interfaces 
between systems and interfaces internal to each system are included in this 
category. The mojor  interfaces between systems a r e  in the a r e a s  of structure,  
electrica% power and networks, and the data/communication system. The s izes  
ol’ theso interlaces can be estinxated from the systems power statement 
(Table IX-1) , the systems data summary (Table X-3) ,  the system command 
summary  {Section X )  , and in the systems block diagrams. The complexity of 
the interfaces internal to each system depends on the nature of the off-the- 
shelf hardware selected from other programs,  the systems layout, modularity, 
redundancy, and growth potential. provided in the system, The nature of these 
internal. systems interfaces is depicted in the subsystems block diagrams. 
4 .  Growth 
a .  System weight/power growth trends.  
entire spacecraft and of each system were considered 
line configuration W;ES sized fcjr the maximum payload 
Growth aspects of the 
in the study. The base-  
capability ( 2 0  920 pounds) 
of the Titan KID in a 200-n. mi. c i rcular  orbi t  a t  28.5 degrees  inclination. A 
cursory analysiseof spacecraft weight growth t rends indicates that such an 
u t imiu”  system cmld  be expected to have weight growth of 10 to 30 percent 
from t h e  begiiming of the program to flight. The present weight estimate on t h e  
IIEAO i s  18 884 pounds. This resul ts  in a weight margin of 2036 pounds 
(IO+ percent) e The percsntago of growth available with the present  HEAO 
wcight cstimntcs is beiow the average amount to be expected. Although 
historical d:ct:l h w e  not been compiled on W W Q ~  growth ra te  throughout a pro- 
grani, the ~ns.rgjln which pxwxxtly exists (approximately 260 watts) in the 
celestial s c m  m r ~ I e  may wela be insufficient for a normal program at the end 
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. Methods of increasing power capab lity and payload weight 
have been studied, and the data are presented in the appropriate sections and 
appendices within the study. Additional aspects of growth are covered in 
Appendix D. 
b. System capability improvement. In the study, modularity was 
considered a s  one of the pr ime methods of achieving growth, both by the addition 
of add-on units and by  possible replacement of an ent i re  unit with one of grea te r  
capability. The degree of modularity depends on the nature of the function, 
the nature of the off-the-shelf hardware selected, and the systems layout, 
Ixiclcaging, redundancy, and maintainability considerations, 
In multiple-input systems like the communications and data- 
1i:tndling system, in which there  are many identical input components, or in 
iuultiple-input and multiple-output systems like the power distribution sub- 
system, in which there are many identical input and many identical output 
components, a high degree of modularity can be achieved. In such cases ,  
hardware is usually highly standardized and much of i t  is available as off-the- 
shell' equipment. The nature of the growth to be expected in such systems is 
usually an increase in the quantity of inputs or outputs, which can be achieved 
by adding inore input or output modules. Systems such as the attitude sensing 
and control system are usually more  "customized" and have less inherent 
modularity. The nature of the growth to be expected in such systems is not 
usually an increase in the number of inputs and outputs, but an increase in 
the amplitude of the output (force) already being provided. Some modularity 
is possible by designing for add-on output elements (magnetic coils, RCS 
thrusters ,  etc. ).  
The anticipated systems growth, mentioned in t h e  examples above, 
:ire growth in numbers o r  amplitudes of inputs o r  outputs. Growth in accuracy 
o f  thc systems is another desirable aspect, particularly when Mission B and 
1:ikr missions are considered. 
growth in accuracy of t h e  systems, since modules can be replaced by up-dated 
oiics of greater  accuracy, The s a m e  modular configuration of the systems 
which give optimum advantages for  growth in numbers or amplitudes of functions 
should give adequate o r  even optimum advantages for growth in accuracy. 
Maintainability is also enhanced by modularity, and the  number of spa res  can be 
niinimieed because of it. 
Modularity will enhance the capability for the 
To help a s ses s  the associated advantages and penalties for each 
systcm, growth was considered from both a functional and physical growth 
shiidpoint. With each growth in systems capability, there  is a corresponding 
pccnalty in weight, power required, etc. Some indioation of the degree of 
niodularity, the growth capability, and the associated penalty can  be seen from 
5-35 
- . .  
I I1 
. - -  
I Ill1 llIlllllll I l l  
_ _  - . . 
the Systems Equipment List (Table V-I) , together with the systems block 
diagrams and the power, data, commands, and weight lists in the various 
systems sections. From these sources ,  it can  be seen how many modules 
can be added to the input or output of a particular component before the 
component's capability is exceeded. The weight, space,  and power required for  
each module can also be seen from the table. Since the baseline s t ructure  was 
sized for 20 920 pounds, the payload can grow to thkt extent with no anticipated 
structural  problems. 
Growth in flight performance of the spacecraft was also investigated; 
these data a r e  presented in Section IV. Performance capability beyond that 
required for the final payload weight can be  used for  going to 8 higher altitude to 
increase orbital lifetime, o r  for  going to a higher inclination to increase ground 
station contact t ime. 
5 .  Reliability 
General. Since it is desired that the HEAO spacecraft be a 
long-life spacecraft, considerable emphasis must be  placed on reliability and 
long-life aspects of the systems in the ear ly  phases of the design. Although 
manned space fl ight hardware end i tems have reliability goals on the order  of 
0 .95 and higher, the reliability goals of scientific satell i tes in the past 
usually have been considerably lower, on the order  of 0.70 o r  so at best  
[V-11 . Although the HEAO is not man-rated, it i s  a very large and complex 
scientific satellite, and because of its importance, it would desirably have a 
reliability goal somewhere between that of a "typical" Satellite and a manned 
spacecraft. It is anticipated that selected redundancy wi l l  have to be added to 
increase the spacecraft  reliability. The increase in power required for this 
increased reliability would be extremely low, since most of the redundancy 
could be "standby. '' It is estimated that six i tems of hardware account for 
over 70 percent of the reliability problems of the baseline spacecraft. Thesc 
arc the solar  panel and CBR assemblies,  tape recorders ,  signal processor ,  
ilywhecl, power converter, and gyros. Therefore, future efforts should be 
concentrated in these areas .  When the flight experiments are defined, their  
reliability should be established at a level commensurate with the desired 
niissioxi reliability, and an overall reliability analysis should be performed. 
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SECTION VI. STRUCTURAL DESIGN 
A. General Requirements and Design Approach N70-22906 
The structural  design approach of the HEAO spacecraft is essentially 
determined by configuration constraints which resul t  f rom considerations of 
the launch vehicle envelope, the location, size,  and viewing requirements of 
the major experiments, and flat a r ea  requirements for fixed so lar  cell a r rays .  
The configuration layout of the baseline spacecraft, as discussed in  Section V, 
results in a structural  shape which has an octagonal c r o s s  section, and 
dimensions of 97.0 inches face to face, and 30.0 feet in length. An additional 
constraint which affects the structural design approach is the requirement to 
locatc thc spacecraft center  of gravity near the geometric center  to minimize 
gravity gradient torqucs . This constraint requires that tho heavier experi- 
nicnts bc plnccd toward the center  of the spacecraft and resul ts  in n significant 
btructiiral pcnalty, due to longer load paths and greater  bending moments 
:icting oii the aft portion of thc structure.  A s  a result of this penalty, an 
nttcrnata structural  design which considers location of the heavier cxpcriinents 
i n  Ihc :it1 portion of the structure was developed and is discussed in t h e  
:Ii)i)cndiccs of this report. 
The design approach taken for the structural  system of the spacecraft 
is an open t r u s s  assembly, as illustrated in Figure VI-I. The primary 
structural  load paths a r e  through'two opposing box t ru s s  sections, each parallel 
to thc! longitudinal axis of the spacecraft. These parallel sections provide 
unobstructed volume for location of the major experiments in a common 
vicwing dircction, with minimum load path lengths to the primary structure.  
In t h c  art portion of the structure,  the primary loads in the box t russ  sections 
a rc  distributcd by outrigger members and c ross  beams to  the eight outer 
corii(\i-s oE the octagonal c r o s s  section. These support points interface with a 
payload :idaptcr described in Section VI-E which further distributes and carries 
the. Loads to thc vehicle interface. Secondary members  of the structural  t r u s s  
assc i ih ly  are attached to the box truss sections to maintain the external 
oc.tngonal cross section and provide support for the solar  a r r ays  and external 
thc r111 a1 shroud/micrometeoroid bumper skin. Other members a r e  required 
for t ransfer  of loads laterally between the primary box t r u s s  sections and 
provide overall s t ructural  stiffness. 
Although designed specifically For the assumed experiment character-  
ist ics :itid rcqu irenients described in  Section 11, the  design approach provides 
. - -  
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'J c an Axis 
Figme T$l-i. Easeline spacecraft structural concept. 
.. . .- 
inherent flexibility, within reasonable constraints, for accommodating experi- 
ments varying from the baseline experiments in size, shape, and weight. 
Structural support of the experiments will be through structural brackets 
attached to the primary structure such that the primary constraint to experi- 
ment shape and size would be essentially the volume available between the box 
truss sections. Also, by utilizing an open truss assembly for the structural 
system, maximum accessibility to thb experiments and spacecraft systems is 
provided by removing the external solar arrays and external skin. 
Longitudinal 
- Acceleration ~ (g) ~ 
B. Structural Design Requirements 
Lateral 
Acceleration (.g) 
The HEAO spacecraft will be contained within the Titan IIID payload 
fairing during launch within the sensible atmosphere and therefore will not be 
subjected to aerodynamic loading. The flight loads for which the spacecraft 
structure is sized a re  therefore those resulting from launch vehicle accelerations. 
The lateral and longitudinal accelerations imposed upon the spacecraft for 
three critical phases of Titan IIID launch, i. e., lift-off, maximum dynamic 
pressure, and cutoff, were specified by the Martin-Marietta Company, Denver 
Division, for purposes of this conceptual design phase and are presented in 
Table VI-I. 
I. 7 
2 .2  
6 .0  
The dynamic envelope of the launch vehicle as shown in Figure VI-2 
is specified as  a cylinder of 107.27 inches in  diameter. The envelope of the  
Spacecraft is a cylinder 105.0 inches indiameter and 30 feet long. Thus, the 
total allowable deflection is I. 13 inches. For purposes of structural analysis, 
I. 0 inch of this total allowable deflection was allocated to  the spacecraft 
structure and 0.13 inch to the payload adapter. 
I. 5
0.4 
0.75 
TABLE VI- I. EQUIVALENT STATIC LOADS CONDITIONS 
- __ 
Boost Flight Conditions 
Titan HID 
-. --_ - 
Lift-off 
M a x  qa 
cutoff 
- .. - _  1 
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Figure VI-2. Dynamic payload envelope. 
C. Structural System Description 
The structural system developed for the baseline HEAO spacecraft 
configuration is shown in Figure VI-3. 
The major load paths are through eight longerons which serve as  chord 
members for the two parallel longitudinal box truss  sections. Two angles are 
used to  form T-sections for these longerons. Struts and diagonals are angle 
sections and cross  beams used between the two truss assemblies at various 
levels a re  I-sections. Specific sizes for these members a re  shown in Figure 
VI-3 and all members a r e  2024-T4 aluminum. 
The members of the box truss sections will serve as  attach members 
for the experiments and subsystems when applicable. Other subsystems and 
secondary experiments are  to be mounted on transverse internal panels. All 
panels a r e  assumed to  be of I-inch-thick aluminum honeycomb sandwich 
construction. These panels will carry the equipment load to the box truss 
sections as shown in Figure VI-3. 
The outer skin of the spacecraft, which is on all sides except where 
the solar panels a re  installed, serves as thermal shielding a s  well a s  a 
micrometeoroid bumper. The skin is 0.025-inch aluminum sheet. Cutouts 
a re  provided to accommodate the view angle of the experiments a s  required. 
It is assumed that experiments are contained in their own enclosures 
and chassis, and this material will provide the remaining requirement for 
micrometeoroid protection. 
The solar panel substrate is aluminum honeycomb sandwich construc- 
tion 0.375 inch thick. The face sheets a r e  0.008-inch-thick aluminum sheet 
and the core i s  3.1 pounds-per-cubic-foot aluminum honeycomb, having an 
0 .  125-inch cell size and an 0.007-inch wall thickness.  
The total thickness of the solar panel substrate will be more than 
adequate to serve as the micrometeoroid bumper in the area that they are 
installed. 
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D. Weight Analysis . 
The total payload weight assumed for the stmctural analysis is 20 920 
pounds. The total weight of the six major bxperiments is 12 500 pounds and is 
distributed according to the location of the experiments a s  shown in Figure VI-3. 
The remaining 7580 pounds is taken a s  the weight of the secondary experiments, 
subsystems, and structures, and is assumed to be uniformaly distributed 
along the longitudinal axis. 
Other assumptions made for the plrpose of conducting the weight 
analysis are  summarized a s  follow: 
0 All joints a re  considered pinned for analysis simplification. 
A factor of safety of I. 25 on the ultimate strength is used. 
0 The maximum deflection shall be I. 0 inch. 
The weight breakdown and deflection for the structure designed for 
loads only and for loads and deflections are given in Table VI-2. 
TAB LE VI-2. COMPARATIVE WEIGHTS AND DEFLECTIONS 
- - 
Component 
Basic structure (truss,  
bulkhead, etc.), lb. 
Skin ( 0.025 -inch aluminum) , lb. 
Internal equipment mounting 
panel (estimated), lb. 
Total weight, lb. 
Maximum Deflection, in. 
~~ 
Designed far Loads 
and Deflection 
2770 
300 
60 0 -
3670 
0.998 
~~ 
Designed for 
Loads Only 
1950 
3 00 
600 -
2850 
2.6 
As can be seen from the table, the deflection requirement imposes a 
large weight penalty on the spacecraft designed for load only. 
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No optimization, other than a general rearrangement which is discussed 
in the appendix, was performed to reduce the weight of the structure designed 
by limited deflection; however, several trades exist and should be considered 
in  subsequent design iterations. These trades in  general a r e  the following: 
a Tapering the envelope of the spacecraft to allow more clearance at  
the forward end. 
Type of construction. 
a Material changes. 
Snubbers between the spacecraft and payload shroud. 
E. Payload Adapter 
The payload adapter is required for structural support of the HEAO 
spacecraft and provides distribution of the flight loads to the launch vehicle 
interface. The adapter also provides the means for separation of the spacecraft 
from the launch vehicle which could consist of a spring and explosive bolt at 
each of the eight spacecraft support points. 
The Titan IIID launch vehicle has 36 longerons on the forward skirt 
at station 220.154. Each longeron provides an available point at which space- 
craft loads can be introduced. The ultimate compressive capability of each 
of these load points is summrized  for three critical flight conditions in 
Table VI-3, and were derived from the vehicle's ultimate compressive 
capability which is shown in Figure VI-4. 
TABLE VI-3. TITAN IIID INTERFACE ULTIMATE CAPABILITY 
6 -  YO 
1: 
1. 
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Figure VI-4. Titan IlID ultimate axial load. 
The loads at the spacecraft/launch vehicle interface were derived from 
the equivalent static load conditions of the launch vehicle which a re  listed in 
Table V I - I .  The loads were calculated for a 16-point distribution at the launch 
vehicle interface. The limit conipressive loads and the shear limit loads a re  
given in Table VI-4. ! 
. - _ _  
Maxi mum 
Compressive ( lb) Boost Flight Conditions 
Lift -off I1  150 
Max qcu 7 625 
Cutoff 10 790 
-. 
Maximum 
Shear (lb) 
8450 
4 100 
8250 
The adapter is designed to be fabricated from 7079-T6 aluminum alloy. 
The primary consideration for the selection of this material is high compressive 
strength and modulus of elasticity. 
The 16 struts a re  considered to be short columns which take all the 
compressive load without buckling, and their deflection is in  the elastic range. 
The preliminary structural analysis, based on maximum limit load, indicated 
an adapter deflection which exceeds the 0. 13Linch deflection defined in Section 
VI-B. The 16 struts were therefore sized according to the deflection criteria. 
A weight summary for the payload adapter is given in Table VI-5. 
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Figure VI-5. Payload adapter. 
‘rABLE VI-5. ADAPTER WEIGHT SUMMARY 
- . - . . 
Description 
. -  - -  
Forward Ring 
Aft Interface Ring 
Struts and Fasteners 
- I 
I Weight (lb) 
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SECTION V I  I. THERMAL SYSTEM DES I GN 
A. Requirements 1 N w -  2 2907  
The first  consideration was  to define the thermal problem areas and to 
ascertain component temperatures which must be maintained for the vehicle to 
perform its inknded function. The solar panel temperature must be main- 
tained below 140. F average if the desired power is to be obtained from the 
solar panels. This temperature limit could not be exceeded because of the 
inherent characteristic of the solar module power to decrease as the tempera- 
ture increases as shown in Figure M-5, Section E. Environmental tempera- 
ture limits for the experiments are 14.F to 86. F. The CBR's are to operate 
below 85O F. Hydrazine tanks and distribution lines must be held above the fuel 
freezing point of 35O F. 
B. Baseline System Description 
A thermal analysis of a vehicle design is dependent upon the structure, 
skin, material, surface coating, and component characteristics such as physical 
size, weight, location, power dissipation, and orbit orientation. A thermal 
niodel of the HEAO baseline spacec-raft configuration w a s  constructed which 
included all individual panels, experiments, subsystem components, and 
structural members. 
nodes of reasonable size; i. e . ,  a total of 416 nodes were used in the thermal 
model. The Lockheed Orbital Heat Flux computer program [VII-I] w a s  used 
to calculate the external environment, and the "CINDA'' thermal analyzer 
program [VU-21 w a s  used to calculate the temperature distribution within the 
model. 
The outside skin and solar panels were broken down into 
For this analysis, the spacecraft w a s  considered in a pointing (non- 
scanning) mode whereas the HEAO rotates about the scan axis a t  0.1 rpm. 
The orbit usod for the analysis w a s  as specified in  the guidelines. The 
orbit orientation, with respect to the earth's ecliptic plane, w a s  chosen to 
csposc the spacecraft to maximum sunlight. This w a s  done to simulatb the 
worst-case condition, since the primary thermal control problem is the 
disposal of excess heat. A s  shown in Figure VII-I, the orbit plane is oriented 
so that the imaginary line made by the orbit plane cutting the ecliptic plane is 
'30 degrees to the sunline. This condition sets tho angle between h e  sunline 
-a 
I 
E3 
Figure VII-1. Assumed orbit orientation with respect to the sun. 
and the orbit plane at 52 degrees. This occurs at either the summer o r  winter 
solstice. Summer solstice is shown in Figure VU-I. The maximum sdight 
time for a satellite in a 28. &degree, 200-n. mi. orbit is 62.3 minutes. The 
minimum sunlight (55.7 minutes) occurs when this imaginary line lies on the 
sunline. 
Figure VII-2 shows the structural layout and configuration of the HEAO 
spacecraft. Figures VII-3 and VII-4 present the box truss structure, and the 
panel and experimental layout for the baseline vehicle used in the thermal model. 
The vehicle is the baseline and represents the latest configuration. Other con- 
figurations studied are shown in the Appendix F. Table VII-1 presents the 
subsystems component listing and location. 
Guidelines and assumptions used in performing this analysis were as 
follows: 
0 Baseline design box truss structure, panels, and experiment layout 
as shown in Figures VII-2, VII-3, and VII-4, respectively, were used 
in the analysis. 
0 Substrate for solar cells was  3/8-inch aluminum honeycomb 
paneling (face sheet thickness = 0.008 inch). 
0 Meteoroid shielding and/or thermal shielding was  0.025-inch 
aluminum sheet. 
0 Equipment panels and radiation shielding was  1-inch honeycomb. 
0 Solar absorptivity and emissivity values used were: 
X-ray detectors 0.34 0.04 
Solar panels 0 .70  0.80 
A l l  other surfaces 0.30 0 . 8 0  
0 The spacecraft w a s  in a 200-n. mi. circular orbit and at a 
28.5-degree inclination with respect to the equatorial plane. 
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Figure VII-4. HEAO baseline configuration showing experiment locations utilized in this analysis. 
TABLE VII-I. SUBSYSTEM COMPONENT LOCATION 
Component 
. ___- 
Tape Recorder 
Switching network 
Command receiver 
Analog signal conditioner 
Digital multiplexer 
Diagnostic logic 
Power combiner 
Mini track beacon transmitter 
Command decoder 
Summing network 
S-band transmitter 
Signal processor 
Digital sun sensor electronics 
Star mapper number 1 
Star tracker 
Rate gyro 
Magnetometer electronic s 
Magnetic coils 
Switch selector 
Measurement distributor 
Control distributor 
Master  measuring voltage supply 
Charge r battery regulator 
Power distributor 
Magnetometer 
Star mapper number 2 
RCS modules 
. .  . 
~ ... -- 
4 
1 
2 
I 
I 
1. 
I 
2 
1 
I 
2 
I 
I 
I 
I 
3 
I 
3 
I 
I 
I 
I 
5 
I 
1 
I 
4 
- -~- 
~ 
Number 
of Units Location 
_. 
Panel 4 
Panel 4 
Panel 4 
Panel 4 
Panel 4 
Panel 4 
Panel 4 
Panel 4 
Panel 4 
Panel 4 
Panel 4 
Panel 4 
Panel 4 
Panel 4 
Panel 4 
Panel 8 
Panel 8 
Panel 8 
Panel 8 
Panel 8 
Panel 8 
Panel 8 
Panel 9 
Panel 9 
On boom extending 
10 feet from end of 
spacecraft 
Attached to structure 
by gamma-ray tele- 
scope number 1 
Attached to ends of 
spacecraft 
_ _  __  
7-7 
- . - -  
I . . 
Propellant tanks  
.- ___ .- . . . . . - 
Number 
of Units 
. 
1 
1 
2 
a 
4 
2 
- .  - .. - 
- -. - 
Location 
. -__ 
Attached to structure 
near gamma-ray 
telescopes 
Attached to structure 
which supports middlc 
solar panel (insulated 
from solar panel) 
Attached to end of 
spacecraft adjacent 
solar panels 
Attached to end of 
spacecraft adjacent 
shaded side panels 
Attached to structural 
member near end of 
space craft 
Attached to structure 
near end of spacecrafl 
- -. 
7 -8 
r' 
I' 
TABLE VII-2. HEAT DISSIPATION RATE UTILIZED IN THIS 
ANALYSIS FOR EACH COMPONENT AND EXPERIMENT 
Component 
Large area X-ray detector (Basic Module) 
Large area X-ray detector (Modulation 
Large area X-ray detector (Bragg 
Large area X-ray detector (Experiment 2) 
Low energy gamma-ray detector 
Medium energy gamma-ray detector 
Gamma- ray telescope 
Primary cosmic-ray electrons 
C osmic-ray calorimeter 
Flywheel 
Star mapper 
Digital sun sensor 
Signal processor 
S-  band trans mi tte r 
Summing network 
Command decoder 
Minitrack beacon transmitter 
Diagnostic logic 
Digital multiplexer 
Analog signal conditioner 
Command receiver 
Switching network 
Tape recorder 
Magnetometer 
Star tracker 
Digital sun sensor 
Charger battery regulator 
Power distributor 
Rate gyros 
MabPne tome te r electronics 
Magnetic coil 
Switch selector 
Me:tsurement distributor 
Control distributor 
Master measuring voltage supply 
- 
~~ 
- 
Collimators) 
Spectrometers) 
-- - ~ _ _  = - _ _  
Number 
of Units 
6 
3 
2 
6 
1 
I 
2 
1 
I 
I 
2 
I 
i 
2 
I 
1 
2 
1 
I 
I 
2 
1 
4 
1 
1 
i 
5 
I 
3 
1 
3 
1 
1 
1 
1 
~ ~~~ ~- 
Heat Dissipatioi 
p e r u n i t  (w) 
9 
10 
8 
6 
10 
10 
20 
20 
50 
55 
5 
2 
55 
18 
4 
4 
i 
3 
5 
8 
0.4 
4 
0.05 
2 
6 
2 
70 
20 
12.4 
2 
io0 
20 
20 
20 
20 
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The absorptivity ( a )  and the emissivity ( E )  values assumed for the 
panel coatings were chosen to hold the overall vehicle temperature down. These 
values (a  = 0.3 and E = 0.8) are considered to be within the realm of the 
state-of-the-art for spacecraft coatings, Two typical examples are S-13G 
(ZnO/Silicone) and. 2, 93 (ZnO/K;,SiQ). Figures VU-5 and VII-6 show the 
degradation of tke two paints with regard to solar exposure only [VII-3]. 
Reference VS-4 gives a m w e  realistic indication of the paint deterioration 
including uzetao-rsicl bom&wr.dment and solar exposure as reported from 
Pegaws flights ( F i g .  YII-7) Note the viplfie of Q! /E after 1800 hours of 
s t  
solar Lime is 0.46, and in  this analysis 0.375 w a s  used. This wil l  cause a 
small. tempemtuw rise; i .  e.  e approximately 2 percent. 
Prelim.iriaxy results from an effective ness analysis of the HEAO 
thermal control system have k e n  obtained [VU-51. The analysis consists 
of estabiishing characteristic pztram.eters associated with the HEAO thermal 
control 3ystem, determining tihe values of the parameters, and generating a 
numerical mea.sure of effectiveness for two thermal control, active and passive, 
concepts considered for HE.AC>, The values of the characteristic parameters 
were related tc 1:1x sAar arrays only; i .  e. , the parameter values associated 
with the spacecraSt were not coilsidered in th i s  prelinilnary analysis. The 
thcrnaai control consepts a.nal_vzecl consisted of a baseline system which 
utilizgd paint d y ;  aIiarrut-:f.e syafert7i-i which iktilized both paint and heat pipes 
are discusscd in Apyencllx Fa The vehkla configuration considered was the 
basolbnc consisting of tbe ao!nr errays niounted to the sides of the spacecraft 
with the ccnler gst~.nell perpc::wiiGula r to the sunline,  
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Figure VII-5. Solar absorptance of S-I3G thermal control coating as a 
function of exposure time at a one-sun level ( 0 . 2  to 0.4,~ xenon) and 7lO.R. 
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l~igure VII-6. Solar absorptance of 2-93 thermal control coating as a function 
of exposure time at a one-sun level (0 .2  to 0 . 4 ~  xenon) and 960.R. 
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The characteristic parameters considered are as follows: 
( I )  The range of temperatures (maximum to minimum) experienced 
by the array during an orbit. 
(2) The difference between the average orbital array temperature and 
an optimum array temperature (140. F) is chosen as the optimum temperature 
to reflect power requirements. 
(3) The temperature gradient across the surface of the array. 
(4) The effect of the mass of the thermal control system on mission 
lifetime (the ballistic number, 
total mass).  Bn, 
is expressed in terms of any increase in 
(5) The lifetime of the elements (paint and heat pipes) of the thermal 
control system. 
The lifetime of the elements is considered to be the time that the system wil l  
control the temperature of the HEAO arrays within specified limits. This 
value is certainly a strong function of element degradation. Only a rough 
estimate has been made as to the quantitative value of this degradation. This 
estimate is based on micrometeoroid and thermal degradation tests and satellite 
data. It should be noted that all parameters were considered to be equally 
important in this preliminary analysis. 
The numerical values of the temperature-related parameters were 
obtained from the thermal analysis. The values for the other parameters 
w e r e  obtained from estimates of control element weights and degradation as 
mentioned above. The two thermal control concepts were compared relative 
to a base consisting of no active thermal control elements. Using the analytical 
data, the concept utilizing heat pipes and paint is approximately 19 percent 
inore effective than the concept utilizing paint alone, To achieve an indication 
of the effect of trade-offs of parameters between concepts, a computation w a s  
iiiade assuming that the paint would last twice as long as w a s  considered in the 
above case. This consideration reveals that the heat pipe concept is now 
approximately 12 percent more effective, thus indicating the importance of 
obtaining accurate degradation data. The above results indicate that the heat 
pipe concept is more effective than the paint-only concept. It should be noted 
that these results are based on the available values of the parameters considered 
and do not include difficulty in  manufacturing, cost, o r  schedule time cansidera- 
tion. The relative importance of the above parameters also needs to be 
defined in Phase B and the results of this considered. 
7-13 
It is to be emphasized that these results and conclusions a re  pre- 
liminary and related to the solar array only. A more thorough effectiveness 
analysis should be conducted and include the cost and schedule time mnsidera- 
tion, a more accurate determination of thermal control element lifetime, 
further definition of the relative importance of the parameters, and the 
incorporation of the spacecraft parameters. 
Table VPTi-3 lists the resulting equilibrium temperature ranges of the 
experiments I eqdprfien t mounting panels, hnd various components located in 
or e!i the syncecrxft. at points other than the mounting panels. Temperature 
rangss for;. rhe components that a re  shown to be located on the mounting panels 
in Table Val-i a r e  not listed in Table VII-3. 
were as.3unied to h.z.ve good metal-to-metal contact and remain essentially at 
the snme temperature as the panel to which they a re  mounted. 
. .  
This is because these components 
??Tote the t,empor;iture range of Panel No. 8 is 126" F to 130. F. This 
higli tt:mp:erct!.irs mnge is caused by the three magnetic coils which a re  
atl:~cned t,e) &is. panel,. 
of heat, most of which is transferred into the panel. The temperature of this 
panel and the other attachad components can be lowered to an operating range 
of 80" E' to 85" F by remwing these magnetic coils. There are several locations 
within the spacecrzft where the coils could be mounted so that the heat could be 
dissipated at a. rate that would lower this operating temperature to a desirable 
level. Siaimla.&iow d the spacecrzlt dynamic behavior using a computer pro- 
gr:im indicates t h a t  Lhe power required by the magnetic coils wi l l  be much less 
than 390 w~atts, 80 this local heating problem is not as severe as presently 
indicated, 
They are assumed to dissipate n total of 300 watts 
The fuel. tank location is acceptable because of the temperature range of 
550 F So '76" F which is weEl above the hydrazine freezing point. The RCS 
thrustor m i d u k e  aiid soms fuel lines wi l l  definitely require heaters because 
thc icmperatures wi l l  $all. below the freezing point of tho fuel. 
'S1w Cl33,?s wem mounted on Pmsl No. 9, which has a temperature 
mzgc of $40 kc 86" Y. E. i s  believed that by relocating the magnetic coils from 
this a w a  She CBX temperaturw will drop to the required temperature level. 
I 
TABLE VII-3. ORBITAL COMPONENT TEMPERATURE RANGE 
Component 
Experiments 
Large area X-ray detector 1 
Large area X-ray detector 2 
Large area X-ray detector 3 
Large area X-ray detector 4 
Large area X-ray detector 5 
Large area X-ray detector 6 
Large area X-ray detector 7 
Large area X-ray detector 8 
Large area X-ray detector 9 
Large area X-ray detector 10 
Large area X-ray detector 11 
Large area X-ray detector 12 
Large area X-ray detector 13 
Large area X-ray detector 14 
Large area X-ray detector 15 
Cosmic ray calorimeter cover 1 
Cosmic ray calorimeter core 1 
Cosmic ray calorimeter cover 2 
Cosmic ray calorimeter core 2 
Low energy gamma-ray detector 
Medium energy gamma-ray detector 
Primary cosmic-ray electrons cover 
Primary cosmic-ray electrons core 
Gamma-ray telescope cover 1 
Gamma-ray telescope core 1 
Gamma-ray telescope cover 2 
Gnmmp-ray telescope core 2 
Crystal spectrometer 1 
Crystal spectrometer 2 
. ._ - _. - 
~~~~ 
Temperature (. F) 
78 to 80 
78 to 80 
78 to 80 
67 to 70 
67 to 70 
67 to 70 
61 to 64 
63 to 66 
63 to 66 
63 to 67 
70 to 72 
68 to 70 
71 to 73 
72 to 73 
70 to 71 
61 to 66 
64 to 66 
43 to 50 
63 to 64 
63 to 64 
60 to 61 
50 to 56 
51 to 57 
30 to 34 
35 to 39 
27 to 39 
33 to 38 
-31 to -20 
- 7 t o  4 
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TABLE VLI-3. (Concluded) 
Component 
. .  
Subsystems Not Mounted on Panels 
Flywheel 
RCS modules 
Gas bottles 
Propellant tanks 
p,CS valves and plumbing 
Magnetometer 
§-band antenna 1 and 2 
S-band antenna 3 and 4 
Digital sun sensor 
Star mapper 2 I 
F X 3 d S  
Panel i 
Panel 2 
Panel 3 
Pariel 4 
Pariel 5 
Panel 6 
Panel 7 
Panel 8 
Panel 9 
shady side skin panel adjacent to cosmic-ray 
Shady side skin panel adjacent to cosmic-ray 
Shady side skin panel adjacent to cosmic-ray 
__ -- 
detector d 
dotec tor 2 
I . . . . . - --- . . .  . . ~ .... - 
Temperature (* F) 
- _ _ - .  
93 to 97 
-51 to-21 
48 to 73 
55 to 70 
26 to 52 
-53 to -46 
79 to 122 
-19 to - 7 
95 to 157 
69 to 71 
0 to 12 
80 to 86 
82 to 127 
63 to 65 
70 to 85 
69 to 78 
93 to 121 
126 to 130 
84 to 86 
-53 to 11 
-65 to - 5 
200 
180 
160 
140 
120 G 
0, 
3 
I- 
w 
0 
c 
s m  
60 
I 
Figure W-8. Orbit temperature variation at the center of each solar panel. 
m 
! 
I 
.- 
f rom the center of the three panels. The solid curve represents  the middle 
panel that is perpendicular to the sunline. 
the two side solar. panels angled at 45 degrees to the sunline. There are some 
variations in the temperature along the length of the panels. These variations 
are caused by the different radiating paths f rom the solar panel substrate. 
For instance, the ends of the solar panels are a few degrees higher because 
of the radiation shields which are placed behind them to protect the subsystem 
components. Also, there is a faster solar panel temperature rise on the 
baseline configuration than on the other configurations, as given in Appendix F, 
as tiic spacecraft comes from the earth 's  shadow into the sunlight. There is a 
larger. temperature variation for one orbit  on this configuration as compared 
to studies in  the appendix, 
less heat capacity than the 1-inch material  used on the configuration in  
Appendix F. 
The two dashed curves represent  
This is caused by the 3/8-inch substrate having 
Overall, the resul ts  f rom this configuration are not significantly 
dil'l'erent from those in Appendix F. 
Bo Conclusions 
The thermal system analyzed indicatcs a satisfactory passive system. 
By proper coatings, location of equipment, experiments, and panels, a 
satisfactory temperature range can be obtained. A thermal shield must be 
used, as this increases  the heat capacity of the vehicle and reduces the 
temperature variations for the experiment and equipment. 
If there is an increase in  power on the vehicle, a high conductive 
device such as th.e heat pipe could be employed to maintain the desired tempera- 
ture levels. A l s o ,  one must not overlook the advantages of using a capacitance 
device io ovorconw excessive temperature variation in an orbit. 
dcvices give the designer a backup tool in choosing systems having greater 
power requj rernents or higher temperature. 
These two 
7- 18 
REFERENCES 
1. Newby, T. S.; and Eurich, R. G.: Heat Flux Study. LMSC Report 
M-16-64-1, July 15, 1964. 
2. Gaski, J. D. :. Chrysler Improved Numerical Differencing Analyzer. 
TN-AP-66-15, April 30, 1966. 
3. Breach, R. : Handbook of Optical Properties for Thermal Control 
Surfaces. Final Report, Vol. 111, Contract No. NAS8-20353, 
Lockheed Missile and Space Company, Sunnyvale, California. 
4. Schafer, C. F. ; and Bannister, C. B. : Pegasus Thermal Control 
Coatings Experiment. AIAA Paper No. 66-4i9. 
I 
5. liyberg, A. , et al. : A Summary Report on System Effectiveness and 
Optimization. Contract No. NAS8-20412, ITT Federal Electric 
Corporation, September 17, 1969. 
7-  19 
1l1l1111l1l111l11l1l111l1111l1l111111l I1 I1 I I I1 I I I1 
SECTION V I  B 1 .  REACTION CONTROL SYSTEM DESIGN 
I 
PRECEDING PAGE BLANK NOT FILMED. 
TABLE OF CONTENTS 
Page 
A. Requirements .................................... 8-1 
B. Baseline System Description .......................... 8-1 
C. Analysis and Trends, ............................... 8-4 
I. A n a l y s i s . .  ................................. 8-4  
a.  Pressurization s u b s y s t e m . .  ................... 8-4 
b. Propellant subsystem. ....................... 8-9 
c .  Thruster subsystem ......................... 8-9 
2. T r e n d s . .  .................................. 8-12 
D. Conclusions. ..................................... 8-14 
iii 
Figure 
LIST  OF ILLUSTRATIONS 
Title Page 
VIII-I. Location of the propulsion system components and attitude 
sensing and control system components. .............. 8-2 
VIII-2. System schematic of an NzHa monopropellant RCS ........ 8-7 
L I S T  OF TABLES 
Table Title Page 
VUI-1. Summary of TOW Impulse and N2H4 Prbpellant 
3LZequiren;ents lor  Jet Thruster Maneuvers. ............ 8-5 
VIU-2. Weight Sumnary of the N2H4 Monopropellant RCS ........ 8-8 
VIII-3. Physical, Chemical, and Thermodynamic Properties 
ofN&.  .................................... 8-10 
VIII-4. RCS Engine for Use on High-Energy Astronomy 
Obm.vatm-y.. ............................... 8-11 
iv 
SECTION V I  1 1 .  REACTION CONTROL SYSTEM DESIGN 
In designing an RCS for the HEAO, the following objectives o r  guidelines 
w e r e  considered as requirements: 
(1) The RCS will be designed for a %year on-off operating capability, 
thus requiring almost an unlimited number of restarts. 
- (2) Only existing and proven components wil l  be used; i. e. , those 
components used on previous flights or proven by ground tests. 
(3) The RCS design wi l l  be based upon a low total system weight, low 
cost, simplicity, and reliability. 
(4) The HEAO wi l l  have two independent RCS units, one a t  each end 
of the spacecraft, each having six thrusters. Each unit wil l  be capable of 
performing all maneuvers required of the tatal RCS in the event one unit 
becomes inoperable, 
(5)  The RCS of the attitude control system will provide for spin- 
up, despin, attitude control, and orientation maneuvers required of the HEAO. 
The RCS will be used primarily in conjunction with a flywheel and magnetic 
torquers for attitude control and orientation; however, only the RCS will  be 
used for some maneuvers. 
B. Baseline System Description 
The baseline HEAO is equipped with two identical N2H4 monopropellant 
IECS d i t s ,  one located at  each end of the spacecraft; however, the two units 
arc connected by a common pressurization system. Each unit has two 
thruster modules. Each thruster module consists of three thrusters, making a 
total of 12 thrusters for the HEAO. The thruster modules are attached to the 
spwecraft  in the XY plane which provides two pitch thrusters, four roll 
ttirusturs, and four yaw thrusters for each unit (Fig. VIII-I). 
Two separate RCS units a r e  required to prevent having to use long 
propellant lines from a single propellant tank which could present severe 
thermal problems; i .e.,  vaporized o r  frozen propellant in the lines; however, 
-.... .--.-.. .-. .. .... .I . .. ..-.-.--. .-- -.....-. . ... .. - .. ._. .. . . ._ .. . - __ 
STAR OWWR 
HIGH VOLTAGE TRACKER 
.'jENSOR ELECTWON %CS 
D I G I T A L  SUN SENSOR SOLAR VECTOR 
SI= PROCESSOR 
LAUNCH DIRECTION 
RCS L I N E S  AWD VALVES Y 
END 
Figure VIII-1. Location of the propulsion system components and attitude 
sensing and control system components, 
I .  
the two separate propellant tank systems a r e  connected. In the event that some 
thrusters on one end become inoperable, the propellant in  the tank on that end 
can be transferred to the thrusters on the other end. The connecting propellant 
line can run along the inside wall  of the solar panel side of the spacecraft to 
help prevent the propellant from freezing. This backup system wi l l  be activated 
by opening and closing appropriate valves should control of the spacecraft become 
critical because of thruster failure. Activation of ithis system includes the shut- 
down of the inoperable RCS unit. In the event one RCS unit has to be shut down, 
the other unit wi l l  be capable of performing all RCS required maneuvers of the 
HEAO. 
Severe thermal problems with the propellant can result by attaching 
the lhruster  modules to the spacecraft in such a manner that one thruster 
iiioclule wi l l  be in  the shade of the spacecraft most of the time and its opposite 
in  the solar cnvironment. Since the spacecraft is required to have a solar 
pointing spin vector (Z axis),  attaching the thruster modules to the spacecraft 
in the XY plane will  provide an equal solar thermal environment at each 
module. However, during some particular orientation modes required of the 
spncccr:ift, one thruster module can be in the solar environnient while i ts  Y 
opposite can be in  the shade of the spacecraft. But, for the entire mission, 
attaching the thruster modules in  the XY plane wil l  provide the best equal 
thermal environment for each module. 
Table VII-3 summarizes the environmental temperature distribution 
experienced by various components within the HEAO. 
modules can be expected to experience a temperature variation of -51. F to 
-21. F during the %year HEAO mission; the propellant tanks wi l l  experience 
:i temperature variation of 55" F to 700 F; valves and plumbing can be expected 
to experience a temperature variation of 26" F to 52. F. Thus, i t  is apparent 
that electrical heaters wi l l  be required in the RCS thruster modules to prevent 
the N2H4 propellant from freezing (35" E') ,  and some type of thermal protection 
wi l l  be required for the valves and plumbing. N2H4 should not be allowed to 
exceed 350' F, since i t  could start  spontaneously decomposing a t  this 
tempera ture. 
The RCS thruster 
Uuring this study, four types of RCS units were considered as possible 
c:undiclatcs for use on the HEAO: 
(1) N,H4 monopropellant system. 
(2) Cold N, gas system. 
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(3) Bipropellant system. 
(4) Hesistojet system. 
The choice as to which system to use for the baseline HEAO was narrowed 
down to the N2H4 monopropellant system and the cold N, gas system. Of these 
two systems, the N2H4 monopropellant w a s  chosen as the baseline HEAO RCS. 
This choice w a s  made only on the basis that the NzH4 monopropellant system 
weighed less than the cold N, gas system. Tb N2H4 monopropellant system 
is disciassed in detail in the following paragraph; the other three candidates 
:we discussed iri detail in Appendix G. 
C. Analysis and Trends 
I .  Analysis. Table VIII-I presents a HEAO mission simulation which 
suiiiiuarizes the maneuvers requiring the uac of tho RCS, the total impulse 
rcquirud of the lZCS for each maneuver, and tho propellant weight required for 
each  maneuver. 
which s t a r t  prcccssional motion toward the ncw direction and a second impulsc 
sonic tiiiic later which stops motion once the desired direction is reached. Thc 
propcllml wctight is bascd on an expected avcrage pulsing specific impulse of 
200 sec provided by the baseline RCS. A schematic drawing of the proposed 
basclinc IXS for the HEAO is shown in Figure V U - 2 .  This schematic is a 
niodil'irtd vcrsion of an N2H4 RCS concept as presented in Reference VIII-1. A 
sumiiiary wcight statement of the baseline RCS is presented in Table VIII-2. 
The iliain subsystems of this RCS are pressurization, propellant, and thruster.  
l h c h  of these wi l l  be discussed in detail. 
Each maneuver o:r reoricntation involves thruster  impulses 
a. Pressurization subsystem. Both units of the baseline RCS are 
connected to a coilinion M, gas pressurization system. Since the thermal 
cffccts upon N, gas i n  space are not severe,  pressurant  feedlines can be allowed 
to run the entire length of the spacecraft if  nccessary. Thus, by using a 
coininon prcssurizntion system rather  than a separate system for each RCS 
unit, the pressurization system is simplified with a savings in weight, 
During the 2-year iiiission of the HEAO, the lECS will  require 
:ij)j)i*oxi 1 1 ~ 1  t d y  2. 1: pounds of N2 gas a s  ;I prcssurant.  The leak rate of the 
1)wssiuxnt g:is is cspccted to be about two slandard cubic centimeters pe r  
1 1 1  i n u  tc ~ ) c \  I' v:i !vc. 'l'hus, the lcalcigc ovcr a 2-year period w a s  calculated to 
bc ; d ) ~ u t  :;(; poiwds, 
wi l l  weigh ;IS. 1:: ~ W P - K ~ S .  This gas is stored under a pressure  of about 3000 psi3 
i n  ;I tilai:iuni ::t,orn::.c bottle. 
The tolal pmssurluit gas required for the entire niission 
8 -a 
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TABLE VIII-1. SUMMARY OF TOTAL IMPULSE AND NzHd 
PROPELLANT REQUIREMENTS FOR J E T  
THRUSTER MANEUVERS 
. _ _  
Event 
First Year  
Nulling of assumed spacecraft 
ra tcs  of 3 deg/sec about each 
axis dter  separation from 
launch vehicle 
Solar acquisition (rotation of 
90 dcg about X and Y axes) 
Main tnin Spacecraft a t  ti tude for  
8 hours during spin-up of 
flywheel 
Flywheel spin-up counteract 
torque imposed on spacecraft 
Spin-up of spacecraft to 0.1 rpm 
about scan Z axis 
Reorientation of f i r s t  galactic 
scan position 
Galactic scan reorientations 
during 30-day period 
ltcoricnttition to sun (25 deg) 
al'lcr coinplotion of galactic 
scan 
a Solar v w t o r  guiding inode 
Dcsyin spacecraft af ter  f i r s t  
7 lllonths 
~ -_ ____ ._ 
rotal Impulse 
( lbf- sec ) 
340 
212 
173 
133 
29 
105 
140 
71 
nono 
29 
Propellant 
Weight (lb ) 
(I -200sec)  
SP 
I. 70 
1.06 
0 .  87 
0.67 
0. 15 
0.53 
0.70 
0.36 
none 
0.15 
a. licyuirus a period of 6 months. 
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TABLE VLn-I. (Concluded) 
Event 
First Year  
. .____~ 
-
Reorient spacecraft  to 30 
positions 12 deg apar t  for  
pointing mode opera tion 
~. - ____ - 
Totals for first yea r  
-._______ ___ 
Second Year 
Spin-up of spacecraft to 
0. 1 rpm 
Reorientation to first galactic 
scan position 
Galactic scan reorientations 
during 30-day period 
Reorientation t0 sun after 
completion of scan 
a 
Solar vector guiding mode 
Dcspin spacecraft after 
7 months of second yea r  
Itcoricnt spwocraf t  to 30 positions 
12 dog apart for pointing mode 
operation 
~ ~ . ~ .  ~ - - 
rota1 Impulse 
( lbf-sec) 
_____ 
849 
2081 
29 
105 
140 
71 
none 
29 
84 9 
1223 
3304 
L__ - ~ -  
Propellant 
Weight (Ib ) 
4.25 
I O .  44 
0.15 
0.53 
0.70 
0.36 
none 
0. 15 
4 . 2 5  
6.14 
1G. 58 
-- 
N o t e :  Fear crmtjngencies and safety, the rcquired propellant is multiplied by a 
Inctor of 2 and rounded off: N2H, M 35 lb required; total impulse .m 7000 
lbf- sec . 
:I. lteqirir'e~ R period of 6 months. 
, 
/SQUIB VALVE 
&OLENOID VALVE 
(DUAL REDUNDANCY) 
IIOWLLY CLOSED 
++ WOWLLY OPEN 
figure Vm-2. System schematic of an N& monopropellant RCS. - -  
‘ I  
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TABLE VIII-2. WEIGHT SUMMARY OF THE NZHd 
MONOPROPELLANT RCS 
160.98 I '1'oLi 1 system weight --.= I 
Item 
N, Tank 
Squib valve (8)  
Check valve (2) 
N2 charging valve 
Pressure regulator (2)  
N2 vent valve (2)  
N, relief valve (2)  
N2H4 tank (2) 
N,H4 relief valve (2) 
N2H4 charging valve (2) 
Thruster modules (4) 
Lines 
Miscellaneous 
System dry weight 
Nz charged (36-lb leakage) 
N,€h charged 
Component Weight (lb 
(Total Impulse - 
7000 lbf-sec) 
46.00 
2.80 
0 .22  
0 .12  
0 .60  
0 .24  
0 .52  
14.60 
0 .52  
0.24 
15.00 
6.00 
1 .00  
87.86 
38.12 
I 35.00 
The RCS propellant tanks are not pressurized until the HEAO 
is placed into orbit. This is done because of the danger of rupturing a bladder 
in the propellant tanks during launch. Once in orbit, two squib valves (one 
for each RCS unit) open and the pressurant gas flows through a pressure 
regulator which adjusts the pressure for use in the propellant tank. The 
propellant tank feed pressure is about 290 psia. 
b. Propellant subsystem. The properties of monopropellant 
N2H4 are presented in Table VIII-3. As shown previously, 35 pounds of NlHd 
propellant are required of the RCS for the entire mission of the HEAO. Since 
two units are used, 17.5 pounds are put into each tank. Each tank utilizes a 
positive expulsion system to force the propellant to the thrusters. The 
expulsion system consists of a collapsible bladder around an expd’sion tube. 
N2H4 fills the bladder and the pressurant gas enters rhe propellant tank on the 
other side of the bladder, collapsing it to force the propellant out of the tank 
at 290 psia. 
In the event of a thruster failure on one end of the spacecraft, 
and thc control of the spacecraft becomes critical, a squib valve can be 
activated to shut down that entire RCS unit. Control can be maintained by the 
RCS a t  the other end. When the propellant at the operating end is depleted, 
howcver, the activation of squib valves allows the propellant at the nonoperating 
end to flow through a backup propellant feedline to the thrusters at the operating 
end. Aluiiiinum propellant tanks are used. 
c. Thruster subsystem. The engine type proposed is the Rocket 
Research Corporation MR-6A. This engine is capable of generating 0 . 5  pound 
of thrust with a chamber pressure of 200 psia. A steady-state vacuum specific 
impulse of 221 sec is maintained a t  this chamber pressure. This specific 
impulse w a s  degraded to 200 sec to account for pulsing. Shell 405 catalyst 
is employed to obtain spontaneous decomposition of the hydrazine mono- 
propellant. ‘The minimum impulse bit is 0.005 lb sec with repeatability 
within I 10 peiwmt. Another version of this 0.5-pound-thrust engine has 
op~r:itccl :it 110 p i : t  cha inh r  pressure and duty cycles of 100 percent to 
kiiliirc 1 VlII-:,]. 
system opr: i t c  thc engines’ dual, redundant solonoid valves to allow the 
pi-opcll:inl 10 I low through to initiate thrust, This engine is also capable of 
opcraling with :i blowclown pressurization system so that thrust decreases to 
o. 25  poii11~l :it 100 psia chainber pressure. This engine has operated in space 
:ind is :t r.oli:ible and proven component. Table VIII-4 gives data on this 
cnginc. A total of 12 engines are used on the Spacecraft. 
f- 
. 0.  017 pcrc!o~it lor  24 coiisccutivc hours (1 011 383 pulse cycles) without 
Electrical signals from the spacecraft guidance and control 
- 
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TABLE VIII-3. PHYSICAL, CHEMICAL, AND THERMODYNAMIC 
PROPERTIES OF NzH4 
- ~ 
Item 
Mean molecular weight 
Density 
Freezing point 
Boiling point 
Critical pressure 
Critical temperature 
Vapor pressure 
Heat of formation 
Heat of vaporization 
Spec if ic heat 
Thermal conductivity 
Gas constant 
Gamma 
Viscosity 
Cost 
- _ _  - __ 
. _ -  - .  
Data 
-.  _ _  . -  - 
32.0453 
62.8 lb /fl? at 68O F 
34.8. F 
236.9O F 
2132 psia 
716" F 
0.28 psia at 68. F 
+677 Btu/lbm at 77OF 
602 Btu/lb at 77OF m 
0.736 Btu/lb -OF at 68O F m 
0.'205 Btu/hr-ft-O R at 68O F 
m 
48.2  ft-lbdlb -OR m 
1.197 at 76°F 
0.972 centipoise - 68OF 
$1. SO/lb 
Reference VIII-2 
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TABLE VIII-4. RCS ENGINE FOR USE ON HIGH-ENERGY 
ASTRONOMY OBSERVATORY 
Item 
- 
Manufacturer 
Designation 
Type 
Propellant 
f Thrust (maximum), lb 
Chamber pressure (maximum), l b l in .  
Feed pressure (maximum) ; lb(in. 
Specific impulse (maximum thrust) sec 
Thrust (minimum) , lbf 
Chamber pressure (minimum), Ab in. 
Feed pressure (minimum), l b i in .  
Specific impulse (minimum thrust), sec 
Rated duration 
Weight, Ab 
d 
Expansion ratio (E) 
. 
Data 
Rocket Research Corp. 
Seattle, Washington 
MR-6A 
Liquid monopropellant 
N2H4 
0.5 
200 
2 90 
221 
0 .25  
103 
150 
218 
1 000 000 + pulses 
0.9 
100 
Reference VIII-3 
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2. Trends.  A s  a monopropellant, N2H4 is used in rocket engines to 
produce a thrust  which ranges from 0.5 pound to 600 pounds. All of the J P L  
Ranger and Mariner spacecraft  have used such thrusters for making precise 
trajectory corrections , and several communication sitellites maintain their 
position in a synchronous earth orbit  with the aid of NzH4 engines. N2H4 
midcourse correction engines were used on the Rangers and the 1967 Mariner; 
both probes used a nonspontaneous H-7 catalyst. For this catalyst  to begin 
decomposing N2H4, the catalyst had to be preheated to a temperature of about 
6000 F to 8000 14'. 
consisls of operating the thruster  for a short  time with an oxidizer, such as 
nitrogen tetroxide, which is hypergolic with NzH,. The 1969 Mariner used the 
spontaneous Shell 405 catalyst which eliminated the auxiliary ignition system. 
T h u s ,  the 1969 Mariner  had a s impler  and more reliable propulsion system 
th:m Ih:it used on the 1967 Mariner. It had 30 percent fewer components, 45 
p c w e n t  lewer leak paths, and weighed 4 . 6  pounds less. The next major new 
use oT a n  NzI14 sys tem wi l l  probably be in the Viking spacecraft. The principal. 
objective of the Viking 1973 Project is to "soft" land a scientific payload on the 
surl'ace ol M a r s  with the aid of throttleablo NzHq thrusters.  
Thus, an auxiliary ignition system w a s  required which 
Liquid NZH4 is not shock sensitive and can be heated to a practical  
limit of 35O0 1, before thermal decomposition becomes significant. Since many 
mater ia ls  begin to act  as catalysts with N2H4 we l l  below 500. F, any part of a 
propulsion system which will  be exposed to NzH, must be clean and free of rust  
and scale,  Since N2H4 is almost like water in its capacity for absorbing heat, 
local heal t ransfer  r a t e s  must be limited; and, in designing a monopropellant 
N2H4 propulsion system, any heat to be t ransferred from the thruster  area to 
par t s  of the system containing the liquid must be taken into account. 
A limitation of N2H4 is a freezing temperature of about 35OF. 
Adding certain substances lowers this freezing point, but at a price. W a t e r  
and NH, a r e  effective, for  example, but they also lower performance, 
Hydraziniuin nitrate is effective, too, and even improves performance; but i t  
raises the decomposition temperature and makes handling the propellant slightly 
I iuder .  Electric hoaters wi l l  be required in the thruster  modules of the HEAO 
to prevent thr: freezing of N2H4 in the feedlines. 
RCS thruster module temperature will vary from -5I'F to -2I0F, as mentioned 
prevjously . 
Table VII-3 shows that the 
N2H4 is readily compatible with many common mater ia ls  used for 
eoaw;lruction o f  u propulsion system, such as the 18-8 series of stainless steels, 
a L ~ ~ r l i l a r l s ? l ,  tit:tnium, Teflon, and butyl rubber.  
8-12 
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From a handling and safety point of view, mixtures of air and NzH4 
vapor are extremely flammable, and care must be taken to exclude air from 
any N2H4 system. The breathing of Nz& vapors should be avoided because its 
tolerance limit value is one part per million for an 8-hour daily exposure. 
Hydrazine's popularity really stems from the discovery of the catalyst, 
Shell 405, which spontaneously and repeatedly initiates decomposition of the 
fuel. The disadvaneges of having to use an auxiliary ignition source when 
N2H4 w a s  used with the old H-7 and HA-3 catalysts, however, prompted a 
search for a spontaneous catalyst that culminated in the development of Shell 
405 by the Shell Development Company under cvntract to NASA-JPE. A 
"spontaneous catalyst, '' i n  this context, is one that will s tar t  to decompose 
N2H4 after being in contact with it only a short time (IO to I000 msec) , and 
when both substances are at  a temperature no higher than 70.F. Shell 405 is 
made up of an aluminum oxide carrier of high surface area - about 7.80 x 
i06ft2/lbf - and impregnated with the active material, iridium. It is reusable, 
available in  several particle sizes, and costs about $2100 per pound. Naturally, 
i ts  high cost and the use  of a strategically scarce metal tend to restrict its use. 
But i t  is very attractive for  applications which require many hundreds of 
operations of the propulsion system. 
k 
Shell 405 has not proven physically as durable as either of its 
predecessors, H-7 or  HA-3. A s  a result of i ts  apparent reduction in strength 
at  high temperatures, there may be a physical loss of catalyst from a thruster, 
which in  turn results in very rough thruster operation - or  even in no operation 
at  all. The rate at which catalyst is lost is affected by the propellant flow rate 
per unit of bed cross-sectional area, the uniformity of the injector, and the 
technique used for  retaining the catalyst. Though the problem has not prevented 
the widespread use of Shell 405, i t  has required an extensive development effort 
in some cases. NASA is currently sponsoring further investigations aimed at 
improving the durability of the new catalyst. 
When N z h  decomposes with the proper catalyst, 12 kcal of energy 
per mole of liquid N,H, a r e  released. Once the decomposition begins, the 
reaction is sell-sustaining. The products of decomposition are clean and the 
1'1:~111c temperature is low. The products of the decomposition are gaseous 
NH3, N,, and H2. Though the details of the reaction are not completely under- 
stood, i t  can be represented in overall terms as: 
. 
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This is fallowed by a much slower endothermic reaction (i. e. , one that absorbs 
energy) in which NH, is catalytically decomposed: 
2NH3 - N2 + 3H2 
While the first reaction is controlled by transport processes, the second 
reaction is kinetically rate-limited. The practical usefulness of the second 
reaclion lies in  the fact that the composition, and temperature, of the exhaust 
products can be controlled over fairly wide limits by varying the length and 
thus the residence time of the catalyst bed [VIII-41. 
D. Conclusions 
A summary comparison i s  made between the baseline RCS NzH4 
monopropellant system and the three alternate RCS concepts: bipropellant, 
cold N, gas, and resistojet. 
Based on the impulse requirements of the RCS, an N2H4 monopropel- 
lant propulsion system was chosen. Even though a bipropellant system would 
weigh less,  a monopropellant system was chosen because it is simpler and 
hence affords greater system reliability. Monopropellant fuels can also 
achieve a higher fraction of their theoretical performance and form a large 
proportion of the system mass. Their main drawback, however, is a com- 
paratively low absolute level of performance. Currently operational bipro- 
pellant systems deliver at  least 18 to 25 percent more specific impulse than 
an NzH4 monopropellant system. 
Based on the total impulse requirements (7000 lb sec) of the RCS, 
a cold N, gas RCS will  weigh approximately 100 pounds more than the mono- 
propellant N,W, HCS. An N2H4 monopropellant system wi l l  produce a t  least 
three times the specific inipulse of a cold N2 gas system. Based on the weight 
difference of the two systems, the monopropellant system was  chosen; however, 
the cold N, g ~ s  system has higher reliability, greatest simplicity, shorter 
lead time, m x o  advanced state-of-the-art, and lower cost than the mono- 
propellant o r  bipropellant systems. During the Phase B study a determination 
should bo n1:~Ie as to whether the weight difference between the monopropellant 
systcm :mi the c d d  gas system is critical enough to rule out the cold gas 
sy 8 tcnn , 
f- 
c 
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The NzH, monopropellant system was chosen over the resistojet system 
because the weight and electrical power requirements of the resistojet system 
were considered excessive. 
For a detailed discussion and comparisonaf the three alternate R C S s  
see Appendix G. 
A stum should be performed during Phase B to determine if the Shell 
405 catalyst is capable of operating for a 2-year period through many cycles 
without significant deterioration. 
. 
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SECTION IX. POWER SYSTEM DESIGN 
A. Requirements N70 - 2 2 9 0 9  
1. Guidelines. The power for the HEAO payload is to be provided by 
a solar cell array and rechargeable battery system. The proposed design has 
been developed around the following guidelines and constraints which a re  
applicable to this system: 
a. Orbit characteristics - 200-n. mi. altitude 
28.5 -degree inclination circular orbit. 
b. Solar vector pointing and off-axis pointing. 
c. U s e  of available hardware, 
d. Simplicity and economy. 
e. All systems can accept 28-vdc power, 
f .  Modular design. 
g.  Reliability - i-year design goal 
2 -year desirable lifetime, 
h. Titan launch vehicle envelope. 
The orbital characteristics determine the time in sunlight, temperatures, and 
radiation levels to be encountered by the array. The solar cell array has 
dictated that the primary mode of operation for the HEAO shall be based on a 
solar-oriented position. The effects of off-sun pointing on the design have also 
been considered for the various operating modes proposed for this mission. 
Based on a preliminary analysis of the power system, it was 
* determined that the ATM solar cell modules were not suitable for this 
application. Therefore, a new solar cell module was designed for the HEAO 
application. This module is similar to the ATM module, except that efficiencies 
are slightly higher and the physical dimensions a re  different to meet the HEAO 
requirements. Other portions of the power system make extensive use of 
inodified ATM equipment. 
-1 
A modular design approach has been followed by which additional 
solar panel modules and energy storage and conversion units can be added or  
deleted according to changes in total power requirements. The addition of 
panel modules would require a change in the baseline spacecraft configuration; 
deletions would cause no configuration changes. A great deal of flexibility has 
been provided to  allow for tailoring the system to the final spacecraft require- 
ments. 
It is difficult to confidently predict reliability for lifetimes in exccss 
of i year because of inadequate statistics and test history on the rechargeable 
batteries. Careful test and selection of flight hardware, conservative design 
ratings, and good control of battery temperatures a re  means by which adequate 
reliability can be achieved. Simplicity and design to avoid single-point failure 
modes is proposed rather than extensive redundancy to obtain the desired 
reliability. 
The Titan launch vehicle payload envelope has constrained the over- 
all configuration and the area available for body-mounted solar panels. Several 
alternative configurations have been evaluated in this study; the baseline 
configuration which has been selected is an octagon shape 30 feet long, having 
a maximum diagonal dimension of 105 inches , with body-mounted solar panels 
on three sides. Simple foldout solar panels a re  proposed a s  an alternate if 
more power is required. 
2. System Power Requirements. Preliminary investigations have 
shown that a power system which operates at 28 vdc f 5 percent will accomtnodata 
the IIEAO subsystems and experiments. Should special requirements arise 
later, better regulation and/or special voltages can be furnished with little 
impact on the system. 
The power requirements for the spacecraft have been estimated 
at 560 W for the Phase A study. This power requirement does not include 
contingency to allow for growth o r  unexpected degradation of power system 
capability. At the completion of the study, it became evident that the space- 
craft will probably require additional power for the ASCS, the RCS, and for 
thc commurricatioiis and data handling systems. The power requirement 
is shown as 560 W, although the maximum power system capability using the 
available surface is 820 W. The power system was designed for the maximum 
capability to allow for the expected additional requirements ., The difference 
bctwcen c:npnbility and 560 W is carried as a contingency, as shown in the 
sdrsystcms 1% L? tt.;nporsry demand, and these peaks do not normally coincide. 
. 
power s ~ t n i n a r y  of T'able IIX-i. The peak power indicated for the various 
r- 
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The system transient capability is 2490 watts, not to exceed 90 watt-hours 
per orbit. A typical power profile is shown in Figure IX-I. Tables M-2 
through IX-4 break down the individual system requirements. Three operating 
modes have been defined, and are described in the following paragraphs. 
TABLE IX-I. POWER SYSTEM CAPABILITY AND REQUIREMENTS 
Power available initially 820 W maximum 
Power available after I year 780 W maximum 
Power available after 2 years 740 W maximum 
System 
Power ( W) 
-. 
Peak Average 
Experiments 275 265 
Communication and data 
handling system 
ASCS 
503 65 
6 16 200 
30 
560 
- Redundant systems 30 
TABLE IX-2. POWER SUMMARY FOR HEAO BASELINE 
CONFIGURATION EXPERIMENTS 
Item 
Large area x-ray 
Low-energy gamma ray 
Mcdium-energy gamma ray 
Gamma-ray telescope 
Cosmic-ray electrons 
Cosinic-ray calorimeter 
Total 
Power ( W) 
Peak 
135 
15 
15 
40 
20 
50 
Average 
13 5 
10 
10 
40 
20 
50 
265 
-
9-3 
S-band transmitter (2)  
Command receiver (2)  
Command decoder 
Digital multiplier 
Analog signal conditioner 
Tape recorders (4) 
Switching network 
Diagnostic logic 
Minitrack beacon transmitter (2) 
Total 
_ _ ~  
. 
440 30.0 
0 .4  0 . 2  
4 0. i 
5 5 .0  
8 8.0 
30 6.7 
8 8.0 
4 .0  3.0 
4.0 4 .0  
65.0 
-
- - - - - 
Star m apper/elect ronics 
Digital sun sensors 
Star tracker 
Gyros, rate ( 3 ) ,  and electronic 
modifications 
Magnetometers 
Flywb ecE 
Magnetic coils 
Signal proccssor 
. _  _ _  I -=  -_ 
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10 10 
2 2 
173 36 
2 2 
268 40 
100 50 
50  
200 
- - 
7
50 
- - L - _  __ .__ 
4 
1,100 
1 ,OOo I 
900 
Figure E-I. Typical power profile for various operational modes. 
a. Celestial scan mode. In the celestial scan mode, the space- 
craft will remain sun oriented and will perform the desired observations by 
rotating at a one-tenth rpm rate while tracking the sun through its -i degree/ 
day movement along the ecliptic. This orientation provides the maximum power 
output, 
b. Galactic scan mode. The galactic scan mode provides a 
survey of the galactic plane during the first 30 days of the mission. This would 
require the spacecraft scan axis ( Z )  to move off the solar vector at various 
angles up to approximately 37 degrees, the worst condition anticipated for the 
power system. Adjustments in the power requirements may be required for 
this mode. The cosmic-ray electron and cosmic-ray calorimeter experiments 
couPd be completely turned off for this period if necessary. 
c .  Celestial pointing mode. The celestial pointing mode provides 
detailed study of points of interest. The spacecraft scan axis can be pointed 
to any point within 37 degrees of the solar vector. To compensate for the loss 
of power from the off-axis maneuver, it may be necessary to reduce the power 
requirements for  this mode. The experiments on one side of the spacecraft 
could be completely shut down. 
B. Baseline System Description 
I. hnct ional  Description. The spacecraft baseline configuration is 
shown in Figure IX-2 with the location of the power system components indi- 
cated. A block diagram of the proposed power system is given in Figure IX-3. 
The solar array normally supplies power to the spacecraft systems 
and charges the batteries during the daylight portion of the orbit. The batteries 
furnish power during the dark portion of tho orbit o r  any other time the solar 
panel voltage drops below the open circuit voltage of the battery. This occurs 
during peak load requirements. Because of the problems anticipated i n  
connecting the power conversion system to the output of panels with different 
incidewe angles, a solar power distributor has been shown. 
The CBRM's can accept power from the solar panels at voltages 
from approximately 80 to 26 V and provide output power at approximately 
28 vdc. 
Power distribiition is through a power distributor and one o r  more 
control distributors, depending on the number of circuits required. Redundant 
1 
DIRECTION =SOLAR PANELS Y 
Figure IX-2. Spacecraft baseline configuration indicating location of power system components. 
IBUTION 
DISTRIBUTOR - 
CHARGER 
BATTERY 
MODULES 
REGULATOR 4 
. 
Figure 1x4. Power system block diagram. 
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buses and cables will be provided in the distributors a& in the main power 
distribution lines. Each line will be provided with 6hort circuit protection. 
Diode isolation would be within the equipment being furnished with power o r  in 
one of the distributors, ns required. 
Ground commands control selective power system functions. These 
commands a re  routed through the command receiver and command decoder of 
the telemetry system to t h e  switch selector. This unit provide6 control of 
switches o r  relays .in the distribution system. 
2. Hardware Description 
a. Solar panels. The HEAO baseline solar array covers three 
adjacent sides of the octagonal spacecraft configuration. The limitation of 
105 inches for the mmdmum diameter of the structure dictates a width of 
40.2 inches for each side panel. The overall spacecraft length is 30 feet. 
t 
Although the baseline array is considered as being body 
mounted, the array consists of individual modules small enough in size to 
minimize handling and fabrication problems. These modules would be mounted 
i n  a structural framework for support of the modules and associated wiring 
harness. The solar array layout is shown in Figure IX-4. 
A custom solar cell module is proposed. This module would 
be similar to the ATM module, but more efficient, and sized to  meet the 
HEAO requirements. Improvements for this HEAO module include: 
a. A better packing factor ( active cell aredmodule area) . 
b. Fabrication and soldering improvements. 
c.  Improved or  more economical cover slides. 
d. Improved adhesives. 
e. Increase in output from solar cells having different 
dimensions. 
f .  Weight or  thermal advantages with a change in substrate. 
The module configuration is shown in  Figure 1x4. The power 
output of this module is plotted a s  a function of temperature in Figure IX-6. 
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Figure IX-4. Solar panel layout for baseline configuration. 
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Figure IX-5. Possible HEAO solar cell module configuration. 
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Figure IX-6. Solar cell module power output as a function of temperature. 
Figure IX-7 shows the cross  section of the module, gives a list of components 
and materials used and lists the characteristics of the solar cells. The 
packing factor for this module configuration is approximately 89 percent. 
The module shown in Figure IX-5 has 354 two- by four-centi- 
meter (0 .788 by i .  576 inches) solar cells connected in 3 strings of i i 8  cells 
connected in series. For one possible hookup, using six CBRM's, 4 2/3 
modules on each of the three solar panels would be connected to each CBRM. 
The problem of matching inplts to the CBRM's would be eliminated if foldout 
side panels were used to form a flat array surface. 
The coverslides for the solar cells a re  0 .0  12-inch-thick 
fused silica, although consideration may be given to microsheet since it is 
less expensive. The coverslides provide protection to the solar cell from 
radiation and micrometeoroid damage. The coverslides have an antireflective 
coating on the side exposed to the sun to allow maximum transmission of 
energy in the region of solar cell peak spectral response. The side of the 
coverslide attached to the solar cell has a reflective coating to reject ultraviolet 
energy, providing protection from ultraviolet damage to the adhesive used in  
bonding the coverslide to the cell. The cut-on wavelength (wavelength where 
50 percent of the light is transmitted) of the ultraviolet reflective coating ir3 
specified as 0.400 f 0.0  15 micron. Since the solar cell and coverslide are  very 
brittle, the module substrate must provide maximum freedom from bending. 
To provide the required stiffness and a lightweight structure, a 3/8-inch 
aluminum honeycomb substrate is proposed. Zhis substrate would consist of 
0.008-inch face sheets sandwiching 3. I lb/ft'-O. 00 i-inch ribbon core material. 
A more thorough analysis will be required to verify this selection. The total 
weight of a solar cell module, including solar cells, coverslides, intercell 
connections, adhesives, and substrate, is estimated at 3 .5  pounds. 
c 
b. CBRM's. The CBRM is a single unit containing a battery, a 
battery charger, a load regulator, and the associated controls, protection, 
monitoring, and auxiliary circuitry. The total unit weight is approximately 
110 pounds. The CBRM accepts power from the solar array during the 
illuminated portion of the orbit and supplies power to a load bus during the 
cntirc orbit. During the illuminated portion of the orbit, the power from the 
solar array supplies the load bus and recharges the battery. During the dark 
portion of the orbit, the battery supplies power for the load bus. An ATM 
CBRM of modified design is used in the HEAO power system. A combination 
schematic and block diagram of the ATM CBRM is shown in Figure IX-8. An 
outline drawing (Fig. IX-9) shows the dimensions of the present 20-ampere- 
hour  capacity unit. The present design has the following characteristics: 
T 
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Figure E - 7 .  Solar cell module cross-sectional view. 
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Nota Connactlons to the CBRH are made through oonn.oton Jl ,  JZ. JJ, and J4. 
Figure IX-8. Block diagram and schematic of CBRM. 
0 Independent operation. 
0 No single-point failure will result in the loss of the total 
power system. 
0 N o  single-point failures will result in  a high voltage on the 
CBRM output buses. 
Overload protection. 
0 Equal load sharing by all modules. 
0 Automatic fault detection and recovery. 
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Figure IX-9. CBR module configuration. 
Several problems will be encountered by the  HEAO power 
system which were not a factor i n  the ATM design. A 2-year spacecraft life- 
t ime with a 92-minute duration orbit dictates an operating life of about I 1  400 
cycles for  each CBRM. The specified operating lifetime of the ATM CBRM is 
4000 cycles.  The operating lifetime may be extended by decreasing the depth 
of discharge. Since a total of only six CBRMs are to be used on the HEAO, 
instead of 16 to 18 as on the ATM, the design for  independent operation will 
mean a greater percentage loss for  each malfunction. The loss of any one unit 
will reduce the total system capacity of the HEAO by 16.7 percent, if the 
original depth of discharge is maintained. The use  of common bussing or other 
means of providing redundancy will cause a reduction in  overall  system 
efficiency. This is a problem which should be considered more  thoroughly in 
the next phase of study. 
Another problem which will have to be investigated is the 
effect of varying voltages and currents  to the CBRM's caused by the 45-degree 
side so la r  panels and the off-axis viewing. Several methods for connecting the 
pniicls a r e  available. The use  of fold-out side panels would alleviate this 
problem, and allow CBRM operation under design conditions. 
The presently defined mission requirements of 560 W would 
require an average electrical output of 93 W from each of the six CBRMs. The 
full 820-W capability of the power system would increase this to 137 W from 
each. The mission requirements a r e  not well enough defined to  estimate the 
maximum transient demand, although the 415-W peak capacity of the present 
CBRM designs is adequate for those shown in Table IX-1. 
The requirement fo r  six CBRM's is shown in Figure IX-IO. 
As  indicated on the char t ,  an increase in power requirements to more  than 
670 W would dictate the need for an additional CBRM if  the 15 percent depth of 
discharge level is not to be exceeded, If the 820 W capability is used, the depth 
of discharge would increase to 20 percent with six CBRM's. A 15-percent depth 
of discharge was chosen to provide a long battery cycle life and to reduce the 
effect on the system of a single CBRM failure. The calculations are based on 
n dark period of 36 minutes, which is the worst  case situation. 
? ( I) Battery charger .  The battery charger  is a switching 
wgulntor typc lhnt is capable of converting the solar a r r ay  voltage to the level 
rcquircd for charging the battery.  The charger  will sensc the condition of the 
battery,  the load requirements, and the so la r  a r r a y  parameters ;  it will then 
condition the power not needed by the load bus to charge the battery. 
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Figure IX-IO. CBR modules required for different depth of discharge values and power values, 
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The battery charge control sequence is illustrated 
i n  Figure IX-ii. The initial charging is done at a constant current. When the 
battery terminal voltage reaches a predetermined value, which is a function 
of battery temperature, the charger reduces the battery charging voltage and 
continues with constant voltage charging. Battery charging will be  terminated 
when the fully charged condition is signaled by the battery third electrode o r  
when the input voltage to the CBRM drops below a specified value. The charger 
efficiency is specified at a minimum of 92 percent. 
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Figure IX-1 i. Battery-charging regime. 
( 2 )  Battery. The battery contains 24 series-,onnected, 
imrmetically-sealed, nickel-cadmium cells of the three- or  four- electrode 
type. 'rota1 battery capacity is 20 A-hr, and total weight is not more than 50 
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Figure IX-12. Regulator output voltage slope. 
pounds. One parameter which i s  very important in achieving extended battery 
life is cell matching. Close coordination with the work being done in this area 
should provide a better design for the HEAO battery units. Other parameters 
which are  even more critical in terms of battery lifetime (number of cycles) 
are temperature control and depth of discharge limitation. The specifications 
for ATM batteries give a battery lifetime of 4000 cyclesto a depth of discharge 
of 30 percent when operated at  temperatures from -20°C to I O "  C( - 4 O  F to 50" F) . 
The cycle life is expected to be increased if depth of discharge is limited to 
10 to 20 percent and the thermal limits a r e  not exceeded. Preliminary thermal 
analysis for this spacecraft does not indicate any immediate'problems from an 
environmental temperature standpoint. The anticipated 15-percent depth of 
discharge should lengthen the life of the batteries. Short-circuit protection is 
provided by a contactor in series with the battery which opens if the  battery 
discharge current exceeds 25 A. Overcharge of the batteries is prevented by 
a charge control system which monitors the third electrode signal voltage of 
thrce cells in each battery unit and terminates the charge when a fixed signal 
level is reached. 
- 
(3) Load regulator. The load regulator is a switching 
regulator designed to be capable of converting widely varying input voltages 
into a closely regulated output voltage. It regulates power from either 
batteries or  solar panels. The regulator can deliver a peak transient load of 
415 W under transient limitations of 15 W-hr/orbit above an average load of 
200 W.  The regulator output voltage is maintained within the values shown in 
Figure IX-12. The regulator efficiency is a minimum of 89 percent for loads 
between 100 and 200 W and not less than 85 percent for peak load. Short- 
circuit protection is provided by limiting regulator output current to 20.0 A 
maximum. The output voltage starts to drop off above 15.5 A and decays to 
zero at 20 A.  
(4) Auxiliary circuits and controls. The CBRM operates 
from cxternally supplied commands and performs the functions described in 
Table 1x4. In addition, automatic malfunction responses a re  included as  well 
as rrionitoring signals which can be telemetered for ground evaluation of the 
powcr system operation. 
c .  Networks. The power is  distributed from the CBRM's to the 
individual power-consuming components through normally redundant circuits. 
'rhc power distributor separates the main power drains upon the system. This 
unit contains the primary circuit protection for the major loads. The flywheel, 
nmgnctic coils, and experiments will probably be fed directly from the power 
distributor. 
' 
- 
9-2 1 
11lIl11 I1 I1 I I1 
TABLE IX-5. CBRM COMMAND SYSTEM 
Command 
Charger on 
Regulator on 
Charger off 
ltcgulator off 
System on 
I 
Signal Required 
24 - 31 V ~ C ,  18 - 
60 msec duration 
24 - ~ I v ~ c ,  18 - 
60 msec duration 
24 - 31 V ~ C ,  i 8  - 
60 msec  duration 
24 - 31 VdC, 18 - 
60 msec duration 
System common 
CBRM Response 
Turns on charger; closes battery contactor 
and input contactor if they a re  not already 
closed 
Turns on regulator; closes input contactor 
if it is not already closed 
Turns off charger; opens battery contactor 
and input contactor if regulator is off 
Turns off regulator; opens battery contactor 
and input contactor if charger is off 
Turns on charger and regulator; closes 
battery contactor and input contactor. 
Power will also be supplied through the power distributor to 
the control distributor. This unit furnishes power to the communications and 
data handling and to the ASCS. 
It is proposed that developed Saturn-type distributors be used 
for this program, assuming they can be adapted to meet the requirements. 
This should be no problem since approximately 10 standard plug-in printed 
circuit modules have been developed under the ATM program for use in the 
existing control distributor. The appropriate standard modules already 
available should provide sufficient flexibility. In any case, individual modulcs 
with special relays, diodes, o r  logic circuitry could be designed for use i n  the 
existing distributors. 
Coded command signals are sent from the ground stations, 
through the command link and decoder, to the  switch selector. This unit routos 
a 28-V discrete signal to the appropriate relays in the distributor panels to 
switch equipment or  operating modes. 
Additional capability will be necessary within the electrical 
nctwork so that ground operations can be performed. Typical functions of this 
systcin would be to: 
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0 Provide power input during calibration, test, and checkout 
of systems during all test phases. 
0 Interface the electrical support equipment with the space- 
craft systems. 
0 Provide test points for power system tests, such a s  dark 
cell tests. 
0 Provide vehicle power prior to launch. 
The electrical network should be designed ?n minimize the amount of cabling 
and the number of connectors to reduce weight and increase reliability. 
- 
The cabling system layout has not been designed. Factors which 
will  strongly affect the system design are power losses from a low voltage dc 
distribution system and problems of grounding o r  shielding associated with the 
other systems. 
The total weight of the power system is summarized in Table 
1x4. 
does not include the structure necessary to support the individual modules. The 
solar panel area is assumed to cover three sides of the 30-foot-long Structure. 
The solar panel module weight includes the honeycomb substrate, but 
The individual components of the power system may be moved 
to improve the mass characteristics of the spacecraft; however, the proximity 
of certain units to each other is important and must be maintained. Line losses 
and interference should also be considered in locating the power system 
components. 
The thermal considerations of some of the components, 
especially the CBRM’s, a re  critical for their successhl performance. 
In addition to the power interface to the spacecraft systems, 
other interfaces are  necessary. The command subsystem interfaces at the 
switch selector where  the ground command signals a re  implemented. Data 
indicating the condition of the power system will be transmitted via the telemetry 
l ink .  
7 
3. Pcrhrmance 
a. Design factors. In converting solar panel generated power into 
i~sciblc ~ O W C L ‘ ,  systcm lvsscs must  be considered. The locations of these losses 
urc’ depicted in  Figurc 15-13. ‘rhe efficiency figures for the CBRM sections are  
wprc’scwtative numbers based on ATM hardware. The transmission and distri- 
bution Losses are  also typical figures estimated for this configuration. 
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TABLE IX-6. POWER SYSTEM WEIGHT STATEMENT 
Item 
Solar panel niodules 
CBR units 
Solar power distributor 
Power distributor 
Control distributor 
Switch selector 
Cables and connectors 
Measuring supply 
Measuring supply distributor 
Power supply 
Total 
Weight (lb) 
294 
660 
35 
35 
25 
20 
150 
2 
25 
io 
1256 
-
The range of times indicated for the day-night period are 
based on the 200-n. mi. ,  28.5-degree-inclination circular orbit. In calculating 
the power output, the shortest daylight period has been assumed. At the same 
time, the temperature calculations are  based on the longest daylight period 
and will indicate the hottest case with the least power ou tp t .  As a result of this 
procedure, the calculated power figures should be a conservative value. 
The power system performance factor calculations are shown 
in Table IX-7. Several things may degrade the electrical output of the solar 
array. Radiation and micrometeoroid damage a re  the major anticipated sources 
of degradation. The function of the coverslide is to protect the solar cells from 
this damage. However, the solar cells will not be completely covered by the 
covcrslide and certain portions of the active surface will be directly exposed to 
ttic radiation flux. Also, tho micrometeoroid degradation is mainly caused by 
surhcc erosion of the coverslide. Although the reaction control thrusters have 
I ~ c w n  locntcd so that the i r  exhausts will not directly impinge on the solar array, 
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TABLE IX-7. POWER SYSTEM PERFORMANCE FACTOR 
* 
Solar array output required with 7% transmission loss 
Average regulator input plus average charger input 
Average battery charger input at 95% efficiency 
60 Average battery recharge power required 818 W-hr x - 
56 
Average battery recharge power at 76% recharge efficiency 
Average night power requirements for 56-minute day, 
36 
60 
36-minute night: 1040 W x - hr  
Average regulator input at 88% efficiency 
Average CBRM mtplt at 10% distribution loss 
M a x i "  average power capability, based on array mtplt 
2110 W array output 
820 W system outplt Power system performance factor: 
2110 w 
1960 W 
920 W 
875 W 
8 18 W-hr 
620 W-hr 
1040 W 
910 w 
820 W 
2.57 
oxhnust gases a re  a possiblo source of degradation. The thermal cycling under 
vacuum conditions may also have a damaging effect on the solar panels. A 
5-percent-per-year solar cell degradation factor has been assumed for the 
conditions of this mission. 
Other factors which will affect the total solar panel output will 
be module mismatch, assembly wiring losses, and degradation from testing. 
No additional degradation o r  power loss has been attributed to these factors a t  
this time. Total available power calculations have been made on summation of 
module outputs. The anticipated module output is based on average ATM module 
test results adjusted for the additional number of solar cells on the HEAO module 
b. Solar angles. The solar panels located at 45-degree angles to 
the center solar panel in the baseline configuration and the motion of the space- 
craft about its scan axes will complicate the calculations for effective power. 
The viewing program for the proposed mission profile has indicated a maximum 
angle off the solar vector of 36 .5  degrees for the center panel axis. This will 
cmse  the solar incidence angle on the panel away from the sun to be 8 I. 5 de- 
grccs. For the purposes of this study, the panel output has been calculated 
using a cosine function, although it is realized that this generates an optimistic 
figure for thc large angles, because of surface reflection. Another problem 
brought about by the panel angles is the variation of inprt into the CBRM's. 
Thc variation of solar cell current with a change in incidence angle coupled 
with the solar cell voltage shift caused by the temperature change will impact the 
CBRM design. The use of fold-out panels would simplify many of the power 
system design problems. 
* 
Figure IX-14 shows the relationship of temperature, sun 
angle, and output power from one solar cell module. This ohart is based on the 
predicted outwts at beginning of life. 
c .  Thermal impacts. The configuration and assumptions used to 
calculate the solar panel temperatures a re  described in the thermal analysis 
section of this report, The temperatures for tho various cases investigated 
have been uscd to plot power output curves a s  a function of temperature. 
I Figure IX-15 is a plot of the power outprt from each panel 
as a function oE orbit time for the baseline thermal case (Section VII) , with 
thc scan axis pointing along the solar vector. N o  heat conductors a r e  used in 
this configuration. The output of the two side panels has been corrected for 
incidcncc angle using thc cosine of the 45-degree angle. As  noted in  the thermal 
analysis section, the spacecraft rotation has not been considered. This should 
have vcry little effect in this instance. 
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Figure IX- 14. Solar cell module power as a function of temperature and offset angle. 
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Figure IX-I5. Power a s  a function of orbit timB for the baseline configuration 
with the scan axis aligned with the solar vector. 
Thermal Case F (Appendix F) is used to plot the panel outplts 
in Figure IX-IS. This is the same as the baseline thermal condition, except 
that heat conductors were used. 
The cyclic nature of the side panel outputs is depicted in 
Figurc IX-I7 for a spinning spacecraft, with the scan axis pointed off the solar 
vector. The dashed line indicates the average output of the two panels. The 
situation where the spacecraft points with no scanning motion off the solar vector 
is shown in Figure IX-18. Although the maximum angle considered for the 
spinning case was 36.5 degrees and for the pointing case was only 30 degrees, 
the temperatures are  from Thermal Case C (Appendix F) which used 35 
degrces a s  the solar offset angle. 
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Figure IX- 16. Power as  a function of orbit time for baseline configuration 
with heat conductors. 
The individual panel outputs for Thermal Case E (Appendix F) 
have been plotted in Figure IX-19. This configuration has fold-out side panels 
with no thermal control. 
. 
A plot of average power output for the five different situations 
has been shown as  a function of orbit time in Figure IX-20. These a re  total 
power ct~rvcs which represent the sums of the individual panel outputs shown 
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Figure M-17. Power as  a function of orbit time for baseline configuration 36.54egree pointing 
s u l e  (based on temperatures from 35 degrees off-axis thermal analysis). 
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Figure IX-18. Power as a function of orbit time for baseline configuration 
30-degree scan angle (based on temperatures from 35 degrees off-axis 
thermal analysis). 
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Figure IX-19. Power as a function of orbit time for foldout solar panels 
perpendicular to solar vector. 
i n  the preceding figures. The usable average power figures shown in the notes 
have been calculated with the use of a single performance factor and degradation 
factor. The relative system merits or additional design lossee for special 
cases have not been factored into these calculations. 
The chart presented in Table IX-8 is a summary of the power 
situation for the various orientations. The column showing available power 
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TABLE IX-8. POWER SUMMARY 
~ - 
Configuration 
. -  
Celestial Scan 
Start of mission 
After I year 
Galactic Scan - 
Start of mission, 
36.5-deg offset angle 
After I year, 
36.5-deg offset angle 
.-- 
Available Power (W) 
- . _ _  ____. 
820 W 
780 W 
655 W 
625 W 
_._ - 
Power Available 
for Contingency (W) 
. -~ 
260 W 
220 w 
95 w 
65 W 
Note: This table is based on a 5-percendyear solar cell degradation and the 
baseline thermal case (Section VII) . 
is based on an optimistic analysis of the solar array output at the various off- 
set angles. The contingency power is power in excess of the 560 W defined 
as a basic requirement. 
C. Conclusions 
The study of electrical power system configurations and capabilities has 
identified those portions of the conceptual de.sign requiring h r t h e r  definition 
or  refinement during Phase B. The establishment of definite, detailed power 
profiles and mission timelines will be a prerequisite for this task. Tasks 
requiring more work are  summarized in the following paragraphs. 
I. . Solar _ _  ~ Array Summary. This study considered alternate solar 
array configurationsas shown in this section and in Appendix H. It appears that 
the solar cell modules a re  adequate for the baseline HEAO. If power require- 
ments should increase o r  mission requirements change, it could be necessary 
to increase the power systems capability. The easiest way to obtain a substantial 
increase is to fold out tho solar panels. 
The requiromeiit for two of the solar panels to be at an angle of 
45 dcgrces to the center panel complicates the power system and introduces 
losses in matching the solar cell outplts; but the losses are within the performance 
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factor margin. A consequence of the varying outputs is that the CBRM will 
require some redesign to adapt it to operation at a constant input voltage, 
rather than a constant current, as i n  the ATM. 
a. Definition of solar array/structure interface. Mounting of 
the solar cell module to the structure was not studied for the baseline. The 
proposed structure is such that there should be no problems in affixing the 
modules. If fold-out solar panels a r e  incorborated, some structure change 
would be necessary to meet the launch envelope restrictions and maintain the 
rigidity required. A mounting concept was developed for the fold-out alternate. 
b. Foldout array. Fold-out solar arrays were studied bemuse 
the available contingency does not appear sufficient if requirements increase. 
The study considered only the power outputs, and no consideration was given 
to the weight of the fold-aut arrays. This limited study of fo1d-d arrays is 
presented in Appendix H. Reliability of the fold-out array is not expected to be 
a problem since there is substantial history of successful fold-aut arrays with 
very few failures. 
2. CBR Summary. The ATM CBRM used for this study was designed 
for use in a power system with a flat, solar oriented array and relatively short 
mission. The HEAO solar array, as baselined, is not flat, is not solar 
oriented for all of the mission, and the required power system lifetime is 
considerably longer than ATM. 
Solar cell modules on the different sides of the HEAO have different 
temperatures and illumination; therefore, their characteristic power curves 
and output voltages vary. Matching the outputs from the different sides to the 
input of the CBRM will degrade overall efficiency and peak power which could 
be used to charge the batteries. This loss does not appear to be critical. 
Operation of the CBRM at a constant voltage (rather than constant 
current a s  in ATM) is expected to yield maximum utilization of the solar array 
output under the worst conditions expected. Further study of this problem is 
necessary to determine the feasibility of the constant input voltage approach. 
If the results of the study show this to be an undesirable approach, it will be 
necessary to develop a peak power tracking circuit. 
3. 
dcpth. A detailed reliability engineering effort is required to determine re- 
quircnionts and the configuration of thc power system to meet the mission 
guidclincs. Several possible reliability probIems have been identified. 
Reliability. Reliability of the power system wqs not studied in  
9 -36 
a. Batteries. The rechargeable nickel-cadmium batteries in  the 
CBRM are sensitive to temperature, depth of discharge, and number of chargo- 
discharge cycles. Batteries are usually the weakest link in long-duration power 
systems. One suggested improvement in this area would be the procurement of 
battery cells under GSFC proposed specification S-716-P-23, dated April 30, 
1969. This specification offers the best quality and design control of space 
batteries if a qualified source can be established. 
b. Solar cells. Solar cell modules seem to be adequately 
reliable, although some provision may be necessary to isolate failed modules. 
c. Networks. The only significant reliability consideration in 
thc network's portion of the electrical power system is the rel ihi l i ty  of the 
power distributors, switch selectors, and command functions. History of these 
items seems to indicate that there should be no problems for the baseline 
mission. 
c 
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SECTION X. COMMUNICATIONS AND DATA SYSTEMS 
Requirements ' N10-Z 2916 LI 
The telemetry and command system must provide %r  adequate commud- 
cation between the spacecraft and ground tracking stations. In addition, the 
system must acquire, process, and store a variety of scientific data, a s  
described in Section II of this report. A few ground rules, assumptions, and 
constraints are peculiar to the communications system and have been treated 
as requirements so that a baseline could be accomplished in a reasonable time 
Erame. In Appendix I, several of the parameters were analyzed to determine 
how they influenced the design and selection of the hardware for the baseline. 
The following assumptions were made at the beginning of the study in relation 
to the tracking system: 8 
( I) The carrier frequency of the wide band telemetry system would be 
2200 MHz to 2300 MHz. 
(2) STADAN would be used for communication with the vehiole. 
(3) The errors  in the command system shauld.not exaeed one in 10' 
bits. The telemetry data received at the tracking station oould tolerate one 
error in I O 5  bits. 
(4) The system should be sized to provide at least a data-rate 
capability of 27 500 bits per second. At least 2500 bite would be allocated to 
spacecraft eNineering data. 
/ 
These are  not particularly difficult requirements and certainly do not 
require technological advances. The basic operation requires that the system 
provide a means of sampling and gathering data from the various experiments 
and spacecraft system into the telemetry system where a bulk storage capability 
is provided for time between tracking stations. When the satellite has been 
acquired by the tracking station, the data in the storage system are  dumped 
through the telemetry links to the ground etation. The data are forwarded by 
the station to the mission control center for further processing. c 
I. On-Board Data Handling Requirements. This portion of the 
system is nGt well defined primarily because the aotual experiments have not 
been selected. The experiments described in Appenrllix A were used as typical 
examples of what the flight experiments would be. Table It-2 indioates an 
arithmetical total of 16.8 kb/s for the scientifio data. To provide a telemetry 
system that would be adequate and provide growth and flexibility, this estimate 
has been increased by a factor of 50 percent. Thus, throughout this section, 
a scientific data rate of 25 kb/s plus 10 percek for spacecraft engineering data 
was used. 
2. Data Storage Requirements. The STADAN is comprised of some 
15 stations. This number is reduced to only 6 for this study because of 
geographic location and because S - b d  equipment will not be available at all 
sites. The stations considered a s  being available are listed below: 
Fbsman, North Carolina (Link with GSFC) 
Quito, Equador 
Santiago, Chile 
Johannesburg, South Africa 
Orroral, Australia 
Tananarive, Replblic of Malagasy (Madagascar) 
When the tracking station geographical locations and the earth trace 
of the spacecraft are  considered, it becomes apparent that the statio- fall into 
three groups spaced approximately 120 degrees apart. That is, Rosman, Quito, 
and Santiago contacts would be nearly simultaneous and thus cannot be considered 
as separate contacts for the purpose of storage dumping. The same is true for 
Tananarive and Johannesburg. To scope the bulk storage requirements, the 
orbital mechanics indicate that the period of the orbit at 200 n. mi. is 92 
minutes. At a constant bit rate, which was assumed for this study, the total 
storage requirement is 1.5 x lo8  bits. It would be desirable to have a data 
dump for each orbit. A backup station would also be very desirable to allow for 
station down time or higher priority spacecraft preempting and preventing the 
unloading of the data. This is not always obtainable; in fact, after a first look, 
it appears that the down-link capabilities may have a very signifioant impaot on 
the design. A run was made of the GSFC complter program which gives STADAN 
station contacts. This program includes actual composite command and telemetry 
masks. The station contact time does not allow for signal acquisition and 
playback command. As the station operating procedure is formulated, these 
two conditions will have to be factored into the actual times, and used for the 
definitized design. The results of the run are summarized in Table X-1 over a 
30-revolution span. This appears to be the time interval after whioh the 
trajectory repeats itself rather closely. 
10-2 
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TABLE X-I. SUMMARY OF GROUND CONTACTS 
200 n. mi. 
Number revolutions 
Total number contacts 
Number contacts >6 minutes 
Number contacts >5 minutes 
Number contacts <5 minutes 
Revolutions with more than one 
i = 28.50 deg 
5 -minute oontact 
Revolutions with at  least one 
5-minute contact 
Revolution without any contacts 
30 
42 
19 
32 
5 
8 
16 
2 
Note that if only 5-minute contacts are considered, the maximum out-of-contact 
time is about 3 revolutions on the 8 ,  9, and 10 orbits and periodically throughout 
the hundred or  so orbits examined. The station location and the 8 ,  9, and 10 
orbits a r e  shown on Figure X-I. There a re  several requirements to be deduced 
from this summary a s  follows: 
(a) A prime tape-dump station and a backup will not always be 
available. 
(b) The time for a tape replay for a single orbit should not exoeed 
5 minutes. 
Q 
(c) The maximum bulk storage capability should be a t  least three 
orbits of data o r  more. 
3. Antonna Requirements. The spacecraft antenna coverage should 
- bc continuous throughout the mission. Considering the sun orientation, orbital 
inclination, and spinning of the spacecraft, a total spherical coverage would be 
rcquired. The antennas must be compatible with ground stations and the 
physical shape of the spacecraft, and provide a minimum electrical loss. The 
10 3 
Figure X-I. STADAN Stations for HEAO. 
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ground station will determine such parameters as frequency and polarization. 
The spacecraft will influence the seleztion of the radiating elements. It is well 
known that it is impossible to obtain an isotropic single polarization pattern. 
The size and shape of this spacecraft certainly impact this problem. In 
Appendix I, the various approaches are  covered in more depth; but they a r e  
out lined b r iefly below : 
(a) Use several antennas properly phased for the narrowest beam 
possible and fewest nulls. 
(b) U s e  dual polarization diversity receiver on the ground. 
(c )  U s e  frcqucncy diversity. 
(d) Switch antennas either from ground commands o r  on board 
generated commands. 
The spacecraft physical configuration would require six S-band radiating 
elements, four elements around the longitudinal axis, and one on each end. Each 
S-band element should ideally have a 90-degree cone of coverage. The four 
S-band elements around the spacecraft should alternate polarization to allow 
diversity polarization techniques to be used on the ground o r  the elements must 
be switched. The ground station is probably only capable of receiving circular 
polarization, thus establishing a scheme of alternating right-hand circular 
polarization (RHCP) and left-hand circular polarization ( LHCP) . The circular 
polarization limitation would mean that only four elements around the spacecraft 
could be used. This results in a gap in the pattern but simplifies operations. 
Because exact pattern characteristics cannot be predioted aocurately by malytical 
methods, experimental methods ultimately will have to be used. The U W  
requirements of the antenna a re  a function of the information rate and tho 
modulation scheme. The data cannot exceed 200 kb/s because of ground station 
limitations, and the modulation scheme will bs some type of wideband angular 
modulation. If a modulation index of five is used, then for a complex signal 
BW = 2 ( A f + 2 f  ) 
m 
where 
Af - carr ier  deviation 
f - baseband m 
10-5 
BW = 2(200) ( 5 +  2) . 
= 2.8 MHz/transmitter 
Two down links will have to be diplexed onto the antenna. In the  S-band range 
of 2200 - 2300 MHz th is  would be 
BW percentage = 
- 
This is certainly easy  enough 
- 5.6 x io0 
2300 . 
0 . 2  percent 
to achieve. The power-handling capability is 
a function of severa l  parameters .  If it is assumed that as many as two t rans-  
mit ters  may be multiplexed onto a single radiating element, then the antenna 
must  handle twice the output of the unit t ransmit ter ,  divided by 'the number of 
antenna elements. This  is the case  where multielementa are active a t  all timos 
to provide omnidirectional coverage. The dual link is required because tho 
dumped data ra te  exceeds the data handling standards of a single link. 
4. Transmit ter  Requirements. To obtain tracking data and aid in lock 
up of the very narrow beam S-band antenna on  the ground, a minitrack beacon 
is required, Since the  beacon is radiating continuously for the life of the 
mission, the power dra in  must be extremely low. Considering the percentage 
of the t ime the satell i te is in contact with a ground station, it doesn't seem 
advisable to require that the beacon be turned off after S-band lock-up. The 
beacon must be capable of being modulated to provide certain cr i t ical  engineering 
data associated with the reception of ground commands and tho decision to 
command palybaclc and e ra su re  of the tape recorder .  Two ILEIG-FM channels 
would be required to provide the capability, one for command acknowledge and 
onc for status data.  The s ta tus  data are also contained in  the 2.5  kb/s of 
cnginccring data on the wide band link; however, the remote tracking stations 
do not havc 3 capability to decornmutatc the digital data and, hence, that s ta tus  
data will not be available in  real-time a t  t h e  remote stations; thus the stntus 
dnta providcd on t h c  beacon link is uscd in docision making during tho pnss.  
'l%csc data can also be transmitted directly to  mission control for near rcal-  
titnc analysis of the situation, inthe event n ground station is linked to Mission 
Control. It does not contain scientific data. Two standard F M  channels 
wcre chosen to establish requirement; these were Channels 7 and 9. A margin 
10 -6 
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above the threshold was established at 3 db and the calculations shown in 
Table X-2 establish that a beacon of at least 10.9 milliwatts will be required. 
TABLE X-2. MINITRACK LINK REQUIREMENTS 
C/N in IF 13 (Assumed threshold a 
10 db and 3 db margin 
above threshold) 
- 
~~ ~ 
- - - 
Noise spectral density -168 dbm Receiver N F  = 3 . 5  db 
Receiver T = 360. 
Sky T = 800°K 
System T = 1160°K 
Bandwidth 
KTBW 
Power required in 
the Side bands 
26.8 485 Hz from 
BIf = 2 'fc + fm' 
-14 I. 2
-128.2 
The modulation loss -7.7 db 
Received power required -120.5 
Received antenna gain +22.2 
M i z 0 . 7  
Mz = 0 . 7  
401 Antenna 
Space loss -142.6 
Polarization loss -3.0 
Spacecraft antenna losses -6.0 
Circuit  loss -1.5 
Requircd transmitter power +8.6 dbm 
'r rails mittcr power 8 . 6  dbm 
10 -7 
Receiving antenna 
Total received power 
Modulation loss 
Power in carrier 
Bandwidth 
Received noise power 
C/N inloop 
Subcarrier channel 2 
Noise spectral density 
Bandwidth 
Noise in the IF 
C/M 
TABLE X-2. ( Concluded) 
+22.2 
-120.5 
-2.2 
-122.7 
+24.7 
. .  -- -_ __ - 
-143.3 
+20.6 db 
-128.2 
-168. 
+26.1  
-14 I. 9 
13.7 
(408 Hz) 
10.4 dbm = 10.9 Milliwatts 
Each S-band link is required to provide a bit error rate. 
The PCM standard specifies that the data rate will not exceed 200 kilobit 
NRZ data. A t  an orbital altitude of 200 n. mi., the slant range would be 
approximately 1200 n. mi. A receiver IF signal to noise ratio of approximately 
13 db results in e r r o r s  of about I bit in 10s. The transmitter power output 
is determined as follows: 
P =  t + space L + M - Gr - Gt + K  + T  + B  +C/N - Lckt Lmod 
10-8 
.- . . . 
j 
Where: 
= space loss= 37.67 + 20 log F MHz + 20 log dnm 
= 37.67 + 20 log 2300 + 20 log 1280 
= 167. I db 
= 6 db (includes polarization, oable, et0.) 
c .  Margin = 6 db 
space a. L 
b. Lcld 
d. -G = -46 db (a 40 foot dish) r 
e. -Gt = 8 db (4-way power split) 
f .  K = Boltzman's constant = 1.38 x 10 
g. T = effective system noise figure = 200'K = 23 db 
h. B = system noise BW 
i .  C/N = 13 db( NBFM) and 10 db (WBFN) 
j '  Lmod 
-2s - - -228.6 dbw/Hz 
= modulation loss . 
Thus, 
= -66.5 + C/N + B + L Pt mod 
B = 500 KHz = 57 db 
P = -66.4 + 13 + 57.0 + 9.6 t 
= 13.2 dbw - 20 watts 
10-9 I 
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An important parameter of the transmitters is the DC to RF conversion 
efficicmcy. The 136 MIIz carr ier  frequency and the low output power of the 
beacon makes a solid-state design achievable; however, in the S-band case 
this was not quite as straight forward a s  for the minitrack beacon. The 
solid-state devices usually have a cutoff frequency in the VHF range and the 
power output is very low at S-band. The TWT devices have much better 
efficiency but a r e  not as reliable. The TWT also has an inherent characteristic 
that, for a small change in bias of the helix, a phase noise is generated, This 
has been tolerated in many satellites designed for communications; but the trend 
is toward modulations at a VHF and, then, by the use of varactors o r  transistors, 
to multiply the signal up to S-band. To establish a reasonable and meaningfhl 
efficiency estimate, a solid-state design concept was generated as  shown in 
Figure X-2. The scheme was to amplify the VHF output of the exciter/modulator 
to power level where the losses through multipliers and hybrids would result 
in an output in the range of 20 watts. 
EXC/MOD - IO 
PA i 20 
PA 2 A&B 50 
120 PA 3 A-D 
Total input 200 watts 
-
+20 x 100 = 10% q = 2 0 0  The overall efficiency, 
The DC to R F  efficiency of solid-state devices a t  S-band have been improving 
at a rate of 2 percent per year for the last several years; the conservative 
10 percent should allow for at least a 2 : l  derating in power dissipation. 
4 
The two areas that a r e  still dimcult to predict a s  far  as solid-state 
designs are concerned, are  the following: 
io- io  
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Figure X-2. Solid-state S-band transmitter. 
(a) Long-term frequency stability with aging. 
(b) Output power stability. 
These will not be addressed at this time since they would not impact the design 
in selection of other elements of the system. 
5. - Command System. Command system requirements for the 
experiments a re  not well defined at this time; however, current estimates of 
the number of commands required to control experiments and spacecraft 
are a s  follows: 
Experiment 
X-Ray Experiment i 
X-Ray Experiment 2 
Low-energy gamma-ray detector 
Mediu m-ene rgy gamma -ray detector 
Gamm a-ray telescope 
Cosmic-ray electrons 
Cosmic-ray calorimeter 
Sub Total 
Spacecraft 
Attitude control system 
Communication & data system 
Power system 
Sub Total 
Total 
No, of Commands 
40 
40 
32 
40 
40 
40 
32 
264 
- 
No, of Commands 
70 
60 
25 
155 
- 
4 19 
Some experimenters prefer to decode a digital pulse train, while 
others lsan toward relay closures o r  discrete levels supplied to the  experi- 
ment control logic. To satisfy all requirements, including spacecraft system 
requirements, a central command decoder must be included in the spacecraft, 
The total tiiimbsr of commands available depends on the number of bits in the 
4 
. 
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serial binary command word. Since experiment control will require 264 
commands, the next available number of total spacecra€t commands is 512. 
However, since more than 155 other spacecraft commands have already 
been identified, for a total of 419, it is recommended that the command system 
be configured for 1024 commands, which requires a i0-bit command word. 
It is necessary for the HEAO spacecraft to utilize the 148 MHz 
STADAN up-link. Since a 10-bit command word is necessary to meet system 
requirements, the STADAN 400 bits per second command rate should be 
adequate for this  system. This would allow approximately 16 commands per 
second to be transmitted to the spacecraft, assuming that each command is 
repeated three times. In I minute, 960 commands (almost the complete 
i repertoire) could be transmitted. 
In summary, one STADAN 148-MHz command link operating at 
400 bits p e r  second should be adequate for up-link requirements, 
B. Baseline System Description 
1. Functional - ~~ Description. The functions of the HEAO communications/ 
data system are  defined in the requirements portion of this report. A block 
diagram is shown in Figure X-3 and described below. 
a. Communications and data. There a re  two independent com- 
munications systems. The 136-MHz minitrack beacon is used to acknowledge 
commands from the ground and to  transmit spacecraft systems status and 
attitude in  real time at a low data rate. 
The S-band system consists of two RF links operating in the 
2200- to 2300-MHz band. The stored spacecraft data a re  dumped to the ground 
stations over these links. 
The spacecraft antenna systems include S-band and VHF 
I olcrncnts. A basic four-element S-band array and four-element VHF array 
should be adequate for the mission. Optimum methods of feed, polarization, 
and phasing will have to be determined empirically. The conceptual design of 
thc antenna system provides, to a degree, omnidirectional operation of both 
S-band and VHF systems. The nulls at each end of the spacecraft are not ex- 
pected to be a serious problem. z 
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Figure X-3. Functional block diagram-spacecraft communications and data handling system. 
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b. Data acquisition and storage subsystem. This portion of the 
system includes all the elements between the data outplt sources and the inputs 
to the transmitters. The function of,this subsystem is to accept, condition as  
necessary, sample, and store data on magnetic tape recorders. On ground 
commands, the tape recorders a re  played back into the S-band transmitters. 
c. Command subsystem. The command subsystem consists of 
command receivers and a command decoder. The purpose of this subsystem is 
to receive commands from ground stations, decode the commands, and either 
route the binary command word to the appropriate spacecraft system o r  provide 
a command signal to activate relays, solid-state switches, o r  other control 
devices. 
0. d. Tracking beacon. The primary purpose of the 136 MHz 
beacon is to provide an acquisition aid for the 85-fOOt antennas when operation 
at S-band. The beacon signal will be used to establish orbital parameters in 
the early phase of the mission and to transmit spacecraft systems status and 
attitude data in real time. I t  will also be used to acknowledge STADAN com- 
inand signals. 
2. Acceptable Implementation 
a. Antennas. The spacecraft antennas consist of two separate 
subsystems. The first is the S-band transmitting antenna system. The second 
is a V H F  antenna system shared by the miriitrack beacon transmitter and the 
command receivers. 
Final testing of antenna configurations will have to be carried 
out on model spacecraft installations at an antenna test range. Antenna 
performancc characteristics must be determined by actual measurement; this 
is a Phase C function. 
( I) S-band telemetry antennas. The telemetry antenna 
system consists of six radiating elements. These four antennas will be mounted 
symmetrically around the vehicle at 9O-degree intervals. Detailed design of the 
antenna system will be possible only after the vehicle configuration is finally 
dcfiiicd. 
. 
Although final selection of a radiating element i s  not 
Iwwsiblc at this time, it is believed that the antenna would be physically 
siiliihr l o  thc Electronic Specialty Company Model 03-44-00010. Estimated 
sizc is 4.2-incIi diamcter by i. 6-inch thickness; the weight is less than i 
I)ouiid. 'l'hc telemetry aiitciiiin is illustrated in Figure X-4. 
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Figure X-4. S-band telemetry antenna. 
(2 )  VHF antennas. The VHF antenna system will consist of 
four VHF quarter-wave stub elements spaced at 9O-degree intervals about the 
spacecraft crom section. This antenna system wi l l  be shared with the minitrack 
beacon. A notch filter rejecting 136 MHz would beused to provide isolation of 
the cotrimand receiver system from the minitrack transmitter. 
. 
The VHF antenna elements will project approximately 
22 inches from the spacecraft skin, The antenna would have 8 spring in its 
base which would erect the antenna after shroud separation. The VHF antenna 
is illustrated in Figure X-5. 
I O - I G  
VHF RECEPTACLE r 
NOTE : 
1. WEIGHT: 1.0 l b  
Figure X-5. VHF antenna. 
b. Transmitters. Two S-band transmission links and one 
Minitrack transmission link a re  required in the spacecraft. 
The recommended S-band units a re  EMR model 3620-05. 
These transmitters a r e  rated at 20 watts, the outline dimensions are  8.00 by 
4.00 by 4.00 inches, and the weight is 9.5 pounds. The case isolation and 
circulator/load options would be selected for this application; this unit is 
illustrated in Figure X-6. 
The Minitrack beacon recommended for HEAO is the Spacecraft 
Model T400 transmitter. This unit has been flown on Pegasus I, 2, and 3, 
Saturn I, O S 0  I and 2,  and several other scientific satellites. It is designed to 
operate on the 136-MHz band at an output of up to 2 watts. It has phase 
modulation capability, with a modulation sensitivity of 2 radians/volt, the 
physical envelope is 0.82 by 2 . 1  by 4 . 8  inches, and the weight is 0.4 pound. 
Figwe X-7 illustrates the beacon transmitteq configuration. 
c c. Data handling subsystem. The data handling subsystem is 
currcntly the lcnst defined area of the spacecraft electronics systems. The 
r c n s o n  for this lack of definition is that this subsyetem must serve a s  an 
intcrfacc between the experiments and the telemetry system, and the experi- 
Iilcnt tclcnietry rcquirenients have not been fully defined. However, some 
L nssuniptions can bc made that will allow "envelopes" to be defined. 
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NOTES: 
1. WEIGHT = 9.5 l b  
3.  MANUFACTURER: ELECTRO MECHANICAL RESEARCH 
2. POWER = 220 w (MAXIMUM); o w (MINIMUM) 
4 .  MODEL NO: 3620-05 
I; - . 
c 
Figurc X-6. S-band tclemetry transmitter. 
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k-4.14 I"..+ 4- 0.81 i n .  
NOTES : 
1. WEIGHT: 0.4 l b  
2. POWER: 4.0 W (MAX)  4.0 (MIN)  
3. MANUFACTURER: SPACECRAFT 
4. MODEL NO.: T-400 
Figure X-7. Minitrack beacon. 
(i) Magnetic tape recorders. Since the tape recorder has 
moving parts, it is intuitively the least reliable eleinent in the entire data 
system. Several methods by which the recording system reliability may be 
improved are: 
0 Redundancy 
Machine selection 
 operational techniques. 
F 
The baseline on-board data storage system consists 
o f  lour dual-track Leach 2000 tape recorders. Each recorder is con€igured 
to record and reproduce two channels of digital data. The Leach 2000 recorder 
offers scvcral desirable features for the HEAO system. It was designed 
spccifically for satellite use. Tho high-packing density allows high bit rate 
twplay at a relative low tape speed. This should enhance reliability and U S 0  a 
I 11 i nirnutn of electrical power. 
10-1s 
-- 
Recorder data storage capacity is computed from the 
relationship of the reel capacity in inches times the packing density o r  
( 1800) ( 12) x 10 000 = 216 megabits per track. Total storage capacity for 
the two-track configuration is 432 megabits, Total system capacity is 
4 x 432 = 1 728 megabits. 
The two digital data channels in the HEAO Communications/ 
Data System operate at 13.75 kilobits per.second. At a recording bit density of 
10,000 bits per inch, a recording tape speed of 1. 375 inches per  second is 
required. Playback speed is determined by the 200 kb/s limit of the STADAN 
downlink. This leads to a playback speed of 200 000/10 000 = 20 inches pcr 
second. Playback-to-record ratio is computed as 20.00/1.375 = 14.545. 
I 
7 
The recorder will accept the two-channel digital input 
continuously until the end of the reel is reached. At this point, the recorder 
control logic will automatically shut off the machine and switch on another 
machine in  the record mode. 
When ground station contact is made, the full recorder( s) 
will be switched to the playback mode. The playback will be continued until 
the tape dump is complete, even if more than one ground contact is required to 
accomplish the complete playback. The data dump will be done with the tape 
moving in the opposite direction to the record mode. No rewinding operations 
are  required, thus minimizing tape system wear and power requirements. 
Use of two data tracks per recorder offers several 
advantages. These include lower system power demand, increased data 
storage capability, less tape wear, and increased redundancy. These advantages 
are gained at  negligible increases in weight and unit power demand. 
The four-recorder system requires only one two-channel 
tape machine to be on line recording at any given time. The other three would 
be in  a: stand-by mode except during ground station contact when one machine 
would be in a playback mode. 
If one of the four tape machines fails, no mission 
dcgrndation occurs. The main result would be that system storage capacity 
would drop from 1728 million bits to 1296 million bits. 
Should two of the four tape units fail, again no direct 
inisasion impact will rosialtt. In this case, data storage capacity drops to 864 
naillion bits- This i s  still 123 percent of t h e  maximum storage require.mont. 
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If three out of four tape units fail, the ability to record 
while dumping data will be lost. This will cause an average loss of 380 
seconds of data per orbit. This amounts to about 7 percent of the total data. 
In addition, data storage capacity will drop to  432 million bits, which will 
cause loss of about 30 percent of data during unfavorable contact times. 
Should all tape recorders fail,  the system could still 
transmit real time data, rather inefficiently, during approximately 7.5 percent 
of the  total orbital time. 
* Leach series 2000 tape recorders have an envelope of 
5 . 3  by 7.6  by 7 . 1  inches. Weight is 15 pounds. Power required is 5 watts for 
rccord and 25 watts for playback. The Leach 2000 recorder is illustrated in 
Figure X-8. 
-1 k0.50 i n .  
7 
PURGE TUBE OR 
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DTKlH-14-15PW-085 
OR 057 CONNECTOR 
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OR 057 CONNECTOR jin-LJ!]$ HERMETIC (DEUTSCH) DTKl H- 14- 15P-085 
152 20-F1-20  
INSERT (4  PLACES) 
NOTES : 
1. WEIGHT: 15 l b  
2. POWER: 25 W (MAX) 5 W (MIN) 
3 MANUFACTURER: LEACH 
4. MODEL NO.: SERIES 2000 
Figure X-8. Tape recorder. 
( 2 )  Multiplexer. The flexibility and reliability required by 
thc  IIEAO data multiplexer is believed to be attainable only with a special 
design. A literature search has  discovered no "off-the-shelf" unit with the 
10-2 1 
capabilities required by the HEAO system. It is possible that, when experi- 
ment data outputs are  well defined, an existing multiplexer may be found which 
is suitable. The baseline assumes that a unit with a 6-  by 6- by f0-inch envelope 
and 8-pound weight is adequate. The multiplexer dimensions are shown in 
Figure X-9. 
NOTES: 
1. WEIGHT: 8 l b  
3. MANUFACTURER: SPECIAL 
2. POWER: 5 w (MAX) s w (MINI 
Figure X-9. Multiplexer. 
( 3) Signal conditioner. The baseline design signal conditioners 
will attenuate the. analog diagnostic signals to basic system voltage levels, 
multiplex them, and convert them into digital form. Two units will be required: 
a commutator and an analog-to-digital converter. The system cannot be 
completely defined before "housekeeping" signals to be monitored and experi- 
ment outputs a re  determined; however, t h e  Teledyne Telemetry Model 378 
~ o m  utator and the AD-6 10 analog-to-digital converter are typical of the hard- 
ware  available for this application ( Fig. X-IO) . 
(4 )  Switching network. The switching network serves to 
route the data flow to and from the recorder subsystem. The two digital 
iiiultiylexer outputs are  switched to the proper pair of digital recorders for 
&ita storage. When the HEAQ passes over a STADAN network data acquisition 
station, the outputs of the pair of tape recorders to be dumped are  routed to the 
S-band transmitter modulation inputs. 
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NOTES : 
1 .  WEIGHT: 3 l b  
2. POWER: 8 W (MAX) 8 W (MIIJ) 
3. MANUFACTURER: SPECIAL 
Figure X-IO. Analog signal conditioner and multiplexsr. 
The switching network final design will result in a 
specialized module that will not be an off-the-ahelf component. For conceptual 
design purposes, it can be considered to be contained by an 8- by 8- 12-inah 
7' cnvelope weighing I O  pounds. 
( 5) Sync generator. The sync generator is considered to be 
n part of the digital multiplexer subsystem, whose volume and weight are 
iiichidcd in the envelope described for that subsystem. 
(6)  Diagnostic logic. The diagnostic logic for HEAO will 
p c r f ~ r  111 'lhouselreeping'l functions. Inputs will be available from a variety of 
subsystems, including dntn systems, command decoder and switching networks, 
:itid attitiidc control and exporiments. 
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d. Command Receiver. The command receiver recommended for 
the HEAO is the AVCO model AED-30lA. This receiver has  outline dimensions 
of 3.5 by E; by i .  125 inches, power requirements of 0.18-watt standby and 
0.40-watt operating, and,weight of i .  25 pounds, This receiver has flown on the 
OSO-H, ISIS, and SERT-II spacecraft. 
e. Command Decodhr. The command decoder will not be defined 
until experiment definition is complete; however, a typical AVCO command 
decoder designed to interface with the AED-30iA command receiver can be used 
for preliminary design purposes. A typical decoder has outline dimensions of 
8 by 6.25 by 2.5 inches, a standby power consumption of 0. i watt, and weight 
of 6 pounds. The operating power consumption will vary with the Operating 
mode. 
C. Performance 
In the following paragraphs the baseline system is assessed as  to  how 
well the requirements outlined in the first part of this section have been met. 
I. Data Rate. To establish a format, frame rate and consequently a 
data rate, a typical measurement program was devised. The multiplexing 
scheme is based on the sample rates and bytes per sample shown in Table X-3. 
The mean sample rate of the experiments i s  about 200 samples per second. 
If this is selected as the minor frame rate, those sample rates that exceed 
this rate will be supermultiplexed and those that are less submultiplexed. The 
calorimeter experiment would occupy the first four words of each minor frame. 
The low-energy gamma-ray experiment would occupy a single word in only 
half the subframes. The very low sampling rates such as in some of the 
engineering channels may appear as a single word in only one subframe of 
the entire major frame. A matrix of 12 x 200 is slightly more than the 
required capability but indicates that the data requirements can be met within 
the limitation of the Goddard Pulse Code Modulation Standard now in effect. 
A I 6  x 148 matrix would probably be more efficient; the data rate would be 
slightly less. The 12 x 200 matrix is shown in Table X-4. The standard 
:illows 256 minor frames per major frame and 8192 bits per major frame. 
The word length in the standard is restrained to 32 bits. This results in a 
maximum matrix of 256 x 256. The 12 x 200 or  the 16 x 148 matrix is well 
within these boundary conditions. 
The 12 x 200 matrix contains 24 000 bits. A t  a frame rate of 
This bit rate is within the one per second, the bit rate is 24 000 bit/sec. 
design requirements and capability of the baseline spacecraft. 
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TABLE X-3. SPACECRAFT DATA SAMPLING RATES 
Code 
P I 
Data Source Type of Data Samples/sec 
L 
I '  
J 
L 
16 ch. aspect; I ch. comm. sig. strength; 5 ch. ASC current; 4 ch. 
48 ch. elect.; 10 ch. pressure; I ch. flywheel speed (total, 59) 
Clock (1 o r  more words/frame) 
tape current (total, 26 ch. ) Analog 5 
K 30-switch position I 
8 
SYN Synchronization (3 words/frame) 
Experiment Data Summary 
G 
H 
t- 
Cosmic-ray calorimeter 
X-ray Experiment 1 
Gamma-ray telescope 
Low-energy gamma-ray detector 
Medium-energy gamma-ray detector 
Cosmic-ray electrons 
X-ray Experiment 2 
Experiment status 
Engineering Data Summary 
Digital 
Digital 
Digital 
Digital 
Digital 
Digital 
Digital 
Digital 
800 
3 00 
250 
100 
io0 
80 
50 
50 
TABLE X-4. MAJOR FRAME MATRIX 
WORDB 
s 
B 
B 
B 
B 
B 
B 
. C ~ F - . - - -  I l J L J  .-- - 
I 
N k :  Sublrmw 166 through 199 0onL.h only 11 word., therefore, the lnrt 
word. am o d d  V for vmmt. 
2. Power Consumption. The average and peak power consumptions 
are  the factors of primary concern to the sizing of the power system. The 
peak power occurs only during contacts with a ground station when the trans- 
mitters a r e  "powered up" and the recorders are  in playback. The summary 
of the tracking station contacts indicates that on about half of the orbits a 5- 
minute contact would occur; therefore, the average power is based on one 
6-minute 45-second maximum time contact per revolution. The average power 
is found by inspection of Figure X-ii to be 
where 
T - orbital period ( 9 2  minutes) 
T 
P - Steady-state power demand 
I' - Peak power (S-band transmitter on) 
P 
0 
C 
9 
- ground station contact time (6 minutes 45 seconds) 
peak 
_- - -- (6.45) (503) 
92 avg 
io -26 
1 
Figure X-11. HEAO communication a d  data handling system power profile. 
I 
I 
The peak power is approximately 503 watts. This is a conservative estimate 
and in the later refinement it is not expected to increase. 
3. Bulk Data StorageRequiremen&s. The item having the greatest 
impact on the baseline system is the 200-kb/s limit on the data transmitted to 
the STADAN stations. Goddard Space Flight Center published a memorandum 
showing STADAN contact times for HEAO's first  107 orbits. A total of 
152 000 000 bits of data are generated by the HEAO systems, each orbit at the 
baseline data rate of 27.5  kb/s. Since two R F  down links are used, data a re  
effectively dumped at a 400-kb/s rate. At this rate, the required contaot time 
per orbit can be computed to be 380 seconds. 
A plot (Fig. X-12) was made of the data stored on board at the end 
of each orbit for t h e  first 107 orbits. As can be seen, the system is able to 
dumpdata down to zero storage onorbits 1, 2,  3, 4, 5, 19, 20, 34, 35, 66, 
81, 96, and 97. At  certain times during the out-of-contact period, the  total 
bits in the recorders approach 700 megabits. The total capability of the  base- 
line system is computed from the reel capacity and packing density. 
1800 ft x 12 x 10 000 bits/inch = 216 megabid t rack  
2 tracks/ recorder x 4 recorders-. 1728 megabits 
This would be considered a very comfortable margin if  it were the only 
satellite active at that particular time. 
D. Conclusions 
The salient conclusion that should be drawn from th is  portion of the 
study is that while the baseline is not optimum from the standpoint of power 
consumption or  data handling efficiency, it is the current state of the art .  T h e  
one exception requiring development is the tape recorder. Many of the 
components are available a s  catalog items from the vendor and those requiring 
design are  straightforward engineering problems. 
The baseline system performance in most all areas exceeded the 
requirenients. The only possible marginal condition was the total data storage 
at a ti tile when many spacecraft could be competing for time on the STADAN 
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Figure X-12. Data accumulation as a function of orbit "bers.  
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Figure X- 12. ( Continued) 
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net. This condition cannot be altered by increasing data storage. Over the long 
term, the satellite cannot produce data faster *an STADAN can accept it. 
There are several alternatives. The first is to increase down-link data rate 
standard above the 200 kb/s. Another would be to decrease experimental data 
rate. A third would be to explore higher orbits and different inclination angles. 
This should be traded against the reduced experiment data mentioned above. 
The 200 kb/s standard is based on existing data-handling equipment. The 
majority of the stations of interest now have the more up-to-date equipment 
that has a capability 'greater than the current standard. 
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SECTION XI. ATTITUDE SENSING AND CONTROL SYSTEM 
P 
A. Requirements *' "70-22911 
I. Guidelines - _- - - - - and - . Constraints. Basic mission guidelines and space- 
craft constraints affecting the design of the ASCS consist of experimental 
pointing and control accuracies, power and thermal constraints, spacecraft 
configuration, and spacecraft operational mode requirements. 
Attitude determination accuracy for experlmental data correlation 
has been established at ~0.1 degree for each of the three spacecraft axes 
(Fig. XI-I). This is to be provided in two of the three spacecraft operational 
modes on a non-real-time basis for ground data reduction and in the third 
mode real time. Since the spacecraft solar panels must be kept sun oriented 
to provide power to the onboard subsystems, there is a limit to the degree of 
solar panel (Z-axis) offset from the sunline. This maximum Z-axis offset 
requirement has been set at approximately 37.0 degrees. Within this con- 
straint, attitude pointing accuracy limits for the spacecraft have been estab- 
lished such that the axis required to be pointed is maintained within 1.0 degree 
of the desired orientation. Two of the three spacecraft operational modes 
require that the spacecraft be rotated at a rate of 0.1 revolution per minute 
(rpm) about its Z-axis to produce an experiment 'manning motion. Scan-rate 
control has been tentatively set at a tolerance of s i 0  percent of the 0. 1 rpm 
scan rate. 
Occultation of solar and celestial references dictate a requirement 
for an inertial reference system. Thermal considerations impacting the 
ASCS result in h q w a r e  location constraints, particularly in locating the 
electronics equipment. c. .' 
The spacecraft onboard ASCS wil l  be designed on the basic 
assumption that spacecraft control is initiated after separation from the booster 
and is sized primarily to meet the requirements of the three basia operational 
modes, as definad by the mission sequence. 
2. Reference Attitudes. Based on the guidelines and constraints, 
several reference attitudes must be defined along whioh the body principal 
axes are to be oriented during various operational modes. In Figure XI-I 
the body principal axes and the body geometric axes are assumed to be 
Figure XI-1. HEAO solar reference and Euler angles (sequence 3,2, i) .  
I 
identical and are denoted by the right-hand triad (X,Y,  Z). To facilitate 
vehicle-spacecraft integration and structural studies, the spacecraft axes 
have been selected to correspond to the launch vehicle coordinates: the X-axis 
is aligned with the launch vehicle longitudinal (minimum inertia) axis at lift 
off; the majority of the experiments are aligned with the Y-axis (intermediate 
inertia) which is aligned with a launch vehicle bench mark at lift-off; and the 
center solar panel is aligned normal to the Z-axis (maximum inertia) to com- 
plete the right-hand triad. The origin is located a t  the geometric center of the 
spacecraft which for preliminary design purposes is assumed to be the center 
of mass in the baseline configuration. During much of the operational life- 
time, the vehicle slowly rotates o r  scans about the Z-axis so that the experi- 
ments cover either the galactic belt or celestial sphere. Henoe, the Z-axis 
(? is referred to as the axis in this report. 
Since the HEAO depends upon solar energy to supply its power needs, 
the Z-axis  must not exceed an angle of approximately 37 degrees off the sun- 
Pine during any operational mode. Solar coordinates are selected as a basis 
for describing the HEAO reference attitudes. Either an earth-or vehicle- 
ccntered solar coordinate system is defined relative to the ecliptic plane by 
the right-hand triad (X ,Y , Z 1, as illustrated by Figure XI-I. The Xs-axis 
(in the ecliptic plane) is directed from the earth to the sun, the Z axis is 
perpendicular to the ecliptic plane directed in a northerly direction, and the 
Y 
reference attitudes for the HEAO relative to solar coordinatee. 
s s s  
S 
axis completes the triad in the ecliptic plane. Table XI-I lists four 
S 
The vehicle's attitude relative to the sunline in either of the four 
reference attitudes can be specified by three Euler angles: 3 in the ecliptlo 
plane, 8 in a plane perpendicular to the ecliptic plane, and 9 about the 
scan axis. Moreover, each reference attitude has been defined to satisfy an 
operational mode. 
To facilitate performance, simulation, and analysis studies, the 
body axes are  redefined in terms of solar axes such that the body and solar 
coordinates are identical in a solar inertial hold mode, Appendix J, Paragraph 
4 contains a more detailed description of the coordinate systems and axis 
definitions that a r e  necessary to evaluate the HEAO performance with respect 
to the reference attitudes. 
- 
3. Mission Sequence 
a. Description. Figure XI-2 illustrates a typical HEAO mission 
sequence used to determine the ASCS configurations and operating sequencee. 
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Reference Attitudc 
Initial solar 
acquisition 
~. 
Celestial scan 
Galactic scan 
Celestial pointing 
.. 
TABLE XI-I. REFERENCE ATTITUDES 
Orientation 
Z-axis (scan axis) points to the sun 
( Z  X 1,  the longitudinal X-axis is 
perpendicular to the sunline in the 
ecliptic plane (X E Ys) , and the 
Y-axis is perpendicular to the 
ecliptic plane (Y E Z 1. 
S 
S 
Z-axis (scan-axis) points td the sun 
( Z  E Xs 1. Scan rotation about Z-axis 
(0.1 rpm). 
Z-axis points near the galactic pole. 
Scan rotation about 2 ( 0.1 rpm) 
Z-axiB constrained to point within 
37 deg of the sunline. Either the 
X,Y, or negative 2 axis points to 
target. 
- - 
U s e  
Initial solar 
acquisition 
and hold 
survey of 
entire celestial 
sphere by 
onboard 
experiments. 
survey of 
entire galactic 
belt by all 
experiments 
aligned with the 
spacecraft X 
and Y axes. 
Point experi- 
ment fields- 
of -view to 
various 
selected tar- 
gets on the 
celestial 
sphere. 
There is considerable flexibility in the time line shown, but the major events, 
reference attitudes, and operational modes have the same definition and 
inipose basically the same requirements on the ASCS regardless of the sequence 
of porforinnnce. Al l  of the major operational modes are initiated by ground 
commands. 
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Figure XI-2. Mission profile. 
I 
The ASCS assumes control of the IfEAO after spacecraft 
separation from the launch vehicle, Shortly after separation, the spacecraft 
launch transients must be reduced to acceptable levels, and after approximately 
one orbit, the Z-axis must be aligned to the solar vector. Baseline perform- 
ance analysis indicates that attitude hold ushng the rate gyros must be provided 
during the sun occultation periods, 
A f t e r  Z-axis alignment to the sun, the flywheel must be brought 
up to full speed, and for the selected baseline mission sequence, the space- 
craft is maintained in its initial solar acquisition attitude until completion of 
flywheel run-up. Following flywheel run-up, the spacecraft must be spun up 
to the required 0.1 rpm. This flywheel and spacecraft spin-up sequence 
requires about seven orbits, of which one orbit is required for solar vector 
alignment and the remaining six orbits are required primarily for flywheel 
spin-up. Upon completion of the spin-up sequence, the spacecraft will  be in 
the celestial scan reference attitude (Table XI-I). 
The Galactic scan reference attitude (Table XI-I ) and the 
Galactic scan operational mode are to be used during the first 30 days of the 
mission (based on a launch date of either September 7 o r  March 7) to scan a 
17-degree galactic belt. If the use of a favorable launch date is not possible, 
the galactic scan mode will be delayed until a favorable time occurs; the space- 
craft will be kept in the celestial scan attitude, and a survey of the celestial 
sphere wi l l  be performed. 
Assuming the galactic scan has been completed, the space- 
craft must be positioned to the celestial scan reference attitude, A complete 
survey of the celestial sphere will be accomplished in a 6-month period by 
tracking the solar vector (moves approximately I degree per day) with the 
Z-axis  of the spacecraft while rotating the spacecraft at 0.1 rpm about its 
z-axis. 
Upon completion of the celestial sphere survey, the spacecraft 
wi l l  be positioned to the celestial pointing reference attitude (Table XI-I). The 
ground reduction of data obtained during the galactic scan and celestial survey 
parts of the mission must determine the points of interest on the celestial sphere 
about which more information is desired. To obtain this information, the 
spacecraft rotation must be stopped and the experiment LOS pointed at the 
specific point of interest. The experiment LOS is shifted to other points of 
interest a s  commanded. 
- 
-. . . . . ~ 
I 
I--- - 
Figure XI-2 also contains a profile for the use of the RCS 
jets and magnetic torquer actuators. Tnis profile is predicated on the guide- 
line that RCS jets will  be used for all major spacecraft maneuvers and the 
magnetic torquers wil l  be the primary actuators for maintaining spacecraft 
attitude while it is in a reference attitude and for making small angle maneuvers. 
b. Operational Modes 
(I) Celestial scan mode. The primary mission objective is 
a a survey of the entire celestial sphere by all the experiments on board the 
spacecraft. This objective will be accomplished in a 6-month period by the 
spacecraft operating in the celestial scan mode. In this mode the alignment 
of the Z-axis (scan axis) of the spacecraft is maintained within 1 degree of the 
solar vector, and the spacecraft is revolved about the scan axis at the rate of 
0. 1 rpm. The rotation of the spacecraft about its scan axis causes the FOV 
of the experiments aligned along the X- and Y-axes to sweep out a band of the 
celestial sphere on each revolution. Maintaining the scan axis alignment on 
the solar vector results in the survey of the entire celestial sphere in 6 
months as the earth orbits the.sun. Figure X1-3 illustrates the spacecraft 
orientation in this mode. 
The alignment of the spacecraft Z-axis to within 1.0 
degree of the solar vector and the 0. I rpm scan rate are maintained by the 
ASCS. Attitude determination to *O. I degree is provided by ground proces- 
sing of data generated by the onboard star field mapper. 
( 2 )  Galactic scan mode. To obtain the maximum amount of 
useful data early in the mission, it is planned to scan the region of the galac- 
tic plane during the firat  30 days of the mission. It will be possible to scan 
the galactic plane with the experiments by orienting the spacecraft Z-axis 
near the galactic axis (the axis normal to the galactic plane), as illustrated 
by Figure XI-4. The time at which this can be done is limited by the space- 
craft power requirements and the location of the solar vector relative to the 
galactic axis. A t  the optimum time for a 30-day galactic scan, the maximum 
angle that the Z-axis must be positioned off the solar vector is approximately 
37 degrees. If a launch date is suitable, this time will  be during the first 
30 days of the mission; if not, the galactic scan will  be performed at some 
other time during the mission. 
_- 
In this mode, the spacecraft Z-axis will  be aligned at 
various angles to the galactic axis, varying from 0 to 8 . 5  degrees. The 
angle from the Z-axis to the solar vector during this time will  vary from 
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Figure XI-4. HEAO galactic scan mode. 
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about 24 to 37 degrees. Further definition and discussion of the maneuvers 
to satisfy this mode is given in Section XI, Paragraph C. 3. The specified 
spacecraft scan rate and the orientation of the spacecraft Z-axis within I. 0 
degree of the desired position is maintained by the onboard ASCS. Attitude 
determination to k0. I degree for  all three spacecraft axes is provided by 
ground processing of data generated by an onboard star field mapper. 
(3) Celestial pointing mode. In the celestial pointing mode, 
the rotation of the spacecraft about its Z-axis (scan axis) is reduced to near 
zero. The experiments' FOV will be pointed to various selected targets on the 
celestial sphere, as illustrated by Figure XI-5. In this mode, the orientation 
of the experiment LOS axis is maintained to within I. 0 degree of the desired 
direction. Attitude determination via ground data processing is not required 
in this mode, since the spacecraft is stabilized about 3 axes and optical senBors 
are tracking tapgets with an accuracy of f 0.1 demee. During periods when 
the targets are  occulted and spacecraft control is referenoed to inertial 
sensor (gyro) inputs, the attitude accuracy of *O. i degree must still be 
maintained. It is anticipated that the duration of the occultation periods will 
not be long enough for inherent gyro drift e r r o r s  to reduce the overall eystem 
accuracy to less than 50. I degree. Additional study of gyro designs and 
items affecting overall system accuracy wil l  be required to verify the capabil- 
ity of meeting this requirement during occultation periods. 
B. Baseline System Description 
1. System Configuration. The approximate physical locations and 
orientations of the baseline ASCS components are presented in Figure XI-6. 
Four coarse sun sensors are located around the X-axis and four 
coarse sun sensors are located around the Y-axis so that their FOV can sense 
the solar vector offset of the Z-axis from any spacecraft attitude. The fine 
sun sensor has its FOV aligned with the Z-axis and measures solar offeet 
angles about the X and Y body axes. 
The s ta r  tracker LOS is aligned with the Y-axis and obtains star 
sightings in the X-Y plane. Also aligned with ita LOS perpendicular to the 
Z-axis is the star field mapper so that it can scan a segment of the celestial 
sphere as the spacecraft rotates. 
The rate gyro package has its triad of gyro input axes aligned with 
ehc spacecraft body axes and senses rates about all three body axes. The 
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Figure XI-5. HEAO celestial pointing mode. 
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Figure XI-6. Approximate physical locations and orientations of baseline ASCS components. 
flywheel is aligned with its momentum vector parallel to the Z-axis. 
craft rotation is about the Z-axis and in a direction to add ita momentum to 
that of the flywheel. 
Space- 
A three-axis magnetometer is provided to sense the earth's mag- 
netic field and the magnetic torquing coils with which the magnetometer 
operates are  oriented to provide torques about the body axes, Likewise, the 
RCS thrusters are oriented to provide torques about the body axes. 
The locations of the remaining component6 are arbitrary and in 
the final design will be located to satisfy thermal, etz?mturd, and volume 
constraints. 
Ti 
Figure XI-7 provides a functional block diagram of the baseline 
ASCS. The complete grouping of all sensors and actuators required to per- 
form all the mission phases is provided. h e  use of each of these components 
in the various operational phases is described in Section XI. C. While the 
electronics portions of the system are represented aa eeparate blocka from a 
functional standpoint, it should be noted that these functions can be combined 
into a central signal processor and computer. Optional sensor choices are 
discussed in Appendix J,  Paragraph I. 
2. Sensors. 
a. Magnetometers. The primary attitude control scheme of 
using magnetic coils requires that the earth's magnetic field strength and 
direction be determined with respect to the spacecraft body axes. This require- 
ment applies to all the spacecraft operating modes where magnetic coils are 
used as the means for attitude control. A three-axis magnetometer will pro- 
duce a voltage proportional to the field strength along each axis, the polarity 
of the signal indicating the field direction along each axis. The present loca- 
tion of the baseline configuration shows the magnetometer assembly mounted on 
an extendable boom. This boom location was chosen because d the residual 
field of the magnetic coils, after the current has been removed, which was 
thought to be sufficient to disturb the accuracy of the magnetometer readings. 
Additional study has indicated that the coil location with respect to the magne- 
tometers may not require an extended boom mounting; however, this cannot 
be validated until the spacecraft as well as the coils are further defined. 
F 
b. Star field mapper - slitted reticle design. Spacecraft attikrde 
determination to an accuracy of *O. 1 degree is required for each of three 
axes to identify the position of the experimental data source on the celeetial 
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Figure XI-7. HEAO ASCS - system functional block diagram. 
1. 
sphere. Spacecraft position as a continuous functlon of time ie necessary, but 
on a non-real-time basis. By ground plotting spacecraft position, experimen- 
tal data source locations can be identified. The basic scheme involves a 
passive stellar mapping device which senses a star position in its optical FOV. 
Star positions are recorded and then telemetered to a ground station as contact 
opportunities permit. The attitude of the spacecraft is then determined as a 
function of time in a computer program operation (Fig. XI-8). 
Stellar mapping can be accomplished using a slitted reticle 
mapping instrument with its LOS located in the X-Y plane of the rotating space- 
attitude determination using mapping devices involves reconstructing the space- 
craft pointing direction by first identifying the star field seen by the mapper, 
and then resolving the positions of spacecraft axes in this field a8 a continuous 
function of time. The star locations on the celestial sphere as tabulated in a 
Reference Catalogue (Star Catalogue) have specific angular separation values. 
The star identification process involves matching measured angular separations 
obtained by the mapper with a Star Catalogue listing the known angular separ- 
ations between s tars .  For the slit reticle mapper, at the time the star LOS 
crosses the  slit pattern located behind the imaging optics, the coordinates of 
the s tar  a re  measured with respect to the sensor optical axis and thus with 
respect to the spacecraft axes. Transit of a s tar  across the slits produces 
electrical impulses .  The transit t ime recorded between two slits, At, Is 
proportional to the distance of the s tar  off the optical axis; and the time 
between two s ta r  intercepts AT2 is related to t’le right ascension value betwecn 
the two s tars .  These transit time values provide the data for the s tar  identifi- 
cation program and subsequent calculation of three-axis attitude for the spaco- 
craft. 
‘Ilr craft. Figure XI-9 illustrates the application of this sensor. The problem of 
Defining the spacecraft position involves relating the star 
intercept time in body coordinates to an inertial coordinate system. This is 
accomplished by determining the three Euler angles and their rates 
( q, 0 ,  +, $ , e ,  ) in the solution of simultaneous equations for the unknowns. 
Star intercept times yield the values required for solution of the equations. 
Figure XI-10 shows the coordinate systems and the angles involved in the 
solution of the spacecraft attitude equations. The unit vectors I, j, l? define 
the inertial coordinate system. The unit vector ’i lies in the plane of the 
celestial equator and is aligned with the first point of Aries on the celestial 
sphere. The unit vector 5 also lies in the plane of the celestial equator at 
an angle of 90 degrees to 1. The unit vector E makes a right-hand orthog- 
onal system. 
\r 
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Figure XI-8. Star field identification. 
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Figure XI-9. Operation of the slit reticle star mapper. 
Figure XI-IO. Attitude determination. 
vectors TB, 5 , represent unit vectors along the ~ p a c e -  
craft body axes. Euler angles *,e, 9 define the position of the spacecraft 
in the inertial coordinate system. A t  star intercept, the angles h and @ locate 
- 
the s t a r  with respect to the body coordinates h, yB, 5. The relationship 
between the spacecraft body coordinates and the inertial coordinates is a 
function of the angles a , 6, h and /3 and the Euler angles as well as their 
rates. 
7)  
The angles A and /3 are measured by the star mapper. The 
right ascension and declination angles, a and 6 , are known for each identified 
star from the results of the star identification program. The Euler angles 
and their rates must be determined before the coordinate transformation from 
body-to-inertial axes can be made. Thus the star transits provide the values 
required in the equations necessary to determine the attitude of the spacecraft. 
c. Coarse sun sensors. A f t e r  the spacecraft is separated from 
the booster and body rates have been nulled, it must have the capability of 
acquiring the sun from any orientation; therefore, sensor8 giving total spheri- 
cal viewing a r e  required. A coarse sun sensor system consisting of eight 
sensors, each having an FOV of rt80 degrees, will assure Bul l  acquisition. 
Figure XI-11 illustrates the positioning of the sensors on the spacecraft base- 
line configuration and the sensor output signal format. A null accuracy of =t5 
tlcgrecs has been determined to be sufficient for switching from coarse to fine 
sun  :wqufsition. By defining the sensor axis system with respect to the three 
spacecraft axes, summing networks can be designed to give 8Un position with 
respect to the spacecraft. This will  provide data to the attitude control system 
where the required rotational direction in two planes wil l  be implemented to 
move the Z-axis  (solar panels) toward the sun. 
i 
d. Fine sun sensor - analog. Locating a fine am sensor on the 
spacecraft Z-axis ,  as shown in Figure XI-12, will  provide the capability of the 
torminal phase of acquisition; i. e. , aligning the Z-axis on the solar vector. 
‘This sensor wil l  also provide the capability of tracking the sun for both the 
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Figure XI-11. Coarse sun sensor layout. 
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Figure XI-12. Looation of the fine sun seneor on the spacecraft. 
t 
celestial eoan and the celestial pointing modes. Eetablishing a fine eeneor 
FOV approximately i6 degrees and a ooaree eensor null accuracy of 5 degrees 
as8uree sufflolent Overlap a s  the sun en ters  the fine seneor  FOV to ewitch 
out of the ooarse aoquieition phase into the terminal fino acquisition phaee. 
A fine eeneor null acouracy of 2 . 0  arc-minutes le sufficient for m a n  axle 
alignment on the eolar vector and for tracking requirements during the 
celestial &can mode. 
The output of the analog sensor  is voltage directly proportional 
to the angular error of the sun poeition about the null poeition. The null 
position is obtained when the eolar vector is approximately normal to the 
sensor  optice. The proportional relationship for the eun sensor  is constant 
only over the l inear responee region of the output signal as ehown in Flgure 
XI-I3 where V ie the seneor  output voltage and Q is the angle of the sun 
from the null position. The eensor response should have a l inear  range of at 
leaet *1.0 degree. Sensor saturation at 16 degrees is based on Initial sun 
acquisiticm requirements. 
Figure XI-13. Reeponse aurve of an  analog 111111 eenaor. 
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A typical sensor design which would meet the HEAO mission 
requirements consists of four silicon sensors mounted on a common base with 
a fifth sensor designated as a disable eye. The function of the disable eye 
will be covered in the discussion of initial sun acquisition. The two control 
axis error signals are generated by the four cells. 
The sun rays striking the optical sudace  of the sun sensor 
(Fig. XI-14) are focused by each of the four lenses onto the slit plane. If 
the sensor is in the null position, i. e. , the sun's rays are perpendicular to 
the optics plane, the image from each lens falls upon a photocell located on 
the photocell plane and each photocell is illuminated equally. This condition 
is indicated by the generation of equal voltages by each photocell. If the sensor 
is not in the null position, the photocells are not illuminated equally, because 
of the geometry of the slits and unequal voltages are produced. The sun 
orientation relative to the null position is measured about the spacecraft X 
and Y axes (Fig. XI-15) by comparing the output voltages from each photocell. 
su 1 
DISABLE LY 
f 
Figure XI- 14. Analog sun sensor. 
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Figure XI-15. Sun orientation relative to the null position. 
Because of the spacecraft rotation at 0.1 rpm, the two channel 
outputs of the sensor, which represent the location of the solar vector along 
the X and Y body axes of the spacecraft, will  be time-varying sinusodial-type 
functions 90 degrees out of phase, as shown in Figure XI-16. Since for the 
8.8 +" b. n 1 
- V I  
Figure XI-16. Sun sensor X- and Y-axis output variation ver8us 
time with rotating spacecraft. 
baseline approach this sensor is only used to return to its null reference, the 
X and Y e r ror  signals a re  automatically resolved into body axes components, 
f 1-23 
thus permitting production of body restoring torque control with no transforma- 
tion necessary. Spacecraft precession and wobble will cause the output wave- 
forms given in Figure XI-16 to be somewhat modified with respect to those 
shown. 
e. Digital sun sensor. The digital sun sensor is used for the 
galactic scan mode where the Z-axis is offset some angle from the solar 
vector. It also provides sun angle reference in the celestial pointing mode. 
Designing a digital sensor with an adequate FOV and the required degree of ' 
resolution does not appear to be a problem. Digital sun sensors which have 
the capability of measuring sun angles up to 128 degrees have been designed 
and flown in spacecraft. Figure XI-17 illustrates the principle of operation of 
this type of sensor. Sunlight passes through an entranoe slit on the front sur- 
face of the reticle and forms an illuminated image of the slit on the gray coded 
pattern in the rear surface. The image position is dependent on the angle of 
incidence. Behind each column of the code pattern is a silicon photocell. If 
the light falls in a clear portion of the pattern, the photocell behind it is illum- 
inated, producing an output "one. If the light falls in an opaque segment, the 
photocell is not illuminated and the output is "zero. '' The outputs of the cells 
are amplified and stored in a buffer storage. The sequence of numbers in 
storage represents the sun angle read. Measvrement of sun angles to an 
accuracy greater than 0.5 degree requires changing from the gray code to 
binary, and electronically interpolating since the least bit change in the gray 
code pattern represents 0.5 degree. For two-axis e r ro r  signals, a two- 
headed sensor will  be required with the entrance slits parallel to the two space- 
craft control axis, as shown in Figure XI-I8. 
Because of the rotation of the spacecraft, the command regis- 
ter read in/read out cycle will be timed at some frequenoy dependent on atti- 
tude control usage and reference data demand. The two-headed sensor, 
mounted as  shown in Figure XI-18, will resolve the sun angle along the space- 
craft X and Y axes. 
Use of the digital sun sensor requires a second celestial 
reference to compensate for scan axis drift. 
Star tracker. The star tracker has its FOV aligned with the 
$ 
f. 
spacecraft Y-axis. Its primary function is to provide attitude position reference 
for maneuvers and attitude control reference in the galactic scan and celestial 
pointing modes. The star tracker design selected provides acquisition and 
tracking capability. This type of tracker is normally termed a dual-mode 
tracker. Figure XI-19 illustrates the two modes of operation. In the acquisition 
L 
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Figure XI-17. Schematic: Digital sun sensor. 
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Figure XI-19. Star tracker. 
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mode, a small FOV is electronically swept through the larger instrument FOV. 
The smaller FOV scans in steps until the entire field is covered. A t  the 
instant the known target is intercepted by this sweep, the tracker automatically 
switches to the track mode and the scanning FOV begins to sweep a much 
smaller pattern (i. e. , a rosette pattern) through the star. The coordinates 
o€ the star are measured at each intercebt with a much higher accuracy than 
provided in the acquisition mode. A star tracker having an FOV of 20.0 
degrees with a tracking accuracy of *i. 0 arc-minute, and capable of identi- 
fying fourth magnitude (visual) stars and brighter stars, should satisfy HEAO 
mission requirements. 
Q 
g. Rate gyros. Rate gyros are required for initial spacecraft 
rate nulling and for attitude reference during celestial occultation periods, 
Three rate gyros aligned with the spacecraft body axes are sufficient to give 
rate data for the initial rate nulling of the spaceoraft. To provide attitude 
position reference, the rate output is electronically integrated to give position. 
U s e  of integrating circuits with the rate gyro output permits the use of ATM 
type rate gyros for the HEAO spacecraft. This also provides the capability 
of obtaining rate and position data from the same gyro package. 
h. Sensor characteristics. Table XI-2 provides a listing of the 
types of sensors discussed in each spacecraft operating mode. Data presented 
w e r e  obtained from existing hardware designs available within the industry 
which represent characteristics applicable to the HEAO mission. These data 
are presented to provide initial estimates for weight, power, and size, and 
to illustrate that attitude sensing requirements can be readily achieved. The 
coarse sun sensors are used primarily for initial sun acquisition rather than 
in any of the spacecraft operating modes. The total weight for the baseline 
system is estimated at 81. 0 pounds with the power requirement estimated to 
be GG. 0 watts. Alternate system considerations for a star mapper, digital 
sun sensor, and an earth horizon scanner are given in Appendix J, Paragraph 
3. Actuators. Reaction jets and magnetic torquers are used for the 
I production of control torques. The magnetic torquers were sized to produce 
control torques equal to the maximum disturbanoe torque expected to be 
encountered during the mission. Reaction jets having a thrust of 0. 5 lbf were 
selccted for the baseline design. An engine having this thrust will provide 
sufficient torque to reduce spacecraft body rotation rates and reorient the 
spacecraft in a reasonably short period of time, and will  also have a small 
minimum impulse. The major disturbance torques acting on the spacecraft 
are gravity gradient and a e r w n a m i c  torques. Other disturbance torques, 
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TABLE XI-2. SENSOR CHARACTERISTICS 
~~ ~ 
Sensor 
Coarse sun sensor 
Fine sun sensor 
Star mapper with 
electronics 
Digital sun sensor 
Digital electronics 
Star tracker with 
electronics 
Magnetometer (sax is)  
(includes boom) 
Rate gyro 
Wiring 
N u m b e r  FOV 
(deg) 
f 80 
f 15 
20 
i 45 
1 6 X  8 
Full-scale output 
6 IT/* 15 deg 
Accuracy 
f 5 deg 
f 2 arc m% 
f i arc m n  
n 
f 15 arc min 
100 gamma 
Threshold rate 
0.01 deg sec 
~ ~ 
Size (in) 
i diamx 5/8 
1 x 2 x  1/2 
7 diamx 16 
3 x 3 ~ 1  
5 X 7 X 2  
5 d i a m X 1 1  
1 0 X 5 X 5  
8 X 6 X 4  
TOTAL 
Weight* 
(lb) 
8.0 
2. 0 
15.0 
3.0 
2. 0 
15eo 
17.0 
7.0 
12.0 
81.0 
P 
Power 
(watts) 
4.0 
2.0 
io. 0 
a0 
10.0 
2.0 
36.0 
- 
66.0 
* Weights in this column are the totals for the number of units given in the second column and include mounting 
hardware 
d 
such as magnetic, solar radiation, etc., have been neglected, since their 
magnitudes are very small in comparison to gravity gradient torques. 
a. Disturbing torques. Maximum values of gravity gradient 
torques in the spacecraft body axes are calculated from the following equations: 
where 
= gravity gl'adient torques about X, Y , Z axes 
T x ~ , T y ~ *  T Z ~  
e GM = gravitational parameter, 1.4077 X loi6 fts/sec2 
R = spacecraft distance from the center of the 
earth, f t  
I ,I , I  = spacecraft momenta of inertia about the 
X Y Z  principal body axes; IX=3970 ft-lb-sect; 
I =35 210 ft-lb-eec2; 12=36 900 ft-lb-seo*. 
Y 
Substituting the values of the different parametere into the above equation6 
gives 
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= 0. 00328 ft-lbf TXG 
T = 0. 0639 ft-lbf 
YG 
= 0. 0606 ft-lb 
=ZG f 
i 
Aerodynamic torques ore estimated from parameters given in 
Appendix J, Paragraph 8 at about 10 percent of the gravity gradient torques. 
The total disturbance torques acting on the spaoeoraft axe8 due to gravity gra- 
dient and aerodynamics are thus estimated to be 
Tx (maximum) = 0.0036 ft-lbf 
T (maximum) = 0.0703 ft-lb 
Y f 
TZ (maximum) = 0.0667 ft-lbf 
b. Reaction jets. The reaction jets are provided only for initial 
stabilization and rate  damping, initial solar acquisition aa well as reacquisi- 
tions and for large Z-axis attitude reorientations. Three-axes spaceoraft 
control is required and 12 engines are provided on the baseline spacecraft for 
this control. 
A preliminary summary of propellant requirements for differ- 
ent maneuvers is given in Table XI-3. The propellant weight w a s  calculated 
on the basis of a specific impulse of 200 seconds, A s  mentioned previously, 
jet thrusters will not be utilized for spacecraft attitude hold (after flywheel 
spinup is complete) , but will be used only for major spacecraft scan-axis 
reorientations. Magnetic torquers will be used for attitude hold and solar 
tracking of the scan axis. 
C. Magnetic torquers. Magnetic control , utilizing a magnetic 
moment produced on the spacecraft to react with the earthh's magnetic field 
is a n  attractive means of generating control moments. The system weight is 
not dependent upon the length of the mission and should have greater reliability 
than a system with on-off actuated valves, pressure regulators, etc. 
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TABLE XI-3. SUMMARY OF PROPELLANT REQUIREMENTS AND 
TIMES FOR JET THRUSTER MANEUVERS 
- . .  . .  
Event 
. _ _  
1. 
2. 
3. 
4. 
5. 
6. 
7. 
8. 
9. 
10. 
Nulling of assumed spacecraft 
body rates of 3 deg/sec about 
each axis after separation from 
launch vehicle 
Solar acquisition (rotation of 
90 degrees about X and Y axes 
Maintain spacecraft attitude 
during spin-up of flywheel 
( 8 hours 
Flywheel spin-up counteract 
torque imposed on spacecraft 
( 8 hours) 
Spin-up of spacecraft to 0.1 rpm 
about scan ( Z )  axis 
Reorientation to first galactic 
scan position (30 min) 
Galactic scan reorientations 
during 30-day period 
Reorientation to sun (25 deg) 
after completion of galactic 
scan (15 min) 
Solar vector guiding mode 
Despin spacecraft after first 
7 months 
- 
~ 
Total 
Impulse 
(lb-sec) 
. - ._ __ . .- 
340 
212 
173 
133 
29 
105 
140 
71 
None 
29 
- -  .. -. 
Propellant 
Weight 
(lb) 
1. 70 
1.06 
0. 87 
0.67 
0. 15 
0.53 
0. 70 
0. 36 
None 
0. 15 
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TABLE XI-3. (Concluded) 
Event 
11. 
1. 
2. 
3. 
4. 
5. 
6. 
7. 
Reorient spacecraft to 30 
positions 12 deg apart for 
pointing mode operation 
Totals for f i rs t  year 
Spin-up of spacecraft to 0.1 rpm 
Reorientation to first galactic 
scan position (30 min) 
Galactic scan reorientations during 
30-day period 
Reorientation to sun after com- 
pletion of scan 
Solar vector guiding mode 
( 6  months) 
Despin spacecraft after 7 months 
of second year 
Reorient spacecraft to 30 positions 
12  deg apart for pointing mode 
operation ( 5  months) 
Totals for second year 
Totals for 2 years  
Total 
Impulse 
(lb-sec) 
1126 
2358 
29 
-
105 
140 
71 
None 
29 
1126 -
1500 -
3858 
ProDellant 
Wiight 
(lb) 
- 
5.62 -
11.81 
0.15 
0.53 
0. 70 
0. 36 
None 
0. 15 
5.62 
7.51 
19. 32 
--
NOTE: For contingencies and safety, the required propellant is multiplied by 
a factor of 2 and rounded off: 19.32 X 2 = 38.64 - 40 pounds of pro- 
pellant required. 
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The initial baseline magnetic control system selected consists 
of two large coils and one small coild each of which is aligned along one of the 
three spacecraft axes. The two large coils (one along and the other normal to 
the scan axis) were sized equally assuming each capable of compensating the 
maximum disturbance torque expected. The small coil (aligned normal to the 
scan axis) was primarily sized to provide scan rate control. All three coils 
are  capablc of simultaneous use to provide three-axis attitude control. 
The large coil located along the Z-axis of the spacecraft was 
sized to be capable of producing a control torque that is some factor greater 
than the maximum valuc of the disturbance torque which acts in a plane normal 
to the Z-axis .  The resultant torque of Tx maximum and Ty maximum is 
i 0.0704 ft. lb. A value of f 0.0727 ft-lb has been taken for initial sizing of 
each of the large control coils. 
- 
The components of the earth's magnetic field in solar coordi- 
nates a re  plotted in Figures XI-20, XI-21, and XI-22 as functions of the orbital 
Z have previously been time. The definition of the solar coordinates X 
defined in Figure XI-I. The strength of the earth's magnetic field (Appendix J, 
Paragraph 7 )  at an altitude of 200 n. mi. varies from 0.263 to 0.372 gauss 
(Fig. XI-23) along the orbital path, depending upon geographical location. 
Solar activity will cause these limits to vary, but this effect has not been con- 
sidered. The component of the earth's field that is effective for scan axis 
pointing control lies in the plane normal to the scan axis (Figs. XI-21, XI-22). 
The value of this component in the Y -2 plane varies from 0 to 0 . 2 2  gauss. 
A value of 0. 10 gauss was used to size the z-axis coil required for 0ffeUtiVe 
scan axis pointing control. The magnetic moment (M)  required to produce 
a control torque (T)  of 0.0727 ft-lb in a field of 0. 1 gauss is 9858 amp-meters' 
(Appendix J, Paragraph 2). 
8' ys' s 
' s s  
The size of the coil having a core of Permendur material 
2 capable of producing a magnetic moment of 9858 amp-meters is as follows: 
Length of the coil = 4. 6 feet 
Diameter of the core = 2. 8 inches 
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Figure XI-21. Variation of the earth's magnetic field component along the Y -axis. 
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Figure XI-22. Variation of the earth's magnetic field component along Z -axis during each orbit. 
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Figure XI-23. Variation of total earth magnetic field in each orbit. 
Weight of the core = 97.6 pounds 
Mass  power product for 
the coil of aluminum wi re  
(excluding core) = 245 W-lb 
The calculations used to determine these parameters are 
given in Appendix J, Paragraph 2 and the total weight of the coil core using a 
maximum of 100 watts is (97.6 + 2.5) = 100 pounds. This coil will be located 
with its axis parallel to the spacecraft scan axis. 
Preliminary results of spacecraft motion simulation indicate 
a variation of about 1 percent in the scan rate during one orbit of the space- 
craft. Therefore a control torque which is capable of changing the scan rate 
by 1.1 percent in a 60-second period would appear to be adequate. On this 
basis, one of the coils located on an axis normal to the scan axis wag sieed to 
produce a charige in the scan rate of 0.0067 deg/sec in a 60-second period. 
The torque required for this change is 0.072 ft-lbf. 
Scan rate control is ideally carried out whenever the earth's 
magnetic field component along the scan axis is a s  small a s  possible to 
minimize the cross-coupling effect of rate control torques on the scan axis. 
For this condition the major component of the earth's field which varies from 
0 ,26  to 0.37 gauss should lie in the plane normal to the scan axis. Therefore, 
a lower value of 0.26 gauss was used a s  the strength of the earth's field for 
sizing the scan rate control coils. The magnetic moment required for each 
coil is 3756 amp-meters2. 
The size of the coil having Permendur as the core material 
is: 
Length of the coil = 9 inches 
Diameter of the core = 0.45 inch 
Weight of core = 37.12 pounds 
M a s s  power product 
for the coil of aluminum 
w i r e  (excluding core) = 15 W-lb . 
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Total weight of one coil 
and core using a maximum 
of 20 watts = 37.87  pounds. 
In the celestial pointing mode of spacecraft operation, any one 
of the three axes of the spacecraft may be required to point in some inertial 
direction and its attitude held within *I degree. This will require a three- 
axis attitude control system. Since the angle about the pointing axis is not 
required to be precisely controlled, and can vary as much as *37 degrees, 
a two-coil or a three-coil system can be used for pointing mode operation 
IXI-1, XI-21. 
The coil aligned with either the X or  Y spacecraft axis should be 
the same size as the coil located on the scan (2) axis, 
smaller than the other two because i ts  primary use wil l  be scan rate control. 
The third coil may be 
The total weight of the three coils is, therefore, (100 + 100 f 
37. 87) = 237. 87 pounds and requires a maximum of 100 watts. 
24 pounds for insulation cover, mounting, connection, etc. , the total weight 
of the three coils becomes (237. 87 + 24) = 262 pounds. 
Providing 
Figure XI-24 shows a schematic for the mechanization of the 
coils (electromagnets). This scheme has been used in the DME-A satellite 
[XI-3]. A capacitor is used for storing energy which is discharged through 
the windings when torque is needed. The sense of the magnetic dipole can be 
made either positive or negative by command of the reversing relay. The 
magnetic dipole produced is a function of the voltage, which is variable. The 
null sensing magnetometer placed between the two electromagnets senses 
the state of magnetization of the magnets. This measure is used to determine 
the current required to demagnetize the magnets. The electromagnets are 
magnetized for a certain period of time (about 10 seconds) and then demagne- 
tized (state of zero dipole moment) €or about 1 second so that the three-axis 
magnetonieters located on the spacecraft boom can sense the earth's field. 
The electromagnets a re  again magnetized and then demagnetized in sequence 
until the desired attitude of the spacecraft is attained. 
One of the serious operational difficulties with this scheme 
is the nulling (state of zero dipole moment of the electromagnets) operation. 
The cmpty coil system has an advantage over this system in this regard. 
11-39 
. .. 
CHARGE VOLTAGE 
seLccnar7 /- OlKHARCE RELAY 
ELeCTRONlCS 
Figure XI-24. Magnetic coil system for attitude control. 
4. Flywheel 
a. Hardware description. The flywheel selected for use on the 
HEAO spacecraft consists of the Inner Gimbal Rotor Assembly (IGRA) in the 
Control Moment Gyro (CMG) developed for application on the Apollo Telescope 
Mount (ATM) space vehicle. By stripping the outer gimbal assembly and 
associated electronics directly applicable to its operation as a CMG, the mod- 
ified assembly can serve a s  a flywheel. Consequently, no major design o r  
development effort is required to obtain a flywheel for HEAO. 
The modified inner gimbal assembly will consist of the rotor, 
induction motors for rotor spinup and operation, and heaters mounted to the 
rotor bearing housing. The assembly is operated a t  an internal pressure of 
approximately mm Hg. The rotor is driven by b o  squirrel cage induction 
motors mountad symmetrically on the rotor shaft for thermal balance. The 
rotor is supported by a simple pair of bearings lubricated by a self-lubricating 
system. A tachometer is mounted to the rotor shaft through a gear reduction 
ass em bly . 
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The power supply for the ac motors is contained in an inverter 
assembly which converts the spacecraft 28-volt input to a 11 %volt, 4OO-cycle, 
3-phase current for motor operation. There is no voltage regulation on the 
inverter output to the motors, and no provision for speed control in the rotor 
in the present design. The inverter assembly also contains diagnostic instru- 
mentation for the system operation such as heater power control, vibration 
pickups, pressure transducers, and temperature pickups. 
A typical power profile (referred to the dc bus) for the inverter 
assembly is shown in Figure XI-25. Normal spinup time for the rotor is 
approximately 8 hours. Four heaters, each drawing 60 watts, are turned on 
for approximately 1 hour in the initial warmup period. Af te r  the initial warmup 
period of full heater power, the heaters a r e  operated intermittently to main- 
tain temperature in the lubricant; the average wattage is estimated at 12 watts 
for each of four heaters. 
-  
Estimated weight of the stripped CMG is 180 pounds, mounting 
hardware 20 pounds, and inverter assembly 40 pounds, giving a total weight 
estimate of 240 pounds. 
b. Flywheel application. The purpose of adding a flywheel to the 
spacecraft is to provide some additional degree of stability, primarily during 
the scanning modes where the spacecraft rotation rate of 0.1 rpm is not suf- 
ficient to provide the required stability. The flywheel spinning at a rate of 
approximately 8000 rpm produces a momentum which tends to counteract the 
effects of disturbing torques on the spacecraft. This results in a decrease of 
the precession rate of the scan axis ( Z - a x i s ) ,  thus reducing the number of 
times corrections would be required to maintain Spacecraft attitude with respect 
to a reference source. 
do not require inertial reference hardware (gyros) because pointing e r ro r  
requirements are met. 
This has particular advantages if occultation periods 
Preliminary analysis of Spacecraft response under the 
I - influence of disturbing torques indicates that the present flywheel does not 
provide enough stability to warrant ekclusion of inertial reference hardware. 
Adding mappetic coils to the attitude control system for correction capability 
reduces somewhat the significance of the flywheel contribution to spacecraft 
stability. The initial spacecraft performance analysis is discussed in 
Section XI,  Paragraph D. Considerable additional analysis is required to 
validate the effectiveness of the flywheel. 
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Figure XI-25. Typical flywheel spinup power profile. 
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I 
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5. =al Processing. A functional block diagram of the attitude 
sensing and control system is illustrated in Figure XI-7. The gyro signals 
are electronically processed to provide both rate and position information to 
the system. The fine and coarse sun sensor signals are transmitted to summing 
networks: Processed signals from these sources, along with all other sensor 
signals, next go to the input signal selector and multiplexer. 
The input signal selector and multiplexer selects the proper 
sensor signals for the spacecraft operating mode. The analog signals are 
multiplexed into the analog-to-digital converter. The digital sensor signals 
a r e  transmitted directly to the control logic. - 
The control logic digital input interface is connected in parallel 
with the telemetry system digital interface. Digital aspect data are then 
sampled by the telemetry system for transmission-to-ground stations. 
The control logic uses digitized sensor signals to compute the 
spacecraft attitude. This spacecraft attitude is then compared to aspect 
reference angles previously transmitted via the command link and stored in 
system memory. When the spacecraft attitude in a given axis differs from 
the reference attitude by a predetermined amount, a control signal is gener- 
ated by the control logic and sent to the output selector, Here, a decision 
based on the e r ror  amplitude and operating mode is made to use the appropri- 
ate jet or coil system to correct the error. The control logic provides com- 
pilation of the required restoring torques based on the appropriate control 
law for each mode. 
The on-board attitude sensing and control system will  maintain 
the spacecr'aft in a predetermined attitude on the basis of coded signals stored 
in  the computer memory. To make a major spacecraft reorientation and/or 
change the operating mode of the spacecraft, a command is transmitted from 
thc ground. A new reference attitude is then stored in the computer memory. 
C. System Operat ion 
1. --- Initial Acquisition (Fig. XI-26). The primary functions of this 
mission phase a re  to align the spacecraft Z-axis within 1 degree of the solar 
vector and to obfain flywheel and spacecraft spinup. Upon completion of 
initial acquisition, the spacecraft is in the celestial scan reference attitude 
from which either the galactic scan mode or  the celestial scan mode can be 
readily entered. 
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Figure XI-26. HEAO - initial solar vector acquisition - signal flow block diagram. 
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A t  spacecraft separation from the launoh vehicle, the spacecraft 
rates about all axes are sensed by the rate gyros. The gyro outputa are 
processed and routed to the control computer where control commands are 
generated to activate the RCS jets and reduce the body rates to acceptable 
levels. 
The spacecraft Z-axis solar offsets about the X and Y axes are 
sensed by the eight coarse sun sensors (four per axis). The sun sensor 
e r r o r  signals are processed in the summing networks and the analog-to-digital 
converter and routed to the control computer where actuator commands are 
issued to torque the spacecraft in a direction to align its Z-axis with the 
solar vector. When the Z-axis has been oriented to a position where the sun 
is in the FOV of the fine sun sensor disable eye, the disable eye issues a 
discrete signal that transfers spacecraft control from the coarse sun sensor8 
to the two-axis fine sun sensor. The processed outputs of the fine sun sensor 
are now used to generate the control commands necessary to obtain precision 
alignment of the Z-axis with the solar vector. 
Preliminary analysis indicates that an attitude hold for the space- 
craft is required during sun occultations. 
the outputs of the rate gyro to obtain position information. This position 
information when supplied to the control computer is used to generate the 
necessary actuator commands to provide the attitude hold required. Further 
analysis may indicate that a simple integration of the gyro outputs is not suf- 
ficient and that a form of "strapdown" computation is required to obtain the 
correct position information. A typical sequence of events is listed as 
This is accomplished by integrating 
follows : 
0 
0 
0 
0 
0 
0 
0 
0 
0 
Command of initial acquisition phase. 
Rate stabilization to acceptable thresholds. 
Attitude hold during sun occultations. 
Acquisition of sun by coarse sun sensors. 
Torque spacecraft into the fine sun sensor FOV. 
Disable eye switches control to the fine sun sensor. 
Final alignment to solar vector. 
Spinup flywheel while holding spacecraft attitude. 
Spinup the spacecraft. 
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2. Celestial ScanModc(Fig. XI-23). In this mode, the spacecraft 
is near the celestial scan reference attitude with the Z-axis approximately 
aligned with the solar vector and the spacecraft rotating about the Z-axis at 
0.1 q m .  The experiments are scanning segments of the celestial sphere as 
the spacecraft rotates. 
The two-axis fine sun sensor measures the Z-axis solar vector 
offset e r ro r  angles and generates outputs that are processed and used to 
generate commands to the magnetic coil actuators to maintain precision align- 
ment of the Z-axis with the solar vector. By maintaining this solar vector 
alignment, the Z-axis is forced to track the sun at its approximate I a g r e e -  
per-day angular rate, and, in the process, the experiments scan different 
segments of the celestial sphere. This permits scanning the entire celestial 
sphere in approximately 6 months. 
The rate gyro package supplies rate and position information that 
is used for  rate stabilization and for attitude holds during sun occultations. 
Attitude hold about the Z-axis is not required because of the spacecraft rotation 
about this axis. 
Three-axis precision attitude determination is required for this 
mode to provide correlation between the experiment data and the spacecraft 
attitude. The star field mapper supplies star information on a non-real-time 
basis that is stored onboard and during conhct periods transmitted to  ground 
stations. Ground reduction of these data permits reconstructing a star map 
that provides the required correlation between experiment data and space- 
craft attitude. 
3. Galactic Scan Mode (Fig. XI-28). To scan a belt in the galactic 
plane with the LOS of the experiment during 30 days of the mission requires 
an  initial solar offset of the spacecraft Z-axis to a position near the galactic 
pole followed by a series of programmed maneuvers near the galactic pole 
designed to scan approximately 100 percent of the region of interest during 
the specified time period. A September 8 launch was chosen in the example 
shown in Figure XI-29 which depicts a scan pattern suitable for scanning 100 
percent of a 17-degree galactic belt in 30 days while minimizing the solar 
offset angle to meet solar power requirements. 
The first maneuver performed on ground-command initiation of 
the galactic scan mode is to position the Z-axis to position 1. The star 
tracker is enabled prior to the start of the maneuver and its output resulting 
from a known star reference is used to update a calculated scan angle + 
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Figure XI-27. HEAO - celestial scan mode signal flow block diagram. 
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Figure XI-28. HEAO - galactic scan mode - signal flow block diagram. 
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E’igure XI-29. HEAO - galactic scan. 
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This updated angle @ is used to resolve the two-axis digital sun sensor out-, 
puts into the proper values of position angles 8 and $. The RCS jets are 
aotivated to move the Z-axis to position 1. This maneuver can be accomplished 
by two single axis maneuvers or  one direct maneuver with suitable thrusters. 
The direct maneuver may require some form of strapdown computation to 
obtain the necessary parameters. 
Af te r  remaining at position 1 for approximately 56 hours, the 
Z-axis is programmed along the locus from point 1 to point 2 in five discrete 
steps and is held at each new position for 56 hours while the experiments 
scan a portion of the galactic belt. The steps are 3, 3, 4, 3, and 3 degrees 
in that order. 
From position 2, the Z-axis is moved approximately 17 degrees to 
position 3 where it remains for 56 hours. 
along the locus in six discrete steps of 3 degrees each to position 4. The 
Z-axis dwells at each intermediate position for  56 hours. After  the completion 
of the time at position 4, the desired galactic belt wil l  have been scanned. A 
movement of approximately 24 degrees will  reacquire the sun and place the 
spacecraft in the celestial scan reference attitude, 
The Z-axie is now programmed 
The two-axis digital sun sensor serves as the primary solar 
vector offset angle measuring device. By using known star sightings, the 
star tracker provides update information on the scan angle 9 for resolution of 
the sun sensor outputs into the proper values d 8 and $. 
Rate and position information is obtained from the rate gyro pack- 
age for rate stabilization and for attitude holds' during sun occultation periods. 
The magnetometer and magnetic coils are used in combination to 
provide attitude control and to perform the small angle maneuvers. Large 
angle maneuvers are performed with the RCS jets, 
Aspect determination to &to. 1 degree is accomplished ground 
data reduction of the star transit information'supplied by the star field mapper. 
The galactic scan mode involves the operation of sensors offset 
from their null reference; therefore, careful consideration must be given to 
the effects of vehicle motion on the sensor outputs. Sensed signals for the 
X and Y axes must be processed and resolved by use of the rotation angle 
about the Z-axis to generate the correct commanded control torque signals. 
This consideration holds for any other operational manner that requires 
similar offset operation. 
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4. Celestial Pgintw!. (Fig. XI-30). The primary function of the 
celestial pointing mode is to provide for investigations of selected locations 
on the celestial sphere. In this mode, the spacecraft is not rotating and the 
experiments are aimed at the selected locations under ground command con- 
trol and using ground supplied pointing information. 
For the baseline system, the Z-axis of the spacecraft is aligned 
with the solar vector at all times. This constrains the viewing of a specific 
target to a particular time of year, at which time the tracking of the solar 
vector has positioned the experiments LOS in a great circle of the celestial 
sphere that contains the target. When this favorable condition occurs, the 
spacecraft is rotated about its Z-axis until the experirhents are looking 
directly a t  the target. Proper programming of the target viewings with respect 
to the time of year will minimize the waiting time for target viewing. Solar 
offset pointing is discussed in Appendix J, Paragraph 3. 
3 
Solar vector alignment is maintained by the processing and use of 
the f ine sun sensor e r ro r  signals. The disable eye provides a signal at sun 
occultations that configures the spacecraft control system into an attitude 
hold mode. 
Rate and position signals a r e  obtained from the rate gyro package 
for use in rate stabilization and for attitude holds. 
Since this mode requires pointing the experiments' LOS at a 
particular point on the celestial sphere and maintaining this orientation for 
a given length of time, some means must be provided to control spacecraft 
drift about all three axes. The sun sensor provides this drift control about 
the X and Y axes. The star tracker produces an output as a result of known 
star sightings. This output is processed and used to provide updated infor- 
mation on the angle 4 which, together with the sun sensor outputs, ie used 
to generate the necessary control commands and magnetic coil actuation to 
compensate for spacecraft drift. 
e 
Spacecraft attitude determination to *O. 1 degree is obtained 
P from the two-axis digital sun sensor and the star tracker. 
5. &mdoni-Reacquisition. To be able to acquire the solar vector and 
tliiis position the spacecraft in basically the celestial scan reference attitude 
:it any point in the mission, a random reacquisition capability must be provided. 
'This capability does not require any new sensors or actuators, but does 
require that a switching sequence be available to configure the control system. 
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Figure XI-30. HEAO - celestial pointing mode functional diagram. I 
t 
I 
The course and fine sun sensor8 are used to acquire the sun in the 
same m4nner described in the initial acquisition weration sequenoe. Bate and 
position information is supplied by the rate gyro8 for etabilizatioa and for ' 
attitude holds. 
Actuation through large angles is supplied by the RCS jete, and 
attitude control actuations are supplied by the magnetometer and magnetic 
torquer combination. 
Aspec t  determination is not considered a requirement for this 
operation. 
LS - 
D. Basel'ine Performance Simulation 
1. Description. A computer program was written to simulate the 
dynamic behavior of the HEAO spacecraft in a 2004.  mi. ciroular earth 
orbit. Three effects are simulated in the program: 
0 The gyroscopic action of the rotating spacecraft having a 
flywheel aligned along its Z-scan axis. This effeot is 
expressed using Euler's dynamic equations. 
0 The effect of gravity gradient disturbance torque on the 
spacecraft. 
0 The effect of magnetic control torque produced by current- 
carrying coils which react with the earth's magnetic field. 
The equations which were programmed were Euler's equations for 
rotational motion about the principal body axes, Euler's kinematical relations 
which relate the body principal axes to the solar inertial reference, transfor- 
matiohal matrices which relate the environmental torques to the body axes, and 
the magnetic control torque logic which relates the spacecraft's attitude e r ro r s  
and rates through appropriate feedback gains to applied torques about the body 
axes. 
The Euler angles (I), 8 ,  #) , shown in Figure XI- 1 , specify the 
spacecraft orientation relative to the solar reference coordinates. 
values of $ and 8 ,  the directional cosine angle between the vehicle scan 
axis and the solar vector is denoted by 6 and is obtained by 
c 
For small 
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In a phase plane plot t,b and 6 are related to the solar Z s  and Ys axes in which 
a unit vector along the scan axis is projected onto the Ys - Zs plane. 
dient effects. The gravity gradient disturbance torque components about the 
body principal axes are given in Appendix J, Paragraph 5. In computing the 
components of the local radius vector in body coordinates, the effects of orbital 
position, orbital inclination, orbital regredsion, time of year (solar position), 
and ascending line of nodes were  considered in deriving the required transfor- 
mational matrices. However, orbital conditions were selected such that the 
gravity gradient torques attained their maximum possible values, and those 
angles which vary slowly with time were held constant at their maximizing 
values over an orbital time period. As previously stated, the magnetic control 
torquers were sized to counteract the maximum gravitational torques about 
each axis. 
moments withjthe earth's magnetic field. These moments are produced by 
electromagnets located on the principal axes of the spacecraft. The&basic 
equation for the torque produced is given in Appendix J, Paragraph 6, as 
The dominant environmental torque is that caused by gravity gra- 
Magnetic control torques are produced by the reaction of=magnetic 
where 
T - torque vector. 
M - magnetic moment vector produced by the electromagnets. 
B - earth's magnetic field veotor. - 
For pointing control of the spacecraft scan axis (Z-axis), primarily 
only the electromagnet aligned on this axis isiused; therefore, for this operation, 
Z are given by 
= 0 and M = 0 and torques about the three spacecraft body axes X, Y, and 
MX Y 
T = M B  
xm = Y  
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Tzm 
where 
e. 
* 
T xm’ T ym’ TZm - the magnettc control’torque produced 
about spacecraft axes X, Y, 2 (ft - lbf) 
Mx, My, Mz - the magnetic dipole produced about the space- 
craft axes (ft - Ib gauss) by the magnetic 
coils. 
4 
Bx, B , BZ - the components of the earth’s magnetic field 
Y along the spacecraft 8x013 (gauss). 
For control of the spacecraft scan (spin) rate, the electromagnet 
located on the scan axis ( Z )  is not energized, but the other two are. Therefore 
for this operation, M = 0 ,  and torques about the three spacecraft body axes 
are given by 
Z 
T = M B  
xm Y Z  
T = - M B  Ym x z  
T = M B - M B  
zm X Y  Y X  
Only torque T is desired; torques T and T introduce distur- 
z x Y 
b:inces to the attitude of the scan axis (2). Therefore scm rate control torque 
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is applied only when the component of the Earth's magnetic field parallel to 
the spacecraft Z-axis (BZ) is very small, i. e. , Bi 5 0.001 gauss. This mini- 
mizes the disturbance acting on the scan axis. 
Al l  equations were solved simultaneously using the computer to 
find the values of +, 8, 6, and other parameters. 
2. Parameters and Cases Simulated. The computer simulation 
results are based upon the following parameters: 
Orbit = 200 n. mi. circular 
Orbit inclination = 28.5 degrees with the earth's equator 
Spacecraft scan rate = 1/10 rpm 
Flywheel spin rate = 8000 rpm 
A simple dipole model of the earth's magnetic field inclined 
11 degrees to the geographic north. 
Moment of inertia of the flywheel rotor is 2. 43 ft-lb-sec2 
The principal moments of inertia of the spacecraft are 
assumed to coincide with the geometric axes. 
To simulate maximum gravity gradient disturbing torques 
(Appendix J, Paragraph 5) acting on the spacecraft, the Bun w a s  placed in its 
winter  solstice position relative to the earth, and the orbit plane was placed 
in an orientation to give a solar vector-orbit plane angle of 45 degrees. 
Computer simulations were performed for the baseline oonfig- 
uration, with the following principal moments of Inertia: 
I = 3970 ft-lb-sec2 
X 
I = 35 210 ft-lb-sec2 
Y 
I = 36 900 ft-lb-sec2 
Z 
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3. .. Simulation - Results. Figures XI-31 through XI-33 show the varl- 
ation of the gravity gradient torque in the solar X Y and Z axes (Figure 
€5' s S 
XI-1) as  the Spacecraft moves in the orbit, The torque in Xs axis is cyclic, 
having a frequency twice that of the spin frequency. The torques in both the 
Y and Z axes are biased; however, the Z component is only slightly 
biased. 
S S S 
Without active control, the biaeed torques produce secular momen- 
tum terms which vectorially add to the spacecraft momentum vector to precess 
the scan axis in the direction of the sun's apparent movement and southward 
from the ecliptic plane. Figures XI-34 and XI-35 are plots of the angular 
momentum about the inertial axes, Y and Z due to gravity gradient torque 
over an orbit time period. The angular momentum in Ys axis is secular and 
its value a t  the end of one orbit is about 90 ft-lb-seo. The angular momentum 
in the Z 
one orbit period. The net total angular momentum gain a t  the end of the orbit 
time is about 103 ft-lb-sec. Control torques must oounteract this gain in 
angular momentum. 
S 8' 
axis has a secular component of about 13 ft-lb-sec at the end of 
S 
In Section XI, Paragraph B. 3 and in Appendix J, Paragraph 6 it 
was  shown that the e€fective earth's magnetic field for scan axis attitude 
control is the component of the field which lies in the Y - Zs  plane which 
is normal to scan axis. Figures XI-20, XI-21, and XI-22 show that the com- 
ponent of the earth's magnetic field in the Y -Z 
the 800- to 1300-second and 3500- to 4000-second intervals of the orbit time, 
and most of the field lies along the X scan axis. During these intervals, the 
production of control torques by coils for scan axis attitude control can not be 
optimally produced by the man axis coil, M . 
8 
plane is small, in s a  
S 
Z 
It was also pointed out that scan rate adjustments are  carried out 
whcnover the earth 's  magnetic field component along the scan axis is very small 
(Bz 5 0.00 i gauss); but, Figure XI-20 shows that B = B 
0.35 gauss during the orbit. Thus, in such an orbit where B is not very 
stxatl, scan rata ndjustments, if required, can be oarried out; but this will 
C ~ S C  pcrbirbation in the pointing attitude of the scan axis because of undesirable 
coiiiponcnts of tho torque urtduced in the plane normal to the scan axis. 
attains peak value of 
e xs 
e 
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Figure XI-31. Variation of gravity gradient torque in the Xs axis with orbit time. 
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8 
A 
TIME (SEC) 
Figure XI-35. Gain in angular momentum caused by gravity torque in the Z axis during one' orbit. . 
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The control logic fo r  the magnetic torquers has  been programmed 
to take advantage of favorable field components whenever possible and to mini- 
mize the undesirable torque components. 
Figures XI-36 and XI-37 are the plots of the dri f t  of the scan axis 
caused by the gravity gradient torques, as calculated by the Computer Simu- 
lation program. The case simulated is the baseline spacecraft  configuration 
having a spinning flywheel with no control torques applied, Figure XI-36 
shows the scan axis drif t  angle ( 6) as a function of orbit  time. The drift 
angle 6 was set at zero  at t ime zero,  
reaches a value of 2.25 degrees in one orbit  time of 5520 seconds. Figure 
XI-37 is a plot of the trace of the scan axis in the #-e plane, which is normal 
to scan axis  for  smal l  values of # and 8 angles, The angle $ increases  
0 is near  cyclic with a small  secular  component at the end of the orbit  time. 
The variations in the angle 0 are caused by gravity torque in Z axis. 
The scan axis drifts  continuously and 
a 
almost continuously caused by secular gravity torque in Y axis. The angle 
S 
8 
Figures XI-38 and XI-39 are the plots of data generated by the 
Coniputer Simulation program for the case of the baseline spacecraft confiyu- 
ration having a spin flywheel with magnetic control torques applied. The dis- 
turbing torques are gravity gradient torques. 
The magnetic control torques are applied to the spacecraft  when- 
ever  the scan axis drift  angle 6 becomes equal to or greater than 0.100 
degree. They are applied continuously as long as the orientation of the earth's 
magnetic field remains favorable, until 6 decreases  to 0.067 degree. Those 
daadband limits on d were selected for simulation purposes only. 
Magnetic torquers are operated in an on-off fashion. A torque 
pulse with a 10-second duration is applied, shut off for  1 second, and then 
applied again. This sequence is repeated for a s  long as the torque is utilized. 
This on-off operation is required for the magnetometers to sense the earth's 
magnetic field during the off period. - 
Throe coils w e r e  used for spacecraft  control in the Computer 
Simulation program, with one coil mounted along each spacecraft principal. 
as is .  'I'hc rcsistance of each coil is 10 ohms and the physical constant K of 
cacti m i l  is 0. 35 kurn-nictcr2. K is defined tis the ratio of the ooil magnetic 
inonicnt :mip-turn-mctcrs* lo  the current  in amperes.  The power for h e  
ningnetic: torquers has been limited l o  100 watts maximum, 
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Figure XI-36. Scan axis drift angle 6 of the uncontrolled spacecraft during one orbit. 
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Figure XI-38 is the plot of the scan axis drift angie 6 with orbit 
time. The value of 6 never exceeds more than 0.22 degree. The value of 6 
starts increasing at a faster rate at about 800 seconds and goes to its peak 
value of 0.22  degree at 1300 seconds, and then drops at  a faster rate to less 
than 0.067 degree in the next 1200 seconds, at which time the magnetic torquers 
are cut off. This same cycle is repeated during the 3000- to 5000- second 
interval. The reason for the buildup of 6 during 800 to 2000 seconds and 
3600 to 4800 seconds is that the gravity gradient torque in X and Y axes nearly 
reaches maximum in these ranges. Figure XI-39 is the plot of the trace of the 
scan axis in J, - 0 plane. Figure XI-40 shows the variation of the scan rate 
in  one orbit time. The variation in the scan rate is about &.I percent. 
The maximum available coil power of 100 watts is not required, 
a s  illustrated in Figure XI-41 for a nominal condition. Using a three-coil 
control logic scheme for scan axis pointing control less than 1.5 watts ,  con- 
tinuous power usage is required. Much higher power levels are encountered 
in single coil situations, such as might be encountered a t  certain orbital 
positions or with a coil failure. For example see Figure 5-26 ih Appendix J. 
Alternate spacecraft performance simulation results are given in 
Appendix J for the baseline vehicle, with a control logic which utilizes one 
coil for scan axis pointing control and for an alternate configuration wi th  the 
longitudinal axis of minimum inertia directed toward the sun. The three-coil 
control logic appears to have several advahtages over the one-coil logic, 
especially power usage and continuous rate feedback for spacecraft damping, 
and has been selected as the baseline control scheme for the HEAO. 
E. Conclusions and Recommendations 
Sensor hardware design types were selected for the baseline system 
configuration primarily on the basis of spacecraft operational mode attitude 
sensing requirements. The types of sensors selected appear to be feasible 
and readily adaptable designs for mechanization of attitude control. Alternate 
sensor designs, which warrant additional consideration for application in the 
HEAO spacecraft, are presented in Appendix J. 
The slitted reticle star mapper selected for the baseline does not 
include a motor driven reticle; therefore, it is unsuitable for application in 
the celestial pointing mode; however, by adding a motor and angle enooder to 
0.70 
0.60 
0.50 
0 500 loo0 lsoo m 2 m  3 0 0 0 3 5 0 0  ooo4500 Q K ) o S s O o ~  
TIME (SECONDS) 
I 
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the basic design, it can also function as a tracking sensor. The reliability of 
the motor driven reticle may be high enough to warrant consideration of using 
the slitted reticle mapper in the pointing as well as the scanning modes. 
The dual mode (beam scanning) type star tracker would provide both 
stellar mapping and target pointing capability. The beam scanning mode would 
be used in the celestial and galactic scan modes. The track mode would be 
implemented for celestial pointing. For spacecraft maneuvers, the track 
mode could be switched in to identify a known s ta r  for a position fix to begin 
the maneuver. The tracker would be switched back to stellar mapping once 
the manuever was completed and the new spacecraft position verified. The 
tradeoff between the beam scanning star tracker and the slitted reticle star 
mapper is the degree of complexity in the mechanization scheme and the 
reliability assessment of the resultant hardware. 
- 
U s e  of the earth horizon scanner (conical design) as an alternate to 
the star tracker for a position reference in maneuvers has the advantage of 
viewing the earth continuously except for small time periods during the orbit 
as opposed to the star tracker which views the target only once per revolution 
of the spacecraft. In addition, the star tracker has to be able to recognize a 
known s ta r  to define attitude position. Horizon scanners are expensive and 
heavy, but the cost can be reduced by simplifying the design for a particular 
application. In the HEAO mission, more onboard calculations to determine 
attitude position might be performed by the signal processing subsystem. This 
would simplify the sensor design and cost. Spacecraft attitude position fixed 
by computation can be keyed to bypass the points in orbit where the horizon 
scanner would be "earthft saturated. 
The  magnetometer used for earth magnetic field sensing is mounted 
on an  extendable boom in the baseline configuration. 
in ember is somewhat undesirable from an operational reliability standpoint. 
It would be moredesirable to have all sensors body-mounted to the spacecraft 
with no deployment mechanisms. When the magnetic coils a r e  energized, a 
magnetic field is created that would interfere with magnetometer operation if 
the magnetometer is located in the proximity of the coils. A detailed design 
analysis must be made to determine the effect of the coils on the magnetometer 
and other items on the spacecraft. Shielding requirements and component 
location restrictions can then be determined. 
Use of an extendable 
- 
a 
. -- 
Preliiiiinary analysis has indicated that the magnetometer may not 
Y 
have to be boom-mounted. Computing earth field p a r m e t e r s  is an alternative 
to direct measurement, but it appears to be too oomplex and subject to more 
error. 
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Gimbaled sensors' potential applications were discussed briefly; how- 
ever, because of recognized low reliability, no in-depth study was pursued. It 
is recommended that any improvement in space-qualified bearing lubricants 
be reviewed for application in gimbaled sensors which have the potential of 
upgrading HEAO sensor performance. 
Computer simulations of spacecraft responses to gravity gradient 
disturbance torques and magnetic control torques have been performed, Two 
different control schemes for scan axis attitude control have been simulated: 
0 A three-coil scheme in which one coil is mounted on each of the 
body axes. 
0 A single-coil control logic scheme in which only one coil is used for 
scan axis pointing control. 
T h e  results to date indicate that the three-coil control scheme gives better 
performance than the single-coil control scheme. With the three-coil control 
scheme it was possible to generate continuous control torque; whereae, with 
the single-coil scheme, it was not possible to generate continuous control 
torques because of the orientation of the earth's magnetic field. 
Since continuous control is feasible using the three-coil scheme, the 
flywheel system for providing additional stability against disturbance torques 
may not be required. The power requirements for the three-coil control 
scheme is less than for the single-coil control scheme, because the magnetic 
moment generated by the three-coil system is always made normal to the 
earth's magnetic field. The only disadvantage of the three-coil scheme is that 
i t  produces undesirable torques about the scan axis. Since scan rate variations 
up to iio percent are allowed, this seems to be not much of a problem. It 
is therefore preferable to use the three-coil control scheme during the scan 
modes. 
More computer simulation data a re  required to determine the feasibil- 
ity of using the magnetic torques for the pointing mode, initial sun acquisition, 
flywheel spin-up, spapecraft spin-up, and for going from one mode to another 
mode. If magnetic torquers appear feasible for the above operations, then 
a jet control system may not be required for any phase of the mission. The 
feasibility of using 6 jets instead of the 12 jete now defined on the baseline 
configuration should be investigated. 
The magnetic coils should be optimized with respect to the sum of 
coil weight and the additional weight penalty associated with their eleotrical 
11-72 
power requirements. Coil weight can be traded against coil electrical power 
retpirements. 
Although a limited number of simulation rune have indicated stable closed 
loop performance using the magnetic torquing system even though nutation o r  
wobble damper devices were not utilized, consideration for including these 
devices for performance improvement of the ASCS should be given attention in 
the future iterations of the HEAO baseline. The requirements for a nutation 
damper should especially be evaluated and established for those portions of the 
mission using reaction jet thruster control since no performance simulation 
runs to date have been made for these mission phases. 
Redundancy concepts for the ASCS must be given considerable attention 
in future studies. A logical approach is to determine how the baseline config- 
uration of ASCS components can be modified on command by an onboard 
switching function to utilize certain components in a dual capacity. Possibilities 
that should be considered a re  the differentiation of certain angle measurements 
to obtain rates and the processing of certain sensor outputs in different ways 
to obtain attitude information. System performanoe should be assessed for 
any such multiple usage schemes. The extension of this approach would be 
to determine the minimum redundancies required to assure mission success. 
b 
. 
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SECTION X I  1. MISSION OPERATIONS 
I. Scope. The HEAO Mission Operations is an element of the overall 
HEAO program management and will b e  uncler the leadership of the mission 
director. The major operational elements will be combined to form the HEAO 
mission operations system. The HEAO Mission Operations system includes 
the following: plans, systems, interfaces, time-phased sequence of events, 
procedures and facilities necessary to perform launch and flight operations 
planning, produce mission software (computer programming) , operate launch 
and mission control facilities, monitor and control the launch vehicle, space- 
craf t  and experiments during launch operations and in flight, obtain data for  
operational control and manage the acquisition, and processing and distribution 
of launch and mission control and experiment data, 
u 
b 
2. Guidelines and Assumptions. In arriving at a mission operations 
approach within the scope outlined above, the following guidelines and assump- 
tions were considered: 
a. In the operations area,  major interfaccm will exist between 
elcments of MSFC, OSSA, GSFC, KSC, AFETR and the launch vehicle manage- 
m e n t  center  concerning the pr ime operational considerations and a s  these 
considerations affect the spacecraft, experiments, launch vehicle, launch 
facilities, the tracking and data network and the control centers.  
b. The Unmanned Launch Operations (ULO) a t  KSC will b e  
responsible for launch operations, 
c. The Titan III c l a s s  vehicle will be  the pr imary launch vehicle 
considered. 
Y 
* 
d. The launch operations will use  existing Titan 111 facilities at  
KSC which will be modified, as required, to accommodate the unique require- 
incnts of thc IIEAO mission. 
e. The mission operations system will be supported by the HEAO 
prime contractor. 
-- 
IS, 
I 
f. The launch of the first spacecraft will occur in March 1974; 
the second spacecraft is to be launched I year later. Due to the orbital 
of two spacecraft in orbit simultaneously. 
.- .. lifetime goal of 2 years, the mission operations system must consider support 
g. The Satellite Tracking and Data Acquisition Network (STADAN) 
will be utilized for acquisition of mission control operations data and the 
experiments data. A data relay eatellite system may be available to HEAO in 
the desired time period; however, because of uncertainties of implementation, 
the  data relay satellite system has not been considered a s  a primary system. 
h. GSFC will be responsible for implementation of the STADAN 
and other required network stations; Greenbelt, Maryland, will be the primary 
candidate for the mission control center. The final selection of a mission 
control center is still under consideration. 
4 
i. The Huntsville Operations Support Center (HOSC) may be 
available to support mission operations with design information and recom- 
mendations in the event of contingencies. 
B. Launch Operations 
i. Scope. The HEAO launch operations system includes spacecraft 
and launch vehicle receiving, testing, prelaunch servicing; space vehicle 
assembly and integration with the launch facilities; verification of launch 
readiness; launch countdown and launch operations through spacecraft separation 
from the launch vehicle in flight. The launch operations system will also 
consist of personnel, facilities, ground support equipment, a ground instru - 
mcntation system, and associated software at  KSC and the A i r  Force Eastern 
Test Range ( AFETR) . Program considerations having a significant impacl 
on launch operations include the objective, due to scientific considerations 
of launching in either March o r  September of the selected launch year. 
The HEAO Program Office will define and document launch 
opcrations requirements. These requirements will be forwarded to and 
coordinatcd with KSCh LO for implementation. 
2. Approach to-n. The major functions associated 
with thc yrcparation of-the launch vehicle include build up of the Titan core i n  
thc Vertical Integration Building (VIB) , assembly and integration of the solid 
12-2 
I 
s tages at  the Solid Motor Assembly Building (SMAB) , t ransfer  to the launch 
complex, and prelaunch checkouts and testing at the launch complex. The 
launch complex planned for the HEAO launch will be at pad 41. The Titan III 
Intcgrated Transfer  and Launch (ITL) complex at Cape Kennedy Air  Force 
Station (CKAFS) will be used for this  operation. Launch pad 41  and t ransfer  
hardware will require  modifications to process the Titan IIID/HEAO space- 
craf t  integrated vehicle. 
The spacecraft and the experiments will be initially delivered to one 
of  the hangars in the KSC/CKAFS indis t r ia l  area (hangar AE, AO, etc. ) for  
rccciving inspection. Clean rooms a r e  available to accomplish this effort. 
The specific clean room (and hangar) used will depend on whether the space- 
craft  needs to be  vertical  during the checkout or whether the checkout can all bc 
accomplished with the spacecraft  in the horizontal position. All of the hangars 
do not have the height capability to handle the spacecraft  in the vertical position. 
When the spacecraft has been checked out, it will be transported to 
thc Explosives Safe Area where installation of ordnance and pressurants  and 
filling of the hydrazine tanks may be accomplished. From there  it will go to 
the launch pad, where the Paunch vehicle has  preceded it, to be mated to the 
Titan IIID vehicle. 
3. nch Verification. As a goal, the spacecraft 
prelaunch operations at  the launch complex will be limited to those functions 
which a r e  necessary for assurance that all  systems a r e  functionally flight 
ready so that the launch schedule can b e  met .  Prelaunch testing will a lso 
include limited performance verification tests and compatibility tests with the 
tracking and data system, Launch Control Center, and the Mission Control 
Center. An adequate number of spares  will be prepared for each launch 
opportunity to provide an acceptable contingency for  t h e  limited launch periods. 
A refurbished prototype spacecraft  may b e  available a s  a back-up o r  spare  in 
thc evcnt of major failure. 
Functional and compatibility tests of the spacecraft  will be performed, 
nftcr which composite space vehicle tests will b e  conducted. These tes ts  will 
vcrify interfaces involving the systems, spacecraft, vehicle stages, space 
vchiclc, and ground support equipment. 
Readiness tests will be conducted to verify flight readiness of the 
laiit~cli, flight, and ground systems.  A simulated launch countdown will be  
pc?rformed to verify readiness of the space vehicle and associated ground sup- 
port cquipment . In conjunction with these tests, operational readiness tests 
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(ORT) will be conducted to assure readiness of the complete ground-hased 
tracking and data system, including the Mission Control Center. Simulated 
data will be entered at each ground tracking station utilized for launch 
operations and will be processed through the data system and displayed in the 
proper display devices a t  the Launch Control Center (LCC) . The flight 
opcrations system will also participate in these tests and satisfactory 
completion of the tests will include the acquisition, processing, and display of 
the  data and the exercising of command functions at the HEAO Mission Control 
Ccnter . 
Launch readiness will be certified in a Flight Readiness Review 
held at KSC prior to launch. The program manager will ascertain the 
rcadiness of the space vehicle and the operational elements of the HEAO 
Program and make decisions concerning the continuation of launch preparations. 
4. Approach to Launch Operations Control. The launch countdown will 
be conducted from the  Titan I11 ITL LCC. The KSC/ULO Launch Director will 
be responsible for the space vehicle countdown and ETR support. The launch 
director will be assisted by a space vehicle launch conductor and by test 
conductors for the spacecraft and each appropriate launch vehicle stage. The 
IIEAO Mission Director will be responsible for the overall mission countdown 
and will coordinate the space vehicle countdown with the prelaunch preparations 
of the tracking and data systems and the flight operations system. The launch 
operations system will be responsible for mission control until separation of 
the Spacecraft from the launch vehicle in flight, nominally expected to occur 
following the insertion burn of the launch vehicle. 
The launch operations system will provide tracking, instrumentation, 
and data handling support from the beginning of launch countdown through space- 
craft separation. 
C. Flight Operations 
1. Scope. The HEAO Flight Operations System consists of those 
clcwcnts rcqirired to perform flight planning, prepare mission software 
( c o  nqxiter programming) , conduct flight team training, operate mission 
control facilities, monitor and control the spacecraft and experiments during 
flight, and obtain data for operational control and experiment evaluation, 
opcrntions encompasses the responsibility for mission control beginning with 
la~~uch vchicle/spncccraft separation and continuing until the completion of the 
I I15AC) niission. Thc flight operations will normally be under the direct control 
oC a flight dircctor. 
Flight 
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2. Approach. The primary objective of HEAO Flight Operations is 
to return the maximum amount of useful scientific data from the spacecraft. 
HEAO program considerations that will have a significant impact on flight 
operations a re  the length of each mission ( i  to 2 years) for the anticipated four 
launches and the need to control two spacecraft in orbit simultaneously after 
thc first year of operation. 
Many of the flight operations techniques developed for previous 
orbiting satellite missions can be applied directly to the HEAO Flight Operations 
approach. The overall flight operations system design will be based on 
centralized control exercised from a central control center. The approach is 
also based on the use of the STADAN network for tracking and data acquisition. 
A number of central control centers will be considered to  provide 
flexibility when arriving at a final selection. The operational ground rules and 
preliminary requirements, mentioned in the following paragraphs, have been 
developed to conduct a survey of existing facilities that may serve as  a central 
control center; these operational ground rules and preliminary requirements 
will be utilized in house by NASA and by the Phase B contractors in determining 
a primary control center and a number of alternatives. Final selection of the 
actual control center will include considerations such as availability, existing 
capability, network interfaces, compatibility with the scientific community 
needs, and cost of operation for the planned time period. 
In conjunction with the centralized control approach, the Mission 
Control Center will require the capability for receiving, processing and display 
of tracking, telemetry, and command data for both the spacecraft and uxperi- 
ments, and, as mentioned earlier, must provide for control of two orbiting 
vehicles simultaneously. 
Tho HEAO Flight Operations approach dictatcs that all command 
decisions be made at the mission control center and that the data required Por 
command decisions be made available at the control center; also, where 
practical, the command action will be initiated at the control center. In 
conjunction with this command philosophy, the supporting network should allow 
for one command contact per  orbit from the control'center, with exceptions 
wherc ground site covcrage is not available. 
For Flight Operations System design considerations, the number of 
coiiiiiiaiids required has been estimated. (One estimate places the number 
a t  419, but the actual number can vary significantly, depending upon system 
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sophistication and autonomy.) This is based on the need to accomplish orbital 
checkout after launch and includes command& necessary to get spaceoraft 
systems and experiments into operational modes. 
The orbital checkout period is estimated to  require about eight 
orbits, o r  12 hours. Wherever possible, preprogrammed sequences will be 
stored on board and will be backed up by ground command capability. The 
option to turn off some experiments or to intermittently operate some experi- 
ments will be exercised in real time by the mission o r  flight director after 
consultation with the affected principal investigators. In the event of intermittent 
operation it will still be possible to get representative data due to  its repetitive 
nature covered by spacecraft rotation about the z-axis. 
Tracking for orbit determination will be required on the first through 
the eighth orbits, as early orbit determination is needed; some assistance will 
probably be required from the MSF" sites during this early period. Intermittent 
tracking will be required for orbital decay determinations and the determination 
of communications, acquisition, and LOS times for t h e  network sites. 
The spacecraft systems operations data requirements for flight 
opcration a re  estimated to be in the range of 100 to 150 status measurements 
for systcms analysis. The experiments status measurement requirements 
cannot bc accurately determined at this time. A continuous data recording will 
occur at a 27.li-Kb/s rate and tape data dumps will be scheduled approximately 
cvery I 1/2 hours, depending on station coverage, Real-time data a re  required 
for both spacecraft and experiments status. Near real-time data are required 
to assess spacecraft and experiments operation between orbits to make 
corrective adjustments, as required. This approach is particularly true during 
the first  month of operation, and during the seventh through the thirteenth 
months when numerous commands for repositioning are  expected to occur. 
A flight operations support facility may be established at MSFC, 
IIOSC, to support the Mission Control Center's operation, The HOSC facility 
nlay be used to display flight data for spacecraft systems and experiment 
cvaluation. 
Operational personnel and computer programming will be required as 
e:irly as i 1/2 years prior to launch. One year prior to launch, operations 
pcrsonnel will be needed to begin initial activities, such as  the initial flight 
operations planning, establishing procedural timelines, and conducting 
systcnis training and simulation. The operations team will include either 
principal investigators o r  their  representatives 
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, D. Information Management 
i. Scope. Information management includes plans, ground systems, 
and facilities necessary to provide for  flight data acquisition transmittal ,  
processing, distribution, and storage for  all mission phases, including 
experiment data. 
2. Approach to Network Utilization. It is anticipated that STADAN 
will bc the pr imary network employed for spacecraft and experiment operation 
and control. If t h e  necded coverage so dictates, other ground communication 
sitcs from other networks, such as the Manned Space Flight Network and sites 
operated by the AFETR, may be called into use .  This  would be especially 
t rue  in the period immediately after launch when range safety and the determi- 
nation of orbit are of prime importance. 
Experiment and spacecraft system data needed for operational 
control will be transmitted to the control center  in real t ime or in as near real 
t ime a s  possible for  spacecraft/ experiment operation evaluation. All 
operations decisions will be  made at o r  through the control center and all 
commands will be implemented from there. 
3. Approach to Information Processing and Distribution. Mission 
data proccssing and distribution can be  separated into two categories: the 
data proccssing which is required for  operational evaluation for  mission control 
purposes and the final processing, distribution, and analysis of the scientific 
and ciigineering data. 
A mission software system will provide a data processing system 
cotnpatiblc with STADAN (and any other sites employed) hardware and software, 
which will collcctively pcrform the control, recording, transmission, display, 
and analysis f i r  nctions required to  process telemetry, tracking, and command 
data €or up to two spacecraft i n  orbit simultaneously. Support software will 
also be prepared t o  complement the above operational software to support 
pcrsonncl training and data reduction. Development and integration of the 
software system will be controlled by the HEAO Program Office. Software 
rcquircinent will be  documented and preparation' responsibilities assigned to 
spcciTic organizations. Design of the software will be integrated with the 
spacecraft dcsign and with the mission design activities. Integration of this 
sollwarc with tho nctworlc software system will bo ac,complished in  t ime to 
supp)r t  the niission training and siniulation activities. 
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The lriission operations system will coordinate and doculrlent mission 
data requirements and will implement a plan for their collection, processing, 
and distribution. Final science data analysis and evaluation will be performed 
by the principal investigators and as required by sites designated by the HEAO 
Program Office. 
The operating team will  analyze sufficient mission data i n  real 
time to ensure that mission objectives are  being satisfied. 
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SECTION X I  1 1 .  PROGRAM SUPPORT 
A preliminary analysis of the HEAO-A program was accomplished to 
identify the major d e m e n t s  of program support, and to establish an a p p r o a c h w k  
and rationale for  further study. All a r eas  of program support identified are 
recommended for study in Phase B. The broad areas of program support 
requirements identified are discussed in the following paragraphs. 
, 
A. Ground Support Equipment ~ 7 0 - 2 i Q 1 3  
I. General. The t e r m  "GSE" a s  used in this document re fers  to all 
nicclianical and electrical  ground equipment required for a l l  ground operations 
cxcept manufacturing. For  purposes of discussion, the GSE is grouped into 
the following broad categories based on the principal functional a rea  of 
utilization: 
a .  Acceptance Testing. 
b .  Transportation, handling, and access .  
c. Launch site. 
d. Mission operations, 
e. Experiments. 
The number of sets of GSE required i s  a function of the 
nunibcr of  end items of hardware required,  t h e i r  frequency of manufacture, 
the launch schcdulc, thc typcs and quantities of tes t s  required, the quantities 
aiid locations of thc v:iriotis tcs t  facilitics, and the nutnbor of flight ar t ic los  i n  
orbit :it otic tiiiie. 
:ii)pc:irs to bc no major GSE rcquircments overlap between the various test 
articlcs and the f i r s t  flight ar t ic le ,  nor bctween the f i r s t  and second flight 
:irLiclc. For purposes of this study, the second flight ar t ic le  is considered to be 
the refurbished prototype article. 
Bascd o n  the current  schcdule es t imates  (Fig. XIII-I) them 
't'hc. greatest problc tii related to quantity of GSE required 
arises Croni thc possibility Lliat t cs t  facilitics in  different locations will be used 
L;)I* systci i is  tcsting i n  ambient, niagiietic, vibration, and thermal-vacuum 
cxiivi ronnicnts. Al l  systcnls should be fiiiictioning to varying degrees in each of 
thcsc cnvironiiicnts, which would require GSE during each test. It i s  not 
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Figure XIII-I.  HEAO Hardware Schedule 
F*LDWT F M a  
PRECEDING PAGE BLANK NOT FILMED. 
desirable to have a separate  set of GSE at each facility. The two most 
apparent solutions to this problem a r e  (I) to select a location which has  all  
of these facilities in  close proximity to each other and use  remote control 
from onc central  location to each facility with limited supplementary GSE in 
each, and (2) to have a set of portable GSE which t ravels  with the end i tem to 
each facility. 
The applicable GSE must be availahle for  u se  on test articles 
a s  well as flight ar t ic les .  All GSE must provide fail-safe features and 
protection from damage to the end i tem being tested. Existing GSE from other 
programs should be used wherever possible. 
2. Acceptance Testing. Acceptance test equipment is required for  
testing each end item af ter  (and sometimes during) its manufacturing o r  
assembly process is completed. This  includes GSE for  bench-level tests on 
components (black boxes) and assemblies and GSE fo r  tes t s  on subsystems, 
systems, and integrated systems after manufacturing of a major end i tem. The 
major elements of a typical checkout complex for a flight HEAO-A spacecraft  
a r e  shown in block diagram in Figure XII-2. It is expected that the number of 
umbilical functions and launch vehicle interface functions required will not be 
extensive (see Section V) , and, to save weight, test connections will be  
provided internal to the HEAO-A spacecraft; therefore,  drag-in test cables will 
be required for most functions. If the launch vehiole interface is small ,  
the launch vehicle simulator will be small  o r  unnecessary. However, it is 
shown here  to indicate that it is a possible requirement. Coaxial cables are 
shown for  the R F  equipment. The pr imary use  of the computer will be for  data 
acquisition, for mating, and display. 
3. Transportation and Handling. Horizontal t ransporters  for the 
HEAO-A end-items, s imi la r  to those for  stage handling, will be required.  The 
possibility of modifying existing transporters  for  use  on the HEAO-A should be 
investigated. All candidate transportation systems should be  investigated. 
Environmental control and some instrumentation will be required during 
transportation. A cover for  weather protection m y t  be provided. 
There must be handling rings on each end of the spacecraft  for  
rotation while i n  the horizontal t ransporter ,  and to provide hard points for  
attaching slings, etc. Slings must b e  provided at  both ends for lifting and 
attitude translation of the spacecraft .  
4 
':& 
4. Launch Site. Equipment must be provided for  the prelaunch 
verification of the operational readiness of the spaoeoraft a t  KSC. This  
11 
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Figure XUI-2. Typical flight HEAO checkout complex. 
cquipment must be capable of operating all systems on board the spacecraft, 
but not necessarily to the same  depth as  with the upstream GSE. Communication 
and data handling must be provided to verify the transmitted data and the 
communications equipment. 
Although it has  not been established which HEAO-A systems must 
be active during launch, it is anticipated that most systems will not be 
active. Therefore,  the  quantity of umbilical ihnctions required for  launch is 
expected to be small ,  and, consequently, the quantity of active GSE for the 
spacecraft  during launch should b e  small. 
Capability for  external and internal access  to the spacecraft  while 
i n  thc stacked configuration on the launch pad must be provided at KSC. 
5. Mission Operations. Equipment must be provided for  ground 
traclci ng, data acquisition, command transmission, and data processing and 
display during thc mission. The STADAN network has been recommended for 
USC on IIEAO-A, but its capability may require upgrading to handle the volume 
of data from IIEAO-A plus other concurrent programs. The equipment available 
i n  STADAN stations and its capability has been investigated and is discussed 
in Section X. 
6.  Expcrime tits. The experiment contractors should provide all GSE 
and perform all  testing required for their  experiments prior to their  installation 
in  thc spacccraft. The capability of verifying each experiment while removed 
froin the spacecraft is usually required at KSC a s  a contingency measure.  
In addition, there  may be servicing, calibration, handling, inspection, access, 
rcpair ,  maintenance, replacement, and environmental control GSE required to 
travel with the experiment after its installation into the spacecraft. It may be 
feasible to intcgrate some of the experiment contractors’ acceptance test GSE 
into thc spacccraft  chcclcout complex rather  than designing duplicate equipment 
within thc  coniplcx to operate each experiment. This must  bo investigated 
in t i~orc dctnil during follow-on studies. 
B. Test Facilities 
l’rcliiiii nary analysis of the  test facility requirements to support the 
11E:AO-A program has  not indicated any necessity for  development of major  new 
facilit ics.  ‘rhc iicod for extensive ground testing to assure high reliability in  
p:ist programs through simulation of launch and orbital environments has  
rcsultcd in construction of numerous test facilities by both government and 
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industry. It is anticipated that specific test requirements for  the HEAO-A 
program can be satisfied by  minor modifications of selected elements of the 
existing test facility complexes. 
T h e  principal spacecraft environments which require  testing that can be 
simulated on the  ground are vibration, vacuum conditions, temperature,  and 
radiation. Table XIII-I presents a summary of the capabilities of existing large 
vacuum facilities which are potentially suitable for  u se  in  this program. T h i s  
is an indication of the extent of the existing test facility base, 
gation is required to identify potentially suitable static and dynamic testing 
lncilitics; however, cur ren t  indications are that adequate facilities exist for 
component, subsystem and full-scale static and dynamic testing of t h c  HEAO-A 
spacecraft. 
F’urther investi- 
When the spacecraft and its supporting subsystems a r e  more fully 
defined, it will be necessary to determine specific test requirements and 
select appropriate tes t  facilities to accomplish the tes ts .  Selection of the 
facilities to be used will require a detailed analysis to ensure maximum cost 
cffectiveness through minimum modification, minimum movement of test 
art icles,  and minimum interference with test schedules of concurrent programs. 
C. Reliability and Quality Assurance 
Reliability and quality assurance (R&QA) analyses must begin ear ly  in 
any program and continue throughout the design and development phases. 
Refinement and updating of this  R&QA apprbaoh and data must be continued in 
subsequent program phases. 
Areas of Consideration. Specific areas that should receive special atten- 
tion during these follow-onprogram phases are as follows: 
1. Development and definition of reliability goals. 
2. Failure mode effects analysis of each component, subsystem, 
system , a i d  spacecraft  concept considered, 
3. Reliability tradeoff analysis based on the long-life hardware 
des  igii approaches to emphasize the interrelationship of reliability, safety, 
tiiaiiitainability, and long-life assurance,  and the design impact resulting 
CL-OIU thc tradeoffs. 
1.3-t;- 
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4. Overall program reliability and quality assurance assessment 
must be performed to identify any supporting research and new technology 
requirements, checkout system implications, new fabrication and testing 
techniques, and facility and equipment reqFirements which are necessary to 
obtain the long-life assurance desired. This assessment should provide a 
basis for overall comparison of different sp'acecraft configuration designs with 
regard to implementation schedules and costs. 
D. Safety 
A safety analysis was not performed during this study. However, safety 
criteria must be developed and a safety analysis accomplished during the Phase 
B study. Systems must be safe from the standpoint of personnel or hardware 
damage during ground operations, and safe from standpoint of hardware damage 
during the mission. 
E. Logistics 
Preliminary analysis of the logistics support requirements for the 
EIEAO-A program failed to reveal any especially unique requirements for th i s  
program as compared to other long-life automated spacecraft programe. 
Obvious program characteristics which will influence the logistics support 
techniques to  be employed are the long-life expectancy of the automated space- 
craft a s  contrasted to the manned GSE and mission operations elements, some 
of which must also operate throughout the mission lifetime. Some of the major 
elements of logistics support which will require additional analysis and definition 
in subsequent phases of the HEAO-A program are identified below. 
I. Maintainability. Maintenance of the GSE and the spacecraft 
systems prior to launch can be accomplished in the traditional manner, provided 
adequate emphasis is placed on accessibility and maintenance equipment and 
spares availability at all critical sites. On the other hand, maintainability of 
the automated spacecraft during mission operation8 requires special analysis 
of  cxwh hi nctional hardware element to deter mine solutions to such problems 
as  iiinlfunction dctcction, fault isolation, environmental limitations, and 
L*cdiiiid:iiicy techniqucs, Such analyses should be performed at the earliest, 
possiblc time in the design phase to be most effective. 
2 .  Spares. Spacecraft and experiment system spares, per  se, for 
tlic iiiission flight pliasc will not be a rcquireinent since the necessary 
i.cl,l:icc.iiic?ii1; capabili t v  will havc been built into the equipment as redundant 
co1iil)oiwiils. Off-thr~-shcll: hnidwarc history will grcatly influence the automatic 
01. on-cn l t  Idasc-in l)i~)g:'l.~in for redundant components. A somewhat different 
spra I'CS support ~pltronch for tho inission operation GSE is required. Many 
cxia&ing facilities w i l l  bo utilized which may also be supporting other opera- 
1 3 - 1 0  
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tional programs, and existing spa res  provisioning for  these may prove adequate. 
A classical  approach to spa res  selection and provisioning should suffice for  the 
balance of the Support Equipment. 
F. Manufacturing 
Preliminary analysis of the conceptual design of the HEAO-A space- 
craft indicates that conventional state-of-the-art methods and processes  will 
be adequate for fabrication and assembly. Conventional facilities for  
manufacturing a r e  available and no special problems are anticipated; however, 
special requirements for  installation of the experiments and subsystems into 
the spacecraft s t ructure  may develop. Further analysis should b e  made to 
deterniinc the level of cleanliness required and the s ize  clean room needed 
during asscmbly and installation operations. Temperature and humidity 
control may be required. 
Conventional air-frame-type assembly fixtures will be required to 
position the  spacecraft during the assembly operations. Because of the mass  
of some experiments, consideration should be given to final assembly in  the 
vertical  position. Vertical assembly might minimize deflection and allow for 
better alignment of experiments and subsystems. 
G. Testing 
An adequate test program is essential  in any space hardware development 
program and is an element of major cost  in the program. Through maximum 
use of existing flight-proven hardware in the HEAO-A program, it is expected 
that some reduction in  test requirements and costs can be realized. However, 
since there  will be many new elements in the HEAO-A program, such a s  
experiments, s t ructures ,  components, and interconnectlone, the need for  a 
comprehensive test program is still of paramount importance Adequate 
dcvclopmont and qualification testing will verify the design adequacy ear ly  In the 
program and he lp  reduce the changes normally experienced between design and 
flight. Those changes greatly increase the cost  and t ime of the test program 
and mciiiiIulate more operating time on the flight systems.  The need for  a 
coinprchciisive test  program is further emphasized by the small  number of 
"all-up" flights planned for the HEAO program. 
In the following paragraphs the test phases, test approach, test 
ar t ic les ,  and schedules a r e  discussed briefly to establish the overall test 
program rationale for the HEAO program. 
I. Test Phases .  The broad phases of testing which must be included 
in  thc IIEAO program a r c  a s  fallows: 
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Development testing. 
Qualification testing. 
Acceptance testing. 
Pre-launch testing. 
In-orbit testing. 
Development testing will include ambient and environmental 
testing to be performed on development test articles (breadboards, s t ructural  
test art icle,  vibrat iodacoust ic  test article, thermal  vacuum test article,  and 
prototype). 
Qualification testing ( ambient and environmental) will be performed 
on ar t ic les  identical to flight hardware. 
Acceptance testing ( ambient and some environmental) will be 
performed on each end item after (and sometimes during) the  manufacturing 
o r  assembly process. 
Prelaunch testing will be performed on the launch vehicles and 
spacecraft separately and then on the total space vehicle to verify compatibility 
of t h e  flight hardware with the launch GSE and readiness of both for the launch. 
In-orbit testing will be  performed before the spacecraft begins 
operation and periodically throughout the mission. 
Development testing, qualification testing, and acceptance testing 
will be performed at the different levels of hardware complexity (components, 
assembly, subsystem, system, integrated systems,  and spacecraft) , Prelaunch 
and in-orbit testing will normally be high-level tests only, although provisions 
inlist be made t o  isolate malfunctioning components. Provisions should be made 
in t h e  hardware to verify that the redundancy is still hnctional;  this vertfication 
should be made in  all phases of testing. 
2. Test Approach. The test program approach should be well attuned 
to thc sizc ,  complcxity, cost, lifetime, and importance of the HEAO program. 
It has  bcen found on other  programs that subjecting the flight hardware to the 
cs1)ectcd mission levels of environmental stress raises the confidence level i n  
the tcstiiig and ciilinnccs the probability of mission success,  since failures and 
:aiwiii:ilics have bccn dctected during these types of tests which were not 
dctcctcd during ambient tests. Hardware which is operating in a marginal 
CasI~ion iiiny appear to function properly i n  an ambient test ,  but environmental 
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stresses may shift the operational characteristics 
GSFC bxperience [XIII-11 during systems tests of 
to the failure region. From 
22 spacecraft, over 50 
percent of the e*eriment malfunctions and approximately 42 percent of the 
total malfunctions were detected during the thermal-vacuum tests. Approxi- 
mately 50 percent of the 759 total malfunctions were caused by experiments. 
Since these data were from systems-level tests, these 759 malfunctions 
occurred after numerous tests at lower levels of hardware complexity. This 
indicates the importance of systems-level tests in the program. The 
importance of environmental testing for both the experiments and the other 
spacecraft systems is also indicated. Data from the Surveyor program 
[XIII-2] indicate that the greatest causes of in-flight failures (17 percent) 
were environmental causes, although solar-thermal-vacuum testing and 
vibration testing were performed on the Surveyor program. This also 
indicates a strong need for environmental testing. 
The HEAO-A test program should be a logical, building-block 
sequence of tests progressing from lower to higher levels of hardware 
complexity. Each test should make maximum use of information and confidence 
gained from preceding tests to minimize duplication of tests. In-process 
testing should be performed during manufacturing o r  assembly phases whenever 
necessary to verify characteristics which cannot be verified after completion 
of the manufacturing o r  assembly, o r  to verify hardware in which a failure, if 
detected after manufacturing o r  assembly, would require considerable effort 
to disassemble and correct. 
Ambient tests will be performed in all phases of the HEAO-A test 
program. In addition, environmental tests will be performed in the develop- 
ment, qualification, and acceptance phases. The levels of environmental 
stresses applied during the develapment and qualification phases shall be at  
least the qualification level and sometimes the failure level. Hardware to be 
flown shall not be tested to qualification levels, but shall be tested to the 
expected mission environment levels. I 
From GSFC experience, a good guideline for determining levels 
of environmental stress for flight acceptance testing for satellites has been 
shown to be those which will give I chance in 20 of their being exceeded in 
flight, and, for qualification testing, those which will give 1 chance in 100 
of their being exceeded in flight. These guidelines a re  recommended a s  a 
starting point for the HEAO test program to be developed in subsequent program 
phases. 
At the systems level of hardware complexity, o r  higher, the 
cnvironmcnts which should be considered are  the launch environments and the 
tcinycraturc and vacuum aspects of the space environment. All the practical 
functional tcsts should be run under environmental stress a t  the systems level. 
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3. Test Articles Descriptions and Schedule. The schodule shown In 
Figure XIII-1 depicts a typical test program for the HEAO. In this schedule 
and the  following discussion, several separate test articles a r e  identified and 
briefly described. Further analysis is required to assess the possibility of 
utilizing a common test article for more than one test environment. 
a. Mockup. The mockup is shown as the first major item of test 
hardware to be built. It will be a semihard mockup (wood, plastic, etc . ) 
which will be used to assist  in developing the systems layout, packaging, 
routing and lengths for cables and plumbing, access equipment, mounting 
provisions, etc. The mockup will be updated to more closely resemble the 
flight article in critical areas a s  the design becomes more completely defined. 
Figure XIII-3 indicates the type of hardware which will be installed on this 
article. As a result of the early phases of mockup use, the locations of the 
hardware, which will be specified in design drawings, will have been verified 
and changes will have been made to resolve problems, This information will 
then be used in determining locations of the mass simulators in the vibration/ 
acoustic test article. 
b. Structural (static) test article. The structural (static) test 
article will consist of the basic structural members, with no skin included. 
Figure XIII-4 indicates the type of hardware which will be installed on this  
article. Testing on this article is shown to be completed by mid-point of the 
vibration/acoustic test article manufacturing. The testing will be to qualification 
levels, and possibly to failure levels, although failure levels may not be 
required since the load-carrying capability is not expected to be as critical a s  
the stiffness. 
c . Vibration/acoustic test article. The vibration/acoustic test 
article will utilize the same tooling as  used on the structural test article. It 
will be essentially the same a s  the structural test article, except that it will 
contain mass simulators and flight-type mounting hardware. Figure MII-5 
indicates the type of hardware which will be installed on this article. The testing 
on this article will be completed in time for the results to support the final 
manufacturing and testing of the thermal-vacuum test article. The testing will 
be to qualification levels and possibly higher levels. 
d. Thermal-vacuum test article, The thermal-vacuum test 
article will be a flight-type structure, with skin and with thermal properties 
simulated for the components. There is a possibility that portions of the more 
thcrtnally-critical systems may be installed on the article. Figure XIII-6 
indicates the type of hardware which will be installed on this article. It will 
utilize We tooling used on the structural test article, with additions as required. 
The testing on the thermal-vacuum article will be completed in time for the 
resntlts to support the fabrication of the prototype. The testing will be to 
qualification levels and possibly higher levels. 
1 3 - 1 4  
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Figure Xm-3. Mockup hardware breakdown. 
.". 
i 
Figure XIII4. Structure test article hardware breakdown. 
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Figure XIII-6. .Thermal vacuum test article lisrdware breakdom. 
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e. System breadboards. System breadboards will be utilized a s  
required to develop each system. Testing wiU be done as  eariy a s  possible to 
provide long leadtime for procurement of flight hardware. The breadboard 
testing will complement the operations on the mookup, and will be coniplotsd in  
time to support procurement of the hardware for the prototype. 
f .  Prototype. The prototype will be identical to the flight article, 
will serve a s  backup for the first flight article, and will be refurbished for use  
as the second flight article. Prototype experiments will be tested separately, 
and then installed in the prototype structure; all systems will be verified in 
ambient environment. Either real-time data over leased lines o r  data tapes 
from th is  checkout should be sent to the appropriate locations for early 
verification of compatibility with the spacecraft data, Schedule for testing in a 
magnetic test facility is shown in Figure XIII-I. Assuming there will be 
magnetometers and magnetic control coils on the spacecraft, it will be 
necessary to have such a facility to isolate the spacecraft from the earth's 
magnetic field and stray magnetic fields to measure the spacecraft magnetic 
characteristics and calibrate the magnetometers and coils a s  installed and 
deployed. A vibration test i s  shown next, and then a thermal-vacuum test, 
Between each of these tests, there is time shown for disconnection, movement, 
setup, and system checks. It is desirable that the prototype schedule lead the 
first  flight article schedule by as  much time as possible. However, because of 
ovcrall time limitations, the end of prototype testing is shown to be constrained 
to approximately the mid-point of systems installation on the first flight article. 
The prototype can then be sent to appropriate centers, such as KSC and GSFC, 
for early verification of compatibility with hardware at  those facilities. 
g .  Flight article. The flight article testing is essentially the 
same as the prototype. The time estimates shown for these tests in the 
schedule (Fig. XCII-I) are  slightly decreased to reflect some learning curve. 
Prelaunch testing is shown a t  KSC. The acceptance test data and prelaunch 
data should be sent to GSFC and KSC. 
h .  Other considerations. A brief period of time for in-orbit 
checkout is shown immediately after launch. This will be required for turn-on 
and verification of on-board systems and verification of ground equipment prior 
to actually beginning the acquisition of data. In-orbit checkout will occur 
periodically throughout the mission to verify operation and calibration of 
equ i p tilent. 
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H. Miscellaneous 
Many existing facilities and GSE elements will be used in the HEAO-A 
program which also may be supporting other programs. Existing spares- 
support  procedures for these elements must be analyzed to determine if they 
are  adequate for the additional HEAO-A program requirements. 
No unusual packaging and handling requirements have been identified 
for t h e  €1 EAO-A hardware. However, each phase of manufacturing, shipping, 
and storage must be analyzed in subsequent program phases to identify any 
special requirements that may\arise as  the spacecraft systems and experiment 
payload become better defined. Some unique packaging, handling, o r  storage 
requirenients for experiment components or experiment packages are 
anticipated. 
N o  unusual transportation problems a r e  anticipated because of 
the spacecraft size and configuration. 
transportable by most conventional modes as  determined necessary to 
accommodate t h e  schedule. Methods of transportation will be influenced 
primarily by the manufacturing, test, checkout, and experiment integration 
schedules. Experiment and system sensitivity may influence the mode of 
transportation. 
support documentation must be formulated to support the program and to afford 
management with a continuous reference to assist in monitoring the 
operational equipment and hardware. 
The present configuration should be 
An approach to the acquisition and control of all essential technical 
I 
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SECTION XIV. CONCLUSIONS AND 
RECOMMENDATIONS 
A. Conclusions 
I. General. The Phase A study has resulted in a definition of a base- 
line spacecraft and several alternate system and subsystem configurations. 
The pr imary effort has  been directed toward analyzing and establishing the 
feasibility of the baseline and its associated subsystems; however, many of 
the alternatives r ema in  as attractive potentials to consider, 
The spacecraft  concept used as a baseline appears to be well  suited 
to the requirements fo r  the HEAO mission as currently defined. Emphasis 
has been placed on spacecraft design and mission operation techniques which 
rcyuire littlc or no additional development, and which therefore offer the 
;idvantages of demonstrated reliability, low spacecraft and overall program 
costs,  and short  program maturation. 
2. Orbit Selection. A circular  orbit  'with an altitude of 800 n. mi, and 
an inclination of 28.5 degrees w a s  selected for the baseline orbit  on the basis 
of lifetime, maximum payload-to-orbit energy requirements, and radiation 
expected in the region of the South Atlantic Anomaly. This orbit  appeared 
I'rom our initial studies to yield approximately the required i-year lifetime 
at +2u solar  activity. Later  in the study, calculations showed that this 
altitude is conservative. Orbital lifetime estimates are now approximately 
8 3 3  days a t  +2u solar  activity for  this orbit. 
Because of the South Atlantic Anomaly, there are advantages to 
;tn incliixition lower than 28. 5 degrecs,  and, conversely, there are advantages 
to ~1 higher inclination, such as 35 degrees,  because of' improved telemetry 
contact with the STADAN station at Rosman, N. C. More effective use  of 
this station may help alleviate the problem of getting data from the tracking 
stations to the PI in a minimdm time. The choice among tho orbit  options wi l l  
be iiiade a par t  of the Phase B study. Payload considerations affecting orbit  
selection a r e  discussed below. 
3. Payload Capability. A spacecraft weight of approximately 19 000 
pounds was idzntified. A weight growth to 20 980 pounds is possible, since 
that is the launch capability of the Titan IIID vehicle which w a s  chosen as the 
b;isclinc launch vehicle. This contingency of approximately 2000 pounds 
(10 percent) is considered very low for a large,  coniplex spacecraft  at this 
p,oinL in i ts  design. Several  approaches to increasing the payload are available. 
Il' thc ci rcular  orbi t  is lowered to approximately 183 n. mi. , the payload 
capability is approximately 22 350 pounds, and the lifetime criteria can still 
be met. If an elliptical orbit of approximately 140 by 266 n. mi. were selected, 
the payload capability available would be approximately 25 790 pounds with the 
lifetime criteria still attainable. A kick stage could be used to circularize the 
orbit at 200 n.mi. from an initial 90- by 200-n.mi. orbit, with a resulting 
total payload capability of a p p r o h a t e l y  27 500 pounds. 
Another possibility for potential growth in payload is through use 
of the Titan IIIC, which would yield a payload of 25 420 pounds to a 200-n. mi. 
circular orbit, In all the foregoing approaches, investigations would have to 
be made in the areas of attitude control, South Atlantic Anomaly effects, ground 
tracking station coverage, thermal effects, solar panel illumination, and 
celestial target occultation before choices of another approach could be made. 
The spacecraft structure would have to be sized for the increased static and 
dynamic loads in all cases where the above approaches were used for increas- 
ing payload. 
The methods listed above as possibilities for increasing payload 
also can be used for increasing performance by changing either altitude, 
inclination, or  orbit eccentricity. The use of the Titan IIIC may become even 
more attractive as more details on the costs of modifying and using the 
Titan IIID are  defined (particularly costs associated wi th  the guidance system). 
4.. Experiment Accommodation. Tho experiment support capability of 
the systems considered provides a reasonable degree of flexibility for accommo- 
dating a variety of experiment packages. Major impact would result from an 
experiment package which greatly increased in  physical size, weight, o r  
electrical power requirements; however, means a re  available, as represented 
by the alternates, to accommodate substantial changes relative to these aspects, 
The baseline spacecraft can be operated in  either tl scanning or  a 
nonscanning mode and with i ts  scan axis either on the solar vector o r  off the 
solar vector by as much as 45 degrees during the initial portion of the mission 
(less than this later in the mission, because of solar cell degradation) This 
wi l l  permit mapping a portion of the galactic belt a t  an early time in the 
mission. The celestial sphere can be mapped by all experiments in a 6-month 
period using the celestial scan mode. The experiments can also be pointed at a 
particular location of interest to obtain a long period of uninterrupted viewing. 
If payload contingency is not consumed by spacecraft growth, the 
excoss could be used for additional experiments such as engineering experi- 
ments - a separate category of experiments which has been identified by 
OSSA as of interest. 
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5. Power Capability. The baseline concept can provide a maximum of 
820 watts to the load in the celestial scan mode a t  the anticipated orbital 
temperatures. 
741 watts at  the end of 2 years. A 15-degree-wide strip in the center of the 
galactic belt can be scanned by pointing the spin axis off-sun a maximum of 
approximately 37 degrees. The power available to the load in this mode of 
operation is 655 watts a t  the anticipated orbital temperatures. This power 
would drop to 625 watts a t  the end of 1 year. A 30-degree-wide strip centered 
in the galactic belt can be scanned by pointing the epin axis off-sun a maxi- . 
mum of approximately 45 degrees. The power available to the load in this 
case is 580 watts initially at  the anticipated orbital temperatures. This would 
drop to 550 watts a t  the end of I year, which is inadequate for the presently 
defined loads. In the pointing mode of operation, the power available would 
vary with the off-sun angle involved, but would be approximately the same as 
fo r  the galactic scan mode for the same angles. There would be some 
differences because of the nonrotating nature of the pointing mode, 
This power would drop to 780 watts  at  the end of I year and to 
The power requirements identified to date total 560 watts, not 
including contingency. Several, additional probable requirements have been 
identified and a re  discussed in Appendix H. 
Should power requirements grow beyond the baseline concept 
capability, several alternatives for increasing the power capability could be 
selected. Simple techniques are available to fold out the solar array side 
panels on the baseline configuration, as one readily available means whereby 
the power capability can be increased by approximately 20 percent, Power 
can also be increased through use of other types of deployable arrays,  by 
lengthening the spacecraft to add more body-fixed arrays,  and through use of 
heat pipes to help cool the arrays. Another approach to resolving power 
problems would be to modify the mission requirements to selectively reduoe 
power needs. For example, the off-sun galactic belt scan could be eliminated, o r  
experiments could possibly be turned off during the times when their viewing 
angles were occulted by the earth, when they were  in the South Atlantia 
Anomaly, when opposing experiments 'were pointed at selected targets, o r  
whenever operation of an experiment with higher priority took precedence. 
6 .  Attitude Sensing and Control, The spacecraft can be stabililred and 
controlled by a combination of reaction jets, flywheel, and magnetic coils. 
A f t e r  initial .jpin-up in orbit, the flywheel rune continuously. It oonsists 
essentially of the inner gimbal rotor assembly of the ATM Control Moment 
Gyro. The 1 2  reaction jets a r e  used only for large o r  time-critical reorienta- 
tion m;tiieuvers, and for spin-up and spin-down. 
small attitude corrections and for spin rate control. The coils and reaction 
jets may seive as limited backup systems for each other. 
The three coils are used for 
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The most significant unknown in this area is the capability of the 
magnetic torquers. While they have been used very successfully on smaller 
satellites, there have been no applications involving large spacecraft of 
orbital parameters of interest to HEAO. The geomagnetic field and the 
magnetic field of the control system determine the magnitude and direction of 
the corrective torques which can be created. The latter can be controlled as 
desired, but the magnetic control system is nevertheless dependent on favorable 
orientations of the earth's field for  effective control. There wi l l  likely be 
periods of time during each orbit which are unavailable for correction of drift; 
the duration of these periods wi l l  determine the ultimate performance of the 
attitude control system, at least in the range of HEAO-A performance require- 
ments. A special study is now underway to aseess this factor, 
Small corrections in attitude made necessary by drift, etc., wi l l  
be made in response to onboard attitude sensorg; therefore, the requirements 
for ground contacts for  attitude control wi l l  be iimited to those necessary for 
updating stored commands in  the onboard memory, which provide mission 
sequencing control, Spacecraft attitude determination to within ~ 0 ,  I degree 
can be determined from an analysis on the ground of data generated by the 
star mapper. Pointing control of the spacecraft can be maintained within 
&I degree during sun occultation and celestial reference occultation (approxi- 
mately 45 minutes maximum) by using rate gyros; hence, pointing at a 
celestial target with a pointing accuracy within *ti degree can be accomplished 
for an unlimited length of time within the specified power and thermal constraints. 
Late in the study it w a s  determined that the 3-coil system would 
probably not require nearly as much power as the 100 watts which was 
originally estimated. However, it is expected that approximately 75 watts 
more power wil l  be required for sensors and heaters than has been baselined; 
so these two power requirement changes would be somewhat off-setting. Also, 
late in the study, it was determined that the flywheel may not be required, 
which would be a savings of approximately 40 watts average power and 240 
pounds, i f  this should prove to be true, 
7. Reaction Control-Sys-bm. During this study, four types of reaction 
control systems were considered: hydrazine monopropellant, cold nitrogen 
gas, bipropellant, and resistojet. Based on weight, complexity, and power 
assessments, the hydrazine monopropellant system was chosen as the baseline, 
using 12 thrusters of 0.5-pound thrust each, and using QNz as the pressurant. 
This system is state-of-the-art. 
1 4 4  
8. Thermal Control. An analysis of temperature distributions among 
the spacecraft subsystems and reference experiments shows that thermal 
control problems should not be severe, at least in the normal operating modes. 
With one exception (the Bragg Crystal Spectrometer), the temperature 
variations of all experiments fell within the required range of -10' C to +30° C .  
In the case of the experiment which did not remain in this temperature range, 
a relodation should alleviate the problem. -, 
I 
Since the baseline RCS utilizes hydraziie monopropellant, with a 
freezing point of 35. F, a limited quantity of electrioal heaters on the thruster 
mddules wi l l  be required to prevent freezing of the kydrasine. 
shielding such as that provided by the spacecraft s$in must be used, as this 
increases the heat capacity of the vehicle and reduces the temperature varia- 
tions for the experiment and equipment. 
r Thermal 
If there is an increase in temperature on the vehicle, such as 
that caused by a large increase in dissipated power, a highly conductive 
device such a s  a heat pipe could be employed to maintain the desired tempera- 
ture levels. Also, a heat capacitance device could be used to overcome excessive 
temperature variation in  an orbit. These two devices give the designer a 
backup tool in choosing systems having greater power requirements or  higher 
temperatures. 
The impact of abnormal spacecraft attitudes on thermal control 
must be investigated in  depth in  future studies. No attempt has been made to 
explore this problem during the Phase A effort. B,ecause suoh attitudes will 
usually involve greater exposure of the experimentg to solar heat, the analysis 
is particularly sensitive to the nature of the selected experiment payload. 
9. Structure. The baseline structure concept was developed around 
the experiments being mounted near the geometric center of the Spacecraft, 
There is a definite weight advantage by mounting the heavy experiments near 
the launch vehicle interface. Also, this approach helps ensure against 
unforeseen vibrational problems and helps reduce @e need for a heavy 
structure for launch. Follow-on design should coneider all the possible means 
of reducing the weight penalty imposed by deflectioq requirements. 
c 
L 
i 
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Since the 
limits rather than by 
baseline structural weight w a s  determined by deflection 
stress, there is a possibility that a concept having a 
slightly smaller diameter (approximately 1 inch smaller) would permit a 
greater allowable deflection and consequently a less rigid, lighter structure. 
The possible structural weight saving is on the order of 800 pounds. A modifi- 
cation of the baseline structural concept to include enclosed box beams 
instead of truss beams may yield a lighter structure. 
10. Data Handling and Communications. The baseline system can 
record data at  a rate of 27.5 ki1obiG per second (25 kilobits per second of 
experiment data and 2.5  kilobits of housekeeping data) and can store up to 
1728 megabits, The system is state-of-the-art, and many of the components 
are available as catalog items from the vendor; those requiring design are 
straightforward engineering problems. Although the tape recorders are 
probably the least reliable components in this system, there are several high 
performance models now undergoing qualification testing for other programs 
whose specifications are within HXAO design requirements, and which are 
expected to be available for selection. 
Although the baseline system has not been optimized from the 
standpoint of data handling efficiency, its performance in most areas exceeds 
the requirements. A possible marginal condition may exist when as many as 
35 to 50 spacecraft could be competing for time at the same STADAN station. 
This condition cannot be altered by increasing data storage, since over the 
long term the satellite cannot be allowed to produce data faster than the 
ground stations can accept it. There a r e  several alternatives. One is to 
increase the down-link data ra te  standard above the present 200 kilobits per 
second. Another would be to decrease the data generated by the experiments. 
A third alternative would be to explore the use of higher orbits and different 
orbital inclinations to achieve greater station contact time. Another method 
of resolving the problem would be to refrain from gathering data from some 
experiments at  selected ti", such as when the experiment field of view was 
occulted by the earth, when the spacecraft was in the South Atlantic Anomaly, 
whenopposing experiments were pointed at selected targets, o r  at other 
times when the data from an experiment was deemed to be not essential to 
the success of the mbesion. For  maximum efficiency during such operations, 
the data format should be vakiable, which would increase complexity, weight, 
and power requirements. Still another approach would be to utilize a 
geosynchronous data relay satellite (u available) for  greater ground station 
contact time, Power requirements and weight would increase as a result of 
this approach. 
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The two approaches mentioned above which increase ground station 
contact time a re  also attractive for reasons other than the resolution of the 
onboard data storage problem. It is desirable to have one tracking sht ion 
handle all the communication with the spacecraft. It is also desirable to have 
two orbits per day of near-real-time data from the spacecraft at this station 
and i t  is desirable to have no more than three consecutive orbits without a 
station contact of at least 5 minutes. The nature and locations af the STADAN 
network stations indicate that Rosman, N, C., should be the prime station and 
Santiago, Chile, the backup station. Hence, any change from the baseline 
mission which allows greater contact time with these stations will  increaee 
the flexibility of the mission as well  as decrease the data storage requirements. 
4 
* 
The 25 000 bits per second experiment data rate requirement may 
be relaxed somewhat as a more detailed analysis of experiment requirements 
is made, and as the impact of such a data rate on ground facilities is assessed. 
Because of the strong interest by experimenters in high data rates for at least 
part of the mission, and because the extent of program support from STADAN 
and possibly other ground networks cannot be fully assessed a t  this time, the 
full capability has been carried through the conceptual design. Another npecial 
study, now underway, wi l l  analyze the onboard system a s  a part  of the pre- 
Phase B study effort. 
I I .  Ground. Data Storage. The cumulative data generated by the HEAO 
wil l  create ground handling and storage problems caused by i t s  sheer volume. 
A master tape of the raw (unprocessed) data must be recorded a t  the receiver 
and must be kept in  storage for a considerable period of time as a permanent 
record. The data on this tape wi l l  be processed through u computer and 
recorded on separate tapes for  each experimenter. Using B standard-type 
ground station i4-inch-diameter tape reel with tape 1 inch wide, I. 5 mils 
thick, and 2400 feet long, and recording 9 tracks sh"taneoue1y la& n rate of 
800 bits per inch per track on the tape, more than 4000 of the 2400-fost reek 
would be used per year for the master tape alone. 
I Onboard data compression techniques were not baselined during 
this study, because the data are apparently not redundant enough to warrant 
implementing such techniques, even if the associated increase in systems 
complexity could be tolerated. However, because of the above deeoribed 
data handling acd storage problems, more efficient methods of handling the 
data should be Livestigated in Phase 13, 
L 
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12. Reliability. It is anticipated that selected redundancy will have to  
be added to  increase the spacecraft reliability. The increase in power required 
for this increased reliability would be' extremely low, since most of the redun- 
dancy could be 'lstandby. u It is estimated that six items of hardware account 
for over 70 percent of the reliability problems of the baseline spacecraft. These 
a re  the solar panel and CBR assemblies, tape recorders, signal processor, 
flywheel, power converter, and gyros. Therefore, future efforts should be 
concentrated in 'these areas. When the flight experiments are defined, their 
reliability should be established at a level commensurate with the desired 
mission reliability, and an overall reliability analysis should be performed. 
13. Future Missions. The HEAO -A spacecraft concept was determined 
largely by the baseline experiment payload. The spacecraft concepts for 
HEAO-B, HEAO-C, and HEAO-D wi l l  also be highly dependent on the experi- 
inents. One attractive possibility is that there wi l l  be sufficient interest in  the 
survey class experiments to warrant a second spacecraft very similar in design 
to HEAO-A. In this case, HEAO-B could take maximum advantage of the 
commonality of subsystems. It should also be possible to improve the capability, 
particularly in the area of pointing, so that greater emphasis could be placed 
on studying selected targets in greater detail than would be possible in WEAO-A. 
The control system changes required would involve the use of 
more accurate attitude sensors as well as some type of momentum exchange 
device such as variable speed inertia wheels o r  a control moment gyro system. 
The substitution of such components for the HEAO-A sensors and flywheel 
would increase the spacecraft costs somewhat, but would increase the pointing 
capability from the present s t l  degree to possibly somewhere in the range of 
I to 10 arc-minutes. The magnetic coils would then serve primarily as 
momentum desaturation devices for the control moment gyros and as coarse 
attitude maneuver actuators. Since momentum desaturation can be accom- 
plished whenever the geomagnetic field is favorable, the unfavorable orienta- 
tions would no longer limit pointing accuracy and durations. The duration, 
as well as the pointing direction, would still be limited by the solar power 
available which, in the case of fixed arrays,  means a 2- to 4-week band 
(or  its equivalent in celestial coordinates) centered on the spacecraft sunline. 
If the HEAO-B mission concept involves experimenta with signifi- 
cantly different objectives the spacecraft may take a different evolutionary 
1 4 8  
path. One example of interest is a mission which is devoted exclusively to 
cosmic-ray physics. For cosmic-ray experiment designs, such as the ioniza- 
tion calorimeter and the cosmic ray electron detector included in the HEAO-A 
reference payload, there is not expected to be any coupling between these 
experiments and the attitude control system. For  a more advanced experiment, 
such as one which employes a high intensity magnetic field to increase scientific 
4 yield, the expected interaction is much more severe. It should be noted that 
no analysis of the coupling between the baseline systems w a s  made during the 
Phase A study, and hence the foregoing statements are speculative. 
' Fortunately, however, spacecraft pointing is of secondary 
f importance for cosmic-ray physics because of the generally isotropic nature 
of the incoming radiation. The result is that the impact of the experiments 
on the attitude control system is minor. Other problems which arise from 
the use of high intensity magnetic fields, such a s  their interaction with other 
cosmic-ray experiments and with spacecraft electronics, would have to be 
analyzed. Based on a very cursory analysis, however, such an experiment 
along with several other cosmic-ray devices could be accommodated in the 
HEAO baseline design without significant impact, provided that the technology 
associated with the magnetic device itself, in areas such as power require- 
ments and cryogenic equipment, are developed to the point of flight readiness. 
For advanced mission concepts along other evolutionary paths, 
such as in the area of precisely pointed X-ray and gamma-ray instrumentation, 
the control system may require continued improvement. Some experiments 
which have been proposed, such as the grazing incidence X-ray telescope, will  
require long-duration pointing to a t  least i a rc  minute accuracy. The pointing, 
electrical power, and thermal control requirements may necessitate signifi- 
cant changes from the current concept, particularly if all-sky observational 
capability regardless of sun orientation is required, Such concepts wi l l  be 
conceptually developed and analyzed in future programs. 
L B. Recommendations 
The Phase A study has indicated that the HEAO is feasible, and 
sufficient techniques exist to allow design of hardware and implementation 
of a prograni which will  satisfy the mission requirements. It is therefore 
recoininended that the Phase B effort be initiated, 
* 
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1. The High Energy Astronomy Program 
4 Astrononiical observations involving high energy quanta and particles 
(X-rays,  gamma-rays, cosmic-rays) remained insignificant, or at least 
severely limited, as long as the observing instruments were restrained to the 
surface of the earth. With the advent of rockets and satell i tes,  possibilities of 
observing X-rays and gamma-rays from extraterrestr ia l  sources  began to 
develop. The first definite observations of X-rays from the sun were  made 
by Friedman and co-workers ( N R L )  in 1959; Kraushaar, with Explorer 11, 
recorded gamma-rays from space in 1961; and Giaconni and his co-workers 
(AS&E) observed X-rays from sources  outside the so lar  system for the first 
tinie in 1962. 
v 
During the first decade of high-energy astronomy, a number of 
unexpected and very exciting discoveries were  made. In  particular,  space 
observations of X-rays and of s te l lar  and galactic emissions in the W and 
extreme W, together with ground observations of such phenomena as quasi- 
s te l lar  objects, pulsars,  Wolf-Rayet stars, and Seyfert galaxies, have 
increased our astronomical knowledge in an entirely unprecedented way. The 
X-ray source of Scorpius,o Sco X-1, emits about id times as much energy 
per second in the 1 to 10 A region as our sun emi ts  over the entire spectrum. 
The galaxy M-87 in Virgo A emits about ioio t imes the total so l a r  output in 
thc I to 10 A region alone. The C r a b  Nebula, remnant of the 1054 Supernova, 
eiiiits X-rays from almost the entire a rea  which is visible to the eye. Its 
small central  star, which has now been recognized as a pulsar with a light 
modulation of about 30 Hertz, emits  X-rays which are modulated at the same  
freqbency. It is believed that the central  star is currently on its way to 
beboming a neutron star. 
emanate from plage areas and from the corona; so la r  f la res  are bright sources  
The sun is a prolific emitter of X-rays. X-rays 
c of X-rays. 
X-rays  are being generated in a number of different ways. The 
excitation levels of highly ionized medium and heavy elements fall into the 
X-ray  region; fas t  electrons,  colliding with atoms, produce X-ray brems- 
strnhlung; sokid bodies at elevated temperatures emit X-rays as part  of their  
black-body radiation; fast electrons, traveling on spiral  paths through magnetic 
- 
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liclcls, gcnerate synchrotron radiation which is distinguished by a high degree 
o r  polarization. Finally, X-rays are produced by the inverse Compton effect 
when fast particles interact with photons of the visible, infrared, and radio- 
wave regions. 
About 40 discrete  sources  of X-rays have been found so far, most  of 
them in our own galaxy, and they differ in intensity, spectral  distribution, and 
polarization. The weakest source detected so f a r  is about 300 t imes weaker 
than the strongest (Sco X - I ) .  X-ray studies are aiming in two directions; 
first, a careful, thorough survey of the sky for  X-ray sources ,  hopefully down 
to about one-millionth the intensity of Sco X - I ;  and second, an investigation of 
the shapes and s t ruc tures  of X-ray sources  with high-resolution instruments. 
I t  is expected that thousands of sources  will be found during forthcoming years ,  
and that the aspect of the sky in X-ray light will be quite different from its 
aspect in visible light. 
point sources ,  nebulae, galaxies, and other objects, but their  intensities and 
distributions will be very different from thosc of the visible stars. It is also 
expccted that the X-ray observation program will reveal a uniform, low- 
intensity background X-radiation throughout the universe, created by the 
interaction of fast cosmic-ray particles with the low-energy photons of the 
3" K background radiation. 
Probably an X-ray at las  of the sky wi l l  also show 
Currently envisioned in the High Energy Astronomy program are 
survey-type instruments with high-sensitivity and moderate-angular resolution, 
and grazing incidence telescope systems for  high- resolution images, but 
l e s se r  sensitivity. The resul ts  of this program will be continuously compared 
and coordinated with the resul ts  of the UV astronomy program. It is quite 
possible that these two programs will reveal that the energy content of the 
universe in the X-ray and UV regions f a r  exceeds the energy content in the 
regions of conventional astronomy. Recent resul ts  with rockets and with 050 
and OAO satell i tes have already forced u s  to revise some of our older 
astronomical concepts. They show that energetic processes  in the universe 
are more  energetic than previously thought and that our calculations of 
distances may have to be revised. 
Gamma-rays can be detected with scintillation counters, lithium- 
drifted germanium dotectors,  Cerenkov counters, and spark chambers. 
Intcnsitics will always be low; for this reason, large area dctectors and long 
observing t imes are mandatory. High angular revolution will be difficult to 
obtxin. The newly developed drifted germanium detectors provide a 
rcninrkably high proportionality between gamma-ray energy and pulse height. 
The. High Energy Astronomy program will contain several  gamma-ray 
dctcctors of the types mentioned above. 
E 
A- 2 
1 
1 
3i Several cosniological processes are known which produce gamma-rays; d 
nuclear transitions, generating line spectra from about 5 Kev to about 5 MeV; 
bremsstrahlung, covering a wide spectrum of energies up to very energetic 
gamma-rays; matter-antimatter annihilation radiation with a 0. 51 1 Mev 
line for electron-positron, and up to thousands of Mev for heavier particle 
annihilation; thc decay of neutral pi-mesons with a 'IO-Mev peak; the inverse 
Compton offcct with a broad energy sptvtrum; and the possible flcosmological 
peak" around 20 MeV. .c. 
Of particular interest  is the search  for gamma-ray lines from 
decaying radioactive nuclei produced in novae and supernovae. Old super- 
novae, such as the Crab Nebula, may still emit  gamma-rays from the decay 
series of very heavy transuranic elements. Young supernovae in other 
galaxies, when caught during the first seconds o r  minutes of their  explosions, 
may show gamma-ray lines of rapid-process elements, such as nickel. OS0 
I11 gave indications of a strong gamma-ray source near the center of our 
g:il;uy. 
:ingulnr resolution, and energy resolution. Observations will  concentrate on 
resolution, study of individual sources.  
15niph:wis in high-energy experiments will be placed upon sensitivity, 
broad, but sensit ive,  survey of the sky; and on a less sensitive, but high- 
The third member of the high energy family, cosmic-rays, consists 
of particle radiations. Although a considerable portion of the total cosmic- 
r a y  energy impinging upon the ear th 's  atmosphere reaches the surface of the 
earth,  this portion consists mainly of secondary and tert iary radiations such 
as electrons, mesons,  and gammas from interactions between pr imaries  and 
the atmosphere. It is known that the pr imary cosmic radiation contains 
mainly protons; helium nuclei and heavier atomic nuclei are much rarer. 
Iron nuclei seem to be more  frequent than neighboring elements. 
events caused by transiron nuclei have been recorded, and some may even be 
because of transuranic nuclei. A survey of cosmic-ray particles with 
statistically meaningful numbers even for the heaviest elements will be of 
utnios t intcres t. 
Very few 
Cosmic-ray detectors include proportional counters,  scintillation 
r counters , spark chambers , and photographic emulsions. Again, large 
detector a reas  and long observation t imes are mandatory. 
resolution is not very important, simply because cosmic-ray particles are 
subject to magnetic deflection during their travel through the universe, and 
therefore lose their original directionality. A proton of 10i6 ev evergy will 
be su1)jcct to n curvature with a radius of about 1 light year  within our galaxy. 
15vcw protons with lo1* or 1020 cv energy, in traversing our galaxy (120 000 
liglil y c ~ r s ) ,  will deviate considerably from their original directions. Although 
High angular 
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the search for well-defined cosmic-ray sources ,  for  this reason, is not very  
promising, cosmic-ray observations would s t i l l  include at least  a coarse 
angular resolution for particles of akound io2* ev energy pe r  nucleon. It is 
believed that particles of this energy, and most cosmic-ray particles,  are 
accelerated by processes which involve the rapid collapse of stars, and hence 
a fast increase of the stars' magnetic field intensities. Such processes  occur 
when a star undergoes the transition from red giant to supernova to neutron 
star. 
Cosmic-ray experiments with large detector areas, and for  particle 
energies upward from about 10' ev, are planned for  the High Energy 
A s tronom y program'. 
2. Baseline Experiments 
High encrgy astronomy observations (HEAO) of the lfsurveyll  category 
h:tve several  features  in common: they noed largo, heavy instrumentation; 
they do not need v e r y  accurate pointing; they can be operated automatica.lly 
over long periods of time; and the experiments can be ready for flight in about 
3 years.  
type observations will be v e r y  useful in the planning of more  sophisticated 
and more  demanding astronomy experiments which will be designed for  
operation possibly beginning in 1975 and 1976, in conjunction with a manned 
space station or shuttle. 
Experience as well as scientific resul ts  gained from these survey- 
b 
To accomplish the conceptual designs required for the feasibility 
assessment  of the HEAO Mission "A,  If  a group of six baseline experiments 
was selected a s  representative of this initial f fsurveyff  category. A brief 
technical description of these reference experiments is included in the 
following paragraphs for completeness. Inclusion of data and descriptions 
in no way represents  a preferred status in the official HEAO-A payload which 
wi l l  be selected on the basis of experiments prepared in response to an AFO. 
1. 'rhe inforiiiation presented in the above paragraphs was extracted from 
Reference A- 1. 
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a. Large Area X-Ray Detector 
( I) Scientific objective. Tho prlnaipal objective of the X-ray 
detector system is to getect and classify X-ray "pointff sources on the celestial 
sphere. Since this detector is highly sensitive in defining X-ray sources, 
measurement of extragalactic sources is of primary interest. In addition, 
this experiment has the capability of high-resolution spectral analysis of the 
stronger sources, as well as precise source-position determination when 
modulation collimators and Bragg crystal spectrometers are used. 
.* 
(2) Physical desc;ription of equipment. This experiment 
consists of three types of modules o r  detectors: the basic modules, the- 
modulation collimator modules, and the Bragg crystal spectrometer modules. 
Furthermore, the equipment has been separated into two groupings which a r e  
designated a s  Par t  I and Part  2. Part  I consists of six basic modules, three 
modulation collimator modules and two Bragg crystal spectrometer modules. 
Part  2 consists of six basic modules. This grouping will permit internal 
variation of the Part  2 modules, if desired, without major change in the module 
size o r  location on the spacecraft. The individual modules a re  described in 
the following paragraphs. 
(a) Basic module. The basic counter module, a s  
shown schematically in Figure A- I, is a combined proportional-scintillation 
counter which is used as a 16-channel pulse-amplitude spectrometer covering 
a pulse-amplitude range of 102 to 6 x lo' ev. In the module, the proportional 
counter serves as a transmission window for the scintillation counter set. The 
proportional counter gas consists of equal parts of argon and xenon with a 
small proportion of CO, added as a quenching agent and will detect soft 
X-radiation in the 102 to I. 5 x lo' ev region. 
A set of 18 thallium-doped sodium-iodide crystals 
will measure the hard component (I. 5 x lo' to 6 x Id ev) of the X-ray flux. 
Photomultiplier tubes attached to the crystals record scintillations which will 
be sorted in a 7-channel pulse-height analyzer. 
c 
X-radiation will enter the proportional counter 
through metal collimating vanes which act as a cellular collimator and will 
restrict  the field of view to I by 4 degrees. The vanes are arranged to provide 
the 4-degree width of scan about the spaqecraft spin axis. An aluminum 
honeycomb plus strongback will hold a thin (approximately 1/8 mil) plastic 
window which will contain the gas within the body of the proportional counter. 
The gas pressure within the counter will be held at 0.2 atmosphere; however, 
= 
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thci gas will diffuse through the window at the rate of 0.1 ft?/day/module. 
I,oc:il gas rcsupply will be required. 
The active element8 of the module are surrounded 
by a plastic scintillator anticoincidence shield and a beryllium outer casing 
which will offer both active and passive protection from radiation entering 
from random directions. 
(b) Modulation collimators. The modulation 
collimators will give more precise positions and define the extent of X-ray 
sources to a higher degree than the basic module counter. A collimator of 
this type, a s  illustrated schematically in Figure A-2, combines high resolution 
with wide field of view. 
wi re s  placed one in front of the other at a suitable distance. The minimum 
angular size of a source that can be resolved depends on the mechanical 
precision achieved in the construction of the collimator, on the statistics of the 
data, and on the noise level. 
I I t  consists essentially of two-plane grids of parallel 
(c) Bragg crystal spectrometer, The Bragg crystal 
spectrometer will provide a more detailed spectral analysis of the X-radiation. 
It differs from the basic module in that the 18 scintillation counters and the 
standard collimators have been removed; however, a hinged door, essentially 
a flat plate has been added on which a continuous array of lithium fluoride 
crystal plates are mounted. The angular position of the door relative to the 
detector plane is changed to selected fixed positions by a motorized drive 
contained within the module. Actual spectral scanning is  accomplished by the 
spin of the spacecraft. This module is illustrated schematically in Figure A-3. 
(3) Spacecraft mounting requirements. Integration of 
these modules into the spacecraft structure will require consideration of the 
following special mounting requirements to obtain the proper ttlooktf directions: 
0 A l l  modules must be mounted to look in a plane 
perpendicular to the spin axis. 
c 
0 The six basic modules and the three modulation 
collimators in Part 1 of the experiment preferably should be mounted to 
look in the same direction, but may look in not more than two directions. 
9- 
0 The three modulation collimators must look in 
the same direction. 
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Figure A-3. Large area X-ray detector (Bragg crystal spectrometer). 
0 The two Bragg crystal modules must look in the 
same direction, but this direction may be different from that of all other 
modules. Also, the Bragg crystal modules must have an almost clear view 
of space over the range of view angles corresponding to specular reflection 
of radiation from the door, i. e. , about 20 to 90 degrees from the normal 
to the detector plane as measured in a plane perpendicular to the door hinge 
as illustrated in Figure A-3. 
J 
0 The six basic modules in Part 2 of the experiment 
should be mounted to look in the same direction, but may look in not more 
than two directions. 
Ray - DetectDr -
( 1 )  Scientific objective. The objective of this experiment is to 
conduct a general survey of the celestial sphere to measure the flux and 
spectra of photons in the id to > 5 x 10s ev range. Any source of flux will be 
localized and its position measured with respect to the celestial sphere. 
(2) Physical description of equipment. The current design for 
the detector is  illustrated in Figure A-4. A cesium iodide crystal serves as  
the basic detector; another cesium iodide crystal encloses the first  crystal 
and serves as the anticoincidence system. The gamma-ray flux enters the 
detector through 61 collimating holes which effectively reduce the field of 
view to 4 degrees. Photomultipliers view the reactions of the crystals with 
photons and charged particles. The logic circuitry then directs the gamma- 
ray-induced pulses into the proper channel of the 128-channel pulse-height 
analyzer. 
' 
c. Medium-Enerm Gamma-Rav Detector 
(1) Scientific objective. The objective of this experiment is to 
conduct a general survey of the celestial sphere to determine the position iind 
spectrum of possible gamma-ray sources in the energy range from 2 x I O '  to 
I O T  ev. Any source of flux will be localized and its position measured with 
respect to the celestial sphere. 
(2) Physical description of equipment. This experiment uses a 
crystal scintillator technique for measuring gamma-rays. The NaI  (TI  ) 
crystal which serves as the detector is  shown in Figure A-5. The Nal crystal 
: m l  its amplifying electronics a re  surrounded by an anticoincidence CsI ( N a )  
crystal. This C s I ( N a )  crystal acts as an active collimating device which will 
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Figure A-4. Low-energy gamma-ray detector. 
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;illow gamma radiation to enter the detector from a desired directioh through 
tho collimating holes. The RCA 2067 photomultipliers amplify the anticoinci- 
dence signal produced in the CsI(Na) shield. 
The scintillations produced by the central NaI(T1) crystal 
wil l  be converted by photomultiplier tubes into electrical pulses which will be 
slotted into a 216-channel pulse-height analyzer. 
.c 
d. Gamma-Ray Telescope 
(1) Scientific objective. The objective of this experiment is to 
study high-energy astrophysics of our galaxy. On a recent -0-III flight, 
a flux of gamma-rays above 5 x 10' ev emitting primarily from the galactic 
plane was detected. The primary aim of this experiment is to scan the entire 
celestial sphere to determine the extent of gamma radiation and its origin. A 
further goal is to conduct measurements of the energy spectrum of possible 
discrete sources to aid in determination of the mechanisms or processes that 
produce the gamma radiation. Since known sources lie within the galactic 
plane, primary interest is in this area of the celestial sphere. 
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(2) Physical description of equipment. The basic unit shown in 
Figure A-6 consists of a plastic scintillator dome used as an anticoincidence 
device; a pair of spark chambers interlaid with thin plates to convert gamma- 
rays and provide pictorial representation of each event; a group of central 
plastic scintillators; Cerenkov detectors used as triggering devices; and a 
total-energy measuring device. The trajectory obtained in the spark chambers 
provides information on the arrival direction of the gamma-ray and its energy. 
The threshold energy is about 2.5 x I O '  ev, and the energy measurement 
provided by the Coulomb scattering of the electrons in the thin plates between 
the spark chamber modules will permit accurate determination of the gamma- 
ray energy up to a few hundred million ev. Above that level, the total-energy 
detector will give a measurement of the energy. 
The use of two basio units is being considered at the present 
t time. 
same, although each unit would be built around a digitized spark chamber and 
would have essentially the same dimensions. The two units would be mounted 
back-to-back to look in opposite directions. The internal variations would 
permit measuring of different properties of the gamma radiation while still  
achieving results of high statistical validity. 
It is envisioned that the two telescope units would not be exactly the 
k 
Figure A-6. Gamma-ray telescope. 
e. Primary Cosmic-Ray Electron Detector 
(1) Scientific objective. The objective of this experiment is to 
make a detailed study of the energy spectrum of the cosmic-ray electrons. 
A study of the shape of this spectrum above 5 x 109 ev can be used to determine 
the production mechanism of the electrons and , hence, energies will be 
measured from 5 x io8 ev to at least IOi2 ev. 
z 
(2) Physical description of equipment. Pulse height will be 
measured directly from eight detectors in a tungsten-scintillator "sandwich" 
as  shown in Figure A-7. These pulse heights a re  proportional to the numbers 
of relativistic particles passing through each scintillator and, therefore, 
incident on the top of the tungsten stack. From'the distribution of shower 
particle density as a function of depth in the stack, the energy of the incident 
electron is obtained. The distribution of the number of incident electrons as 
a function of energy will yield the desired energy spectrum. 
v sample the development of the electron-photon shower produced by an electron 
The ratio of positive- to-negative electrons will be determined 
by measuring relative fluxes of electrons arriving from angles inclined toward 
the east and toward the west from the zenith. This is possible because the 
geomagnetic cutoffs are,  in general, different for positive and negative 
particles arriving from a given direction. 
f .  Cosmic-Ray Calorimeter 
( 1 )  Scientific objectives. This experiment has two primary goals. 
The first is to study the properties of the cosmic radiation itself, and the 
second is to utilize the cosmic-rays as a source of highly relativistic particles 
to study high-energy interaction. The cosmic-ray study includes the following: 
0 Measurements of the charge composition of cosmic-rays 
:IS :I function of energy in the range of ioio to io15 ev. 
* 0 Measurement of the electron spectrum in the range of 
ioio to ioi4 ev. 
0 The detection of any anisotropy in the arrival direction 
I of the incident particles. 
'l'hcsc measuroments will lend to an increased understanding of the processes 
which produce high-energy cosmic-rays and act as a probe of the interstellar 
medium. They will yield information about the nucleosynthesis of elements 
in stellar interiors. 
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Figure A-7. Primary cosmic-ray electron detector. 
c 
The nuclear interaction experiment will determine interaction 
probabilities and multiplicities as a function of energy a t  high energy. The 
interaction studies will  yield information about the nature of strong interactions 
and probe the structure of nuclear matter. 
(2) Physical description of equipment. The cosmicbray 
calorimete-: consists of three major components: 
c 
0 An ionization calorimeter. 
0 A cosmic-ray charge identification unit. 
0 A high-energy nuclear-interactions unit. 
The detector is built around a calorimeter (total-absorption 
ionization spectrometer). The final configuration will depend on the exact 
weight and volume available. A double-ended unit, a s  illustrated in Figure 
A-8, is the most probable design. 
(a) Ionization calorimeter. The double-ended calorimeter 
shown is constructed of iron (copper can be used if its magnetic properties 
a re  more desirable). This calorimeter is viewed by photomultiplier tubes 
from two sides. 
viewing opposite ends, will be added. These photomultiplier tubes provide 
redundancy a s  well  as improved resolution. 
The two photomultiplier tube pulses from the scintillators, 
(b )  Cosmic-ray charge identification unit. This unit consists 
of an electron section, a charge identification section, and a trajectory section 
placed upon one end of the calorimeter. These would determine the trajectory 
and charge of the incident particles and separate electrons from protons. 
( c )  Nuclear interaction unit. The other end of the calorimeter 
wi l l  c p t a i n  systems to identify nuclear active particles, measure their 
trajectories, study their interactions, and count the interaction products. 
c Each of the experiments selected for the reference baseline 
package is currently receiving intensive scientific investigation. The fore- 
going descriptions are based on the efforts of the scientists and their 
referenced work [A-2, A-3,  A-4, A-5, A-6, A-’7, A-81. 
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Figure A-8.  Cosmic-ray calorimeter.  
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3. Experiment Scan-Rate Considerations 
The primary objective of the HEAO is to scan the entire celestial 
sphere and provide complete coverage by all experiments. This coverage can 
be accomplished by slowly rotating the entire spacecraft about the scan axis 
so that the instruments sweep out circular bands on the celestial sphere. 
During a large portion of the mission (celestial scan period), the spacecraft 
scan axis will be pointing along the solar vector, so as to obtain maximum 
solar panel illumination. In addition, the sun is used as an attitude reference, 
and, therefore, the pointing direction of the scan axis will move around the 
celestial sphere along the ecliptic at the same rate as the sun, approximately 
1 degree per day. 
Q 
T 
The experiments will be hard-mounted to the spacecraft and will point 
in directions perpendicular to the longitudinal axis and the scan axis of the 
spacecraft. Rotating the spacecraft about its scan axis while maintaining the 
axis in alignment with the solar vector will  result in sweeping out the entire 
celestial sphere in the time required for the earth to move half-way around the 
sun, i. e., 6 months. 
A high scan rate would spin-stabilize the spacecraft, helping to 
minimize the effects of disturbance torques on the spacecraft motion; however, 
the scientific instruments require a slow scan for proper resolution of the 
celestial sources, and, hence, the maximum scan-rate requirement for the 
baseline spacecraft was  set  a t  0.1 rpm. The minimum scan rate is the rate 
which will permit complete coverage of the celestial sphere by the instruments 
having the narrowest field of view. 
The large area X-ray detectors have the smallest fields of view 
(1 by 4 degrees each) of any of the experiments. The 1-degree dimension 
lies in the X-Y plane, and the 4-degree dimension is the Y-Z plane. Neglecting 
the earth occultation and the experiment saturation periods while in the South 
Atlantic Anomaly, the minimum scan rate would be the rate which would allow 
the viewing bands to be swept out on the celestial sphere to be exactly adjacent 
be 1 revolution in 4 days, o r  1/5760 rpm. 
z to each other along the ecliptic plane. Using the 4-degree angle, this rate would 
If this scan rate were selected, the 1- by 4-degree field-of-view 
5 instruments would view the points on the celestial sphere which are near the 
ecliptic plane during only one pass, since on the next revolution, these points 
would have passed out of view. Since only one opportunity would exist to view 
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these points, those points which are blocked from view by the earth during each 
revolution would not be viewed until mapping of the entire sphere were 
repeated, and perhaps not even then. In addition, during those periods when 
the spacecraft was in the South Atlantic Anomaly, no meaningful data could be 
measured by the instruments. Hence, certain areas of the celestial sphere 
would not be mapped. The likelihood of missing points further away from the 
ecliptic plane would be less, since some of these points would be scanned during 
more than one pass, because the bands swept out on the celestial sphere begin 
to overlap as the sweep moves away from the ecliptic plane. 
Figure A-9 shows the time that a point would be within the field of view 
of an instrument during one revolution for various scan ratesjl as a function of 
the width of the field of view. This figure does not include the effects of 
occultation and the South Atlantic Anomaly passage. These effects would 
produce gaps in the coverage of the celestial sphere. Hence, the theoretical 
minimum scan rate must be at some higher value, if such gaps in the celestial 
sphere a re  to be avoided. 
Consideration was also not given in this analysis to the effects of 
pointing errors. Since a I-degree pointing e r ror  is allowed, there could 
possibly be a I-degree gap between the sweep bands previously described at  
the locations where they intersect the ecliptic plane, o r  there could likewise 
be a I-degree overlap at  these locations. 
No further analysis w a s  performed to determine a more accurate value 
of the theoretical minimum scan rate, since this rough analysis indicated no 
particular advantage in going to the lower values of scan rate, and the inclusion 
of the factors mentioned above which were not considered in the studies all 
seem to force the scan rate  upward. The 0. I rpm scan rate was selected for 
the baseline. This spin rate is so low that stability is not greatly enhanced 
by choosing it rather than a lower value. 
i 
Further analysis should be performed to evaluate the total integrated 
viewing time for various scan rates, including effects of occultation and the 
South Atlantic Anomaly. 
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APPENDIX B. LAUNCH VEHICLE ALTERNATIVES 
1. Introduction 
Although some consideration was given very early in the Phase A 
* studies to the possible use of the Atlas Centaur (SLV3-C), the Titan IIIB, , 
and the Saturn IB launch vehicles for  the HEAO mission, all of these vehicles 
were  very quickly eliminated from further consideration, The Atlas Centaur 
and Titan IIIB were eliminated because of lack of payload capability to deliver 
the ent i re  HEAO payload on a single launch. It was found that these vehicles 
launch requirement were  waived and the HEAO payload divided into multiple 
payload packages smal l  enough to f i t  on these vehicles. The possible use of 
existing Saturn IB launch vehicles was eliminated from consideration ear ly  
in the study since these vehicles are currently scheduled for  manned launches 
in the Apollo Applications Program, and because other unmanned programs 
during the time f rame of HEAO are currently planning to use  Titan vehicles'. 
. would not compete on a cost effectiveness comparison even if the single 
These considerations determined that the launch vehicle selection 
should be between the Titan IIID and Titan IIIC. Although modifications to 
the Titan IIID guidance system are required to adapt tho Titan IIID to ETR, 
it w a s  selected as the baseline launch vehicle f rom an overall cost effective- 
ness  standpoint. The Titan IIIC, therefore, becomes the primary alternate 
to the TitanIUD launch vehicle for  the HEAO missions. 
situations could develop which would make the Titan IIIC launch vehicle m o r e  
attractive,  but neither of these situations is anticipated at the time: (1)problems 
arise in adapting Titan IIID to ETR which cause ita cost to exceed Titan IIIC 
cost; and (2)growth of the HEAO payload which would preclude the use of 
Titan IIID. 
Either of two posoible 
A brief description of the Titan IIIC and comparative launch vehicle 
performance capability data for  the Titan IIID and Titan IIIC are presented 
v in this appendix. 
2. Titan I I IC Launch Vehicle 
The Titan IIIC consists of a threo-stage Liquid propellant core vehicle 
supplemented by two SRM strap-ons, as shown in Figure B-1. The complete 
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UNEQUALLY SPACED 
OUalANCE - ALL MB;RTUL 
STAGE m (TRANSTAGE) 
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Figure B-1. Titan IIIC Launch vehicle. 
r 
4 
four-stage launch vehicle (less payload and fairing) has an overall length of 
approximately I10 feet and a lift-off weight of approximately I .  4 million 
pounds. 
The Titan IIIC space launch vehicle uses the ITL complex at the ETR. 
a. Airframe. Stage 0 consists of two identical SRM's mounted 180 
degrees apart on the.core vehicle. Each is approximately 10 feet in diameter 
and 85 feet long, weighs about 0.5 million pounds, and produces an initial 
thrust of 1. 2 million pounds. The TVC is  provided by liquid injection of 
pressurized liquid NzO4. 
f+ 
e 
Stage I is 10 feet in diameter and approximately 71.5 feet long, 
is of aluminum skin-stringer construction, and consists of two liquid 
propellant tanks with the necessary skirts and two gimbaled engine assemblies. 
Stage I1 is 10 feet in diameter and approximately 31 feet long, 
is of the same type of construction as Stage I, and consists of two liquid 
propellant tandem tanks with skirts ,  between-tank truss,  and one gimbaled 
engine assembly. 
The Transtage (Stage 111) is 10 feet in diameter and approximately 
14.5 feet long, is of aluminum skin-stringer construction, and consists of 
two liquid propellant titanium tandum tanks, two equipment trusses, and two 
gimbaled engine assemblies. Payload and fairing interfaces are provided at  
the forward end of the Transtage. 
b. Core Propulsion. The Stage I propulsion system uses an 
Aerojet Y LR87-AJ- 11 engine assembly comprising two gimbaled engines and 
related equipment. The engines are pump fed and combined regenerative and 
ablative cooled. The normal vacuum thrust is approximately 520 000 pounds. 
Propellants are aerozine- 50 and NzO4. 
The Stage I1 propulsion system uses an Aerojet YLRSI-AJ-9 
c engine assembly consisting of a single-gimbaled engine and related equipment 
and a gimbaled gas generator exhaust nozzle for roll control. It is pump fed 
and ablative cooled. Normal vacuum thrust is approximately 100 000 pounds. 
Propellants are identical to those of Stage I. 
-' 
The Transtage main propulsion system uses an Aerojet AJl0-138 
engine assembly consisting of two 8000-pound nominal vacuum thrust engines. 
These engines a r e  ablative cooled and pressure fed, wing helium as pressurant. 
Propc!ll:ints :ire identical to those used for Stages I and II. Multiple s ta r t  
c;i p : ~  bil i ty is provided. 
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The Transtage multipurpose ACS uses  a monopropellant blowdown 
hydrazine system and fixed thruster  assemblies to provide attitude control; 
propellant settling; orbit  adjust, maneuvering, and vernier  control; and 
m ul t i pay load deployment and control1 ed dispersion. 
c. Electrical. A l l  electrical power required fo r  the Transtage 
payload fairing and payload is derived f rom Transtage-mounted silver-zinc 
storage batteries. Power is a nominal 28 vdc on five different buses and is 
available from lift-off until approximately 6.75 hours. 
d. Tracking and Flight Safety. Engine shutdown and destruct 
commands are supplied by two redundant independent U H F  systems. Tracking 
is provided by C- band pulse transponder and related equipment. * 
e. Hydraulics. The hydraulics system is used in each of the three 
liquid propellant stages to gimbal the thrust  chambers of the respective stage. 
I n  Stage 11, the gas generator exhaust nozzle i s  also gimbaled for roll  
control. Electric valves are included in Stage 0 for  TVC injectant and 
require no hydraulics. 
f .  Guidance. The Titan IIIC iner t ia l  guidance system (IGS) consists 
of an IMU that i s  a gimbaled platform with three pendulous integrating gyro 
accelerometers;  an MGC, which is a random access, thin film core memory, 
parallel, binary, digital computer; a TCU that provides liquid coolant 
circulated in the IMU and MGC; and an' SC. 
g. Flight Controls. The flight control system stabilizes the attitude 
of the vehicle in all phases of flight from launch through payload separation. 
This system establishes the flight path of the vehicle by implementing all 
steering commands issued by the IGS. It consists of software in the MGC, 
Stage I and II attitude rate sensors ,  LASS, TVC for  the SRM's, and hydraulic 
:ictuators in the three co re  stages. 
h. Instrumentation. The instrumentation system, a PCM/FM system, 
3 operates in the S-band frequency. Data signals are sampled and encoded by 
two RMIS's, each of which includes a group of RMU's, and a single central 
converter. The RMU samples,  amplifies, and holds the signals to provide 
:i ser ia l  PAM output train to the central  converter. 
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3. Launch Vehicle Capabilities 
Performance data on the Titan IUD and the T i b  IIIC launch vehicles 
required for HEAO-A mission planning are presented in this section. These 
data a re  presented in a general fashion and are therefore applicable to missions 
characteristics, payload capabilities, trajectory profiles, time histories for 
the inertial velocity, flight path angle, longitudinal acceleration, Mach 
number, dynamic pressure, and altitude are presented for the Titan IIID 
;tnct/or the Titan IIIC launch vehicles. 
- 
7 other than HEAO-A. Trajectory and performance assumptions, vehicle 
c 
While these data are sufficient for planning purposes and preliminary 
studies, additional performance studies will be required when more definitive 
weights data and mission parameters are available. It should be noted that 
slightly different weights assumptions were used in developing the performance 
charts in this paragraph from those used and documented in Paragraph 4 and 
which are based on recent data from the Lewis Research Center. In addition, 
the payload fairing is assumed to be dropped at  283 seconds, which is 
approximately 100 seconds later than shown in Paragraph 4. However, these 
discrepancies in assumptions should not impair the comparative quality of the 
data presented since the magnitude of the performance numbers differ only slightly. 
a.  Assumptions and Data Sources. Assumptions'and data sources 
used in  the Titan IIID and Titan IIIC trajectory calculations a re  as follow: 
0 Vehicle weight and propulsion data from SMSD-WEL-191, 
"Titan I11 Vehicle Description, 
Unclassified. 
Brown Engineering Company, August 1968, 
0 Payload shroud and payload adapter weights from BMI-NLVP- 
ICM-69-92, "Titan IIIC, Titan IIID, and Titan IIID/@entaur Performance 
(to 200 n. mi. orbits) ,  M July 17,1969, Unclassified. 
cr 
0 Aerodynamic data from SSD-CR-66-103, "Titan 111 Data Book for 
Performance Calculations ( V ) ,  AF04 (695) - 997," August 1967, Confidential. 
0 1,aunch from KSC on an azimuth of 90 degree6 measured from w 
north to south over east. 
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0 The two 5-segment 120-inch S R M ' s  ignited on the pad. 
0 Vertical ascent fo r  10 seconds, initiation and execution of a constant 
pitch rate program until 30 seconds' flight, af ter  which a zero angle-of-attack 
w a s  flown until SRM burnout. At that point atmospheric effects were  neglected 
sincc the dynamic pressure  was less  than 13 !b/ft2. The altitude achieved was 
188 370 feet  (Titan IIID to a 200-%mi. orbit). ' 
Y 
0 The 271-pound heat shield and the 242-pound s t a r t e r  propellant 
jettisoned 107 seconds after lift-off. 
0 The main stage engines (Core Stages I and I1 ignited at 110 and 
253.682 seconds after lift-off. The transtage, Titan IIIC only, was ignited at 
457. 906 seconds after lift-off. 
0 The SRM cases ,  the Core Stage I ,  and the Core Stage I1 for  
Titan IIID w e r e  jettisoned at 121, 253.682, and 453.297 scconds after lift- 
off (stage cutoff). Titan IIIC was the same ns Titan IIID, except Core  Stage 
I1 and the t rmstagc  were jettisoned at 457. 906 and 859. 850 seconds, respectively, 
after lift-off. 
0 Vacuum flight thrust angles optimized via steepest  ascent method. 
0 The 2310-pound payload shroud jettisoned a t  283.682 seconds 
after lift-off. 
0 Payload is defined for  Titan IIID as weight above the Core Stage I1 
at stage injection. The Titan IIIC payload is defined as weight above the 
transtage a t  s tage injection. 
b. Trajectory ~~ Profile. The Titan IIID trajectory profile is three 
~ 
stages ( 0, Core I, and Core 11) direct-ascent to orbi t .  The Titan IIIC 
trajectory profile is four stages (0, Core I, Core II, and transtage) direct- 
ascent to orbit, The following typical Titan IUD launch-to-orbit profile is 
illustrated in Figure B-2. 
0 Star t  S R M ' s  and lift-off a t  0. 0 second. 
0 Corc  St;ige I ignition a t  110 scconds. 
sK#ueuE OF NBm (ORBIT k n m  
1 S T A R T 5 6 1 1 D R K K n ~ A W ) U n O F f  
2 CORE STAGE 1 ICHllKw 
3 SOLID ROCKET MOTORS JEfTlSlONED 
4 CORE STAGE 1 STAGED AND CORE STAGE 2 
5 SHROUD J€TTlSlONEO 
' 6  CORE STAGE 2 SHUTDOWN, STAGED, AND 
N. u3 
IGNITION 
PAYLOAD INJECTED INTO OR811 
Figure B-2. Typical Titan IUD launch-to-orbit profile. 
0 The 2310-pound shroud jettisoned at 283.682 seconds. 
0 For Titan IIID, Core  Stage 11 cutoff, staged, and payload injected 
into orbi t  at 453.297 seconds. 
0 
457.906 seconds. 
For Titan IIIC, Core  Stage 11 staged and the transtage ignited at 
e F o r  Titan IIIC, transtage cutoff, staged, and payload injected into 
orbit  at 859.85 seconds. 
c. Payloads and Trajectory Data. Graphs and tables of payloads and 
trajectory data for  the Titan IIID and Titan IIIC launch vehicles are presented -.- 
and explained as follows: 
0 Figure 8-3  is a graph showing net payload as a function of orbital 
altitude for the Titan IIIC and Titan IIID launch vehicles. F o r  these missions 
the t ra jector ies  were  direct  ascent to c i rcular  orbit  with an orbital inclination 
of 28 .5  degrees. 
0 Figure B-4 is a graph of net payload versus  apogee altitude for  the 
F o r  these missions the trajectories Titan IIIC and Titan IIID launch vehicles'. 
were direct  ascent to an elliptical orbit  with an orbital inclination of 28.5  
degrees and a perigee injection at 90 n.mi. 
Irr f. , . -  
4 :  . . * _  .
0 Figure B-5 is a graph of net payload versus  perigee altitude for the 
Titan IIID launch vehicle. F o r  these missions the trajectories w e r e  direct  
ascent to an elliptical orbi t  with an orbital inclination of 28.5 degrees,  with a 
1-year orbital lifetime, associated with a plus two-sigma so lar  activity. 
0 Figure B-6 is a graph of apogee altitude versus  perigee altitude 
for the HEAO having a 1-year orbital lifetime associated with a plus two- 
sigma solar  activity. This graph is to be used in conjunction with data 
presented in Figure B-5 in determining payload, apogee, o r  perigee when two of 
of the three parameters  are specified. 
0 Figure B-7 is a graph of inertial velocity, inertial flight path 
angle, and longitudinal acceleration versus  flight t ime for the Titan IIID 
launch vehicle. For this mission, the trajectory w a s  a direct  ascent to a 
200-n. mi.  circular  orbit  with an orbital inclination of 28 .5  degrees.  
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Figure B-3. Titan IIID and IIIC performance to circular 
orbit inclination 28.5 degrees. 
cI( W
c 
I 
C 
29 
v, 
m 
CI 
2 
v, 
a 
0 
I 
I- 
\ 
0 28 a 
0 
). a 
CL 
a 
--I 
27 I t I I 
100 1% 200 250 
APOGEE ALTITUDE-N. MI. 
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Figure B-7. Titan mD trajectory parameters direct injection into a 
200 -n. mi. circular orbit, 28. S-degree inclinahon. 
0 Figure B-8 is a graph of Mach numbers and dynamic pressure 
versus flight time for the Titan IIID launch vehicle. 
trajectory was a direct ascent to a 200-n.mi. circular orbit and an orbital 
inclination of 28.5 degrees. 
For this mission the 
0 Figure B-9 is a graph of altitude versus flight time for the 
Titan IIID launch vehicle. For  this mission the trajectory was a direct 
ascent to a 200-n. mi. circular orbit with an orbital inclination of 28.5 
degrees. 
0 Figure B-10 i s  a graph of net payload versus orbital inclination 
for the Titan IIID launch vehicle. For these missions the trajectories were 
direct ascent to 100-, 200-, and 300-n. mi. circular orbits with and without . 
yaw steering. For the northerly launch, the vehicle was launched with a 45- 
degree launch azimuth, and yaw steering was initiated at 90 seconds after 
lift-off. 
0 Table B-1 contains payload capabilities for the Titan IIIC and 
Titan IIID launch vehicles to a 200-n. mi. circular orbit with an orbital 
inclination of 28. 5 degrees. This table gives the payload capabilities to a 
200-n.mi. circular orbit by direct ascent and by Hohmann transfer, To 
achieve a 200-n. mi. circular .orbit by Hohmann transfer, the vehicle was  
assumed to go direct-ascent to a 90- by 200-n. mi. elliptical parking orbit, 
inject at perigee and circularize at apogee. 
The Titan IIIC transtage is restarted to circularize at apogee. 
To circularize at  apogee, 695 pounds of transtage propellant was required. 
The Titan IIID Core Stage 11 has no restart capabilities. To do a 
Hohmann transfer, a kick stage was added to the payload. This stage was 
composed of four SISM's. To circularize at apogee, 620 pounds of solid 
rocket propellant was required (see Appendix G).  
0 Table B-2 contains Titan IIIC and Titan IIID performance data to 
a 200-n. mi. circular orbit with orbital inclinations of 28.5 degrees, 20 degrees, 
15 degrees, and 10 degrees. Titan IIID performance below 28.5 degree6 
inclination i s  not shown. The Core Stage I1 on the Titan IIIC or  IIID is not 
rostnrt:ible. This fact causes a yaw maneuver to be performed at off optimum 
position in the trajectory to effect lower inclination orbit; the lowest inclina- 
tion which cnii Ix achieved by the Titan IIID is 23 degrees with a payload of 
zoro. 'i'hc payload drops off linearly from 20 920 pounds at  28.5 degrees to 
zero at 23 degrees. The performance was calculated assuming the following 
mission profile: 
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TABLE B-1. TITAN IIIC AND TITAN IUD PAYLOAD CAPABILITY TO 200-N. MI. CIRCULAR ORBIT 
WITH 28.5-DEGREE INCUXATION 
Direct Ascent 
Vehicle 
Titan IIIC 
Titan IIID 
a Hohmann Transfer 
Vehicle 
Payload (lb) 
25 424 
20 922 
Payload (lb) 
Titan IIIC 26 898 
Titan IIIDb 27 582 
a. The vehicle was assumed to go direct-ascent to a 90-n.mi. perigee 
and circularize at a 2 0 0 4 .  mi. apogee. 
b. Hohmann transfer was accomplished by adding a kick stage to the 
payload. 
, 
a 
TABLE B-2. TITAN IIIC AND TITAN IIID PAYLOAD CAPABILITIES TO A 200-N. MI. CIRCULAR ORBIT 
WITH 28.5-, 20-, 15-, AND 10-DEGREE INCLINATIONS 
Direct Ascent 
Vehicle 
Titan IIIC 
Titan IIID 
Hohmann Transfera 
Vehicle 
Titan JJIC 
Titan mDb 
28.5 deg. incl. 
25 424 ib 
20 922 lb 
28.5 deg. incl. 20 deg. inci. 15 deg. incl. 
26 304 lb 16 148 lb 11 069 lb 
20 922 lb - - 
10 deg. incl. 
6816 lb 
a. The vehicle was assumed to go directascent to a IOO-n. mi. circular parking orbit with a 28.5- 
degree inclination and then a two-burn Hohmann transfer with necessary plane changes to a 
2004.  mi. circular orbit. 
b. Direct ascent (Core Stage II not restartable). 
(1) The vehicle achieved a IOO-n. mi. parking orbit. 
(2 )  The  IOO-n. mi. parking orbit had a 28.5-degree orbital inclination. 
(3) Hohmim t ransfer  to a 200-n.mi. circular orbit. 
( 4 )  Necessary plane changes are made during Hohmann t ransfer  to 
achieve desired orbital inclination. 
4. Titan I I I D  Performance Capability 
x 
Based on recent data from Lewis Resbarch Center,  the preliminary 
estimate of Titan IIID spacecraft  system weight (separated spacecraft ,  
adapter,  etc. ) capability for the HEAO Mission is 20 641 pounds. A tabulation 
of vchicle weights and event t imes for  selected flight events is given in Table 
B-3. 
. The ground rules  for this performance analysis were as follows: 
I. 
2. 
3. 
4. 
5. 
6 .  
7. 
8.  
9. 
Launch azimuth - 93 degrees. 
Direct injection into a 200-n. mi. c i rcular  orbit. 
Orbital inclination - 28.5 degrees. 
Shroud weight (40 feet  long, 10 feet in diameter)  - 2877 pounds. 
Shroud jettison - T + 182 seconds (360 000 feet) .  
No spacecraft  adapter nor any special spacecraft  support equipment. 
Titan Stage I1 modifications - 76 pounds. 
Titan Stage I1 specific impulse - 313 seconds (vac). 
Improved Centaur Guidance System substituted fo r  BTL Radio 
Guidance System. 
10. 
11. No Inuncln vchicle contingency. 
Flight performance reserves - 1800 pounds. 
13-20 
TABLE B-3. FLIGHT EVENTS AND WEIGHTS 
(HEAO-A MISSION) 
~~ 
Event 
Lift-off 
Solid motor burnout 
Stage I ignition 
Solid motor jettison 
Shroud jettison 
Stage I burnout 
Stage I1 ignition 
Stage I1 burnout 
Stage I1 jetison weight 
__ _- - 
Time (sec) 
0 .0  
____ .___.._ 
110.45 
121.45 
182.00 
253.92 
254.92 
458.63 
Vehicle Weight (Ib) 
1 381 382 
527 779 
346' 375 
237 338 
I l l  238 
93 998 
29 261 
8 620 
Basic Stage I1 jettison weight 6444 
Stage I1 modifications 76 
Centaur guidance system 300 
F PR 1800 
Sp:icecraft system weight capability 20 641 
___  
B-2 I 
It should be recognized that this performance analysis includes several 
uncertainties. Among these are the identification of the hardware penalties 
for modifications to the Titan LZID vehicle to accommodate the HEAO Mission 
and the determination of the trajectory simulation and the flight performance 
reserves. In addition to these performance aspects, i t  should also be 
recognized that a detailed evaluation of the interface of the Centaur Guidance 
System with the Titan IIID, including environmental considerations associated 
with guidance equipment relocation, will be required. 0 
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APPENDIX C. SOUTH ATLANTIC ANOMALY 
AND ORB IT OCCULTATION 
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1. Location and Intensity of Flux 
Figure C - I  shows the electron flux counting rate  over the South Atlantic 
Anomaly in 1966 at an altitude of approximately 400 km (216 n.mi. ) [l]. It 
is seen that the counting rate above 0.5 MeV a t  the center of the anomaly 
exceeds IO6 electrons/cm2-seo at a relatively low altitude of 400 km (216 n. mi. ), 
To obtain the total flux count received by a satellite, it is necessary to integrate 
over successive passes in the anomaly, The proton flux intensity is approxi- 
mately three orders of magnitude less than the electron flux intensity in this 
region. Figure C-2 shows proton isointensity contours above 50 MeV at 
400-km (216-n. mi. ) altitude [ 2 ] .  
2. Energy Spectrum of the  Trapped Flux 
Recent models of the omnidirectional proton and electron fluxes have 
been proposed by Vette, et  al. [3,4]. Figures C-3 and C-4 show the average 
omnidirectional electron and proton flux as a function of altitude accumulated 
by an orbiting spacecraft over a 24-hour period at various energy levels as 
predicted by the Vette models. 
It is evident from looking a t  Figure C-5 that the electron flux is 
concentrated mainly in energies below 1.6 MeV. Figure C-6 shows the integral 
proton flux in the same approximate energy range. The integral flux-rate above 
zero energy is two orders of magnitude greater for electrons than protons. 
Both curves of Figures C-5 and C-6 are for a 200-n. mi. altitude, !%degree 
I t  inclination orbit. 
Froqn previous figures it was observed that the anomaly is centered 
near 30-degree South latitude, This observation implies that a 30-degree- 
inclination orbit can pass near the center of the anomaly. Figures C-7 and 
C-8 show the variation of electron and proton dose rate per day as a function 
of orbital inclination for four altitudes (after [ZJ). 
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3. Temporal Variations of Flux 
The anomaly region is relatively constant in: size and shape with time. 
' Variations in particle f l u x  and energy levels encoun:;ered by the spacecraft, 
and hence variations in experiment dead time, are due mainly to precession 
of the spacecraft orbit, This precession (approximately 0.5 degree per 
revolution for the baseline HEAO orbit) causes the spacecraft to follow 
different paths through the anomaly on successive revolutions. The net effect 
in terms of €lux encountered by the spacecraft is illustrated in  Figure C-9 for 
proton flux above 15 MeV. Although not directly applicable to the HEAO orbit 
due to difference in  particle, energy level, and altitude, the figure illustrates 
qualitatively the wide variations in flw between successive orbits and the long 
periods of time during which no significant f lux  is encountered. Peak-to- 
average fluxes in the figure vary as much as  3 orders of magnitude, and 
approximately half the orbits do not encounter any significant flux, 
Although the particle fluxes at about 200-n. mi. altitude are fairly 
stable, the count rate may vary by a factor of 2 to 3 with time, following 
solar disturbances. One of the largest factors that influenced electron flux 
a t  low altitudes was the thermonuclear (Starfish) explosion i n  the upper 
atmosphere, Thie detonation produced energetic electrons in the MeV range 
which wi l l  affect particle-counting rates for  years. The electron data described 
above a r e  based on 1966 to 1968 predicted fluxes. Actual fluxes expected 
beyond 1970 may be somewhat smaller [ 51. 
4. Occultation Analysis 
a. Occultation of the Sun. When planning a space mission which ---- 
depends upon power derived from solar rays, a consideration of how much 
the vehicle will be occulted from the sun is imperitive. Also, since in the 
case of the HEAO satellite the sun is used as an attitude reference during 
much of the mission, it must rely upon a backup mode of attitude sensing 
when i t  is occulted. For these reasons, it is necessary to consider factors 
influencing occultation. In the following four sections is a brief description 
of the effects on occultation by the right ascension of the ascending node of the 
satellite orbit, altitude of the orbit, time of year, and inclination of the 
spacecraft orbit to the earth equatorial plane. I t  is assumed that two-body 
conic approximations describe the spacecraft motion. The nominal orbit is 
taken to be a 200-n. mi. circular orbit at an inclination of 28.5 degrees to the 
equatorial plane and right ascension of ascending node of 0.0 degrees. The sun 
is at its location for June 1, 1973, which is in the plane of the ecliptic at  an 
angle of 70. I degrees measured counterclockwise from the vernal equinox. 
In  each of the following four sections, only one parameter is varied at  a 
time [ f n m  the raoniinal) and the resulting effect upon occultation is observed. 
See L .qgwG @ - I O  for identification of parameters. 
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I. Variation with regression of the nodes. Occultation is quite 
dependent upon right ascension of the ascending node of the spacecraft orbit 
as can be seen from Figure C-11. As the right ascension increases from 
0 degree, the orbital plane moves from a minimum angle from the ecliptic of 
5 degrees to a maximum angle of 23.5 + 28.5 = 52.0 degrees when the node has 
moved through an angle of 180 degrees from its nominal position. From 
Figure C-11, i t  is observed that the time during each orbit that the spacecraft 
is in the dark decreases from a maximum at the nominal position of the node 
to a relative minimum value at  the half revolution point. As the ascending node 
is positioned a t  angles larger than 180 degrees to the vernal equinox the portion 
of each orbit that is occulted increases until the node has moved through a 
total of 360 degrees from the nominal. The total differenoe in time occulted 
during each orbit is 6 minutes. d 
2. Variation with altitude. In Figure C-12, altitude was allowed 
to vary from 200-n. mi. to 150-n. mi. simulating orbital decay. As the altitude 
decreases, the percent of the orbital period occulted increases from about 
41.4 percent at  200-n. mi. to about 42.4 percent at 150-n. mi. , a difference of 
about I minute. The occultation would approach 50 percent as a limit if 
altitude were allowed to approach zero. 
3. Variation with time of year. The portion of each period that 
is occulted is plotted in Figure C-13 versus month of the year for the period 
June 1973 to May 1974. Longitude of the sun is the physical quantity that 
varies with the date and causes the occultation time to decrease from about 
38 minutes per orbit in June to about 37 minutes per orbit in November and 
increase to about 38 minutes per orbit again in May. 
4. Variation wi th  inclination, Figure C-14 shows how occultation 
time during each orbital period varies with Inclination of the orbit to the 
equatorial plane. Time occulted increases from about 37 minutes when the 
inclination is 0 degree to a relative maximum of about 38 minutes when the 
inclination is about 28 degrees and decreases to 27.6 minutes when the 
inclination of the orbit reaches 90 degrees. The maximum time ocoulted 
corresponds to an inclination of about the same 88 the angle between the 
ecliptic and equatorial planes. 
c 
5. Summary. Of the four factors considered, inclination of the 
orbit appears to be the most significant if i t  is allowed to vary from 0 to 90 
degrees chaifiging occultation time by more than I1 minutes. In the consideration 
of the 90-degree orbit, a spherical earth model was used with a radius equal 
to the equatorial radius. Since the polar radius is smaller than the equatorial 
radius by a b u t  22 km, the time occulted for a polar orbit would be less than 
the figures in this study indicate. 
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Another significant factor in the determination of t ime 
occulted is right ascension of the orbital node, which varies the occultation 
from 32 to 38 minutes. The time of year  and altitude of the orbit do not 
appear to be major  factors  affecting occultation as f a r  as this preliminary 
investigation can determine. 
, 
It should be kept in mind that this preliminary study was made 
on the basis of estimating the behavior of physical quantities with a few data 
points and should not be construed 'to represent  a thorough analysis of the 
problem. 
b. Occultation of Specific Stars  -. 
.~ 
I .  General. I t  is desirable to know during what portion of each 
revolution that visible contact will not be possible with a given star. This 
discussion is concerned with determining what portion of t ime the line of 
sight between the satell i te and a given star o r  constellation in the galactic 
plane is occu.lted by the earth. In the following sections is a brief discussion 
of the effects on occultation by the right ascension of the ascending node of t h e  
spacecraft orbit ,  altitude of the orbit, inclination of the orbit  to the ear th  
equatorial plane, and star location in the galactic plane. It is assumed that 
two-body conic approximations describe the motiol: of the spacecraft. Since 
an analysis of occultation for all  stars in the galactic plane would not be 
feasible, two constellations were  selected fo r  study; an estimate of the effects 
of different s t a r  locations is made. The constellations selected for study are 
Monoceros (Unicorn) with right ascension of 105 degrees and declination of 
-5 degrees and Vela (Sail of Ship) with right ascension of 135 degrees and 
declination of -50 degrees.  Of the constellations considered, Monoceros 
experiences relatively large occultation time and Vela undergoes the minimum 
occultation time for  the particular nominal satellite orbi t  used. The nominal 
orbit  is taken to be a 200-n. mi. c i rcular  orbit  a t  an inclination of 28.5 degrees 
to the equatorial plane and a right ascension of the ascending node of 0 degree. 
A significant factor affecting occultation is the angle 0 between the ear th-s tar  
line and the orbital plane. The range of 0 is from 0 to 90 degrees. Occultation 
time decreases  from a relative maximum at 8 = 0 degree (when the star is in 
the orbital plane) to a relative minimum of zero  at 8 = 90 degrees (when the 
s t a r  i s  a t  its maximum distance from the orbital plane). The angle e is the 
quantity affecting occultation time that var ies  when any of the following 
paranieters are varied: (1) r igh t  ascension of the node of the orbit ,  (2)incli- 
natioil of the orbit ,  and ( 3 ) s t a r  location. 
Launch time on a rotating body such as the earth significantly 
:if€e.cts the orbital plane orientation; therefore, since launch time is not known 
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precisely pr ior  to liftoff, it is necessary to consider various orbital plane 
orientations. The effect of delaying launch t ime is an increase in the right 
ascension of the node. Hence, analyzing the effects of varying the nodal 
location corresponds to analyzing effects of varying launch time. 
In  each of the following paragraphs, one parameter is varied 
at a time (from the nominal) and the resulting effects upon occultation are 
observed. 
2. Variation with right ascension of the node. Occultation t ime 
for  the constellations Monoceros (Unicorn) and Vela (Sail of Ship) var ies  
with right ascension of the ascending node of the satell i te orbi t  as exhibited 
by Figures C-15 and C-16, respectively. Orbital inclination and altitude are 
fixed a t  28. 5 degrees and 200-n. mi. , respectively. 
Monoceros, being located a t  right ascension = 105 degrees 
:ind declination = -5 degrees ,  is near  i ts  maximum distance from the orbital 
plane when the right ascension of the ascending node is zero. This orbital 
orientation corresponds approximately to a relative minimum occultation 
time per orbit. 
A s  the right ascension of the node is increased, the orbit  revolves about the 
earth 's  North Pole-South Pole axis; the constellation Monoceros is in the 
orbital plane when the line of nodes has rotated approximately 110 degrees 
producing a relative maximum occultation time of about 36.5 minutes as seen 
in Figure C-15. (The angle 0 is zero. ) A s  the right ascension increases f rom 
110 degrees,  the orbital plane moves away from Monoceros and is again at a 
relative maximum occultation time of about 35.5 minutes. The curve in 
Figure C-15 is periodic of period 260 degrees and is symmetr ic  about 
approximately 200 degrees. (If the star were in the equatorial plane, the 
curve would be periodic with a period of 180 degrees and symmetr ic  about 
180 degrees. ) The total variation in occultation time when the node is rotated 
through a complete revolution is about 2 minutes, a relatively minor effect 
€or this particular constellation and satell i te orbit. 
(The angle 0 is near  i ts  maxinium of 28.5 + 5 = 33.5 degrees. ) 
Figure C-16 displays results of occultution time using the 
constellation Vela (Sail of Ship) and a satell i te orbit  having an altitude of 
200-n. mi. and an inclination of 28.5 degrees. ' As in Figure C-15, right 
ascension of the ascending node is allowed to vary from 0 to 360 degrees. 
It is evident f rom the comparison of Figuros C-15 and C-16 that star 
location or more  specifically, the angle 0 between the earth-star line and the 
orbital plane, is a significant factor affecting occultation time. Vela is located 
:it a right ascension of 135 degrees and a declination of -50 degrees. When the 
k 
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r igh t  ascension of the satellite orbit's ascending node increases from zero, 
thc angle 0 increases to a relative maximum of 28.5 + 50 = 78.5 degrees; 
therefore, occultation time decreases to its minimum of zero, indicating that 
the line of sight is not blocked by the earth. This situation occurs when the 
node has moved through the,posii;ive angle of 20 degrees from its nominal 
position. For values of right ascension of the ascending node between 20 
and 50 degrees, the line of sight is not occulted by the earth. For values 
larger than 50 degrees, occultation time increases rapidly to a relative 
360 degrees and is symmetric about approximately 215 degrees. The maximum 
and minimum occultation times occur at 180 degrees apart for stars having 
declinations greater in magnitude than the orbital inclination since the angle 0. 
is a relative minimum 180 degrees after it is a relative maximum. 
maximum of approximately 35 minutes. The curve is periodic of period 5 
For stars having negative declinations smaller in magnitude 
than the orbital inclination, occultation time will be a minimum when the 
right ascension of the ascending node is 90 degrees less than the right 
ascension of the star. Maximum occultation time will occur at two locations 
where the orbital node has rotated between 90 to 180 degrees and 180 to 270 
degrees from the position of minimum occulta-tion. For s tars  having positive 
declinations smaller than the orbital inclinations, occultation time will be a 
minimum when the right ascension of the ascending node is 90 degrees greater 
than the right ascension of the star. Maximum occultation time will again 
occur a t  two locations where the orbital node has rotated between 90 to 180 
degrees and 180 to 270 degrees from the position of minimum occultation. 
For stars having a declination of 0 degrees maximum occultation 
will  occur when the star is collinear With the line of nodes. Minimum occultation 
occurs when the line of nodes has rotated 90 degrees from its position of 
maximum occultation. 
For stars having a declination greater than the orbital 
inclination, minimum occuitation will occur when the right ascension of the 
ascending node is 90 degrees greater than the right ascension of the star. 
Maximum occultation will occur when the right ascension of the star is 90 
dogrees greater than the right ascension of the ascending node. If the s ta r  
declination is negative, but greater in magnitude than the orbital inclination, 
maximum occultation time will occur when the right ascension of the asoending 
node is 90 degrees greater than the right ascension of the star. 
3. Variation with .altitude. If a space vehicle is allowed to coast 
in near-earth orbit for an extended period of time, its altitude will g-r'adually 
C -G 
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decay. In Figure C-17, altitude w a s  allowed t G  vary from 200 to 150-n. mi. 
simulating orbital decay, and the results upon occultation were observed. 
Orbital inclination and right ascension of the ascending node are fixed at 
28.5 and 0 degrees, respectively. A s  the altitude decreases, the percent of 
the orbital period occulted increase8 approximately linearly. For the 
an altitude of 200-n. mi. to about 39.5 percent at an altitude of 150-n. mi. , 
representing a time difference of about I minute. Percent of orbital period 
occulted for the constellation Vela (Sail of Ship) varies from about 25 percent 
for a 200-n.mi. altitude orbit to about 32 percent for a 150-n.mi. altitude 
orbit. The constellation V e l a  is visible more than the constellation Monoceros 
for each altitude because the angle O between the earth-constellation line and 
the orbital plane is greater for the constellation Vela, 
1 cons tellation Monoceros (Unicorn) , occultation varies from 37.5 percent at  
L- 
4. Variation with inclination. Occultation time can be quite 
dependent upon inclination as indicated in  Figure C-18. The effect of variation 
in inclination is easily visualized if we investigate the effects upon O, the 
angle between the earth-star line and the orbital plane. The orbit which is 
initially in the equatorial plane (inclination = 0 degrees) rotates about the line 
of nodes to an inclination of 90 degrees. At an inclination of 0 degree, 
Monoceros is nearest the orbital plane and the angle 8 is a minimum; therefore, 
occultation time is greatest. As the inclination increases, the orbital plane 
moves further from Monoceros, the angle O increaaea and, hence, occultation 
time decreases. I t  decreases to zero at an inclination of approximately 75 
degrees allowing complete visibility . 
The constellation Monoceros is not occulted by the earth for 
the orbit with the 200-n.mi. altitude and 0 degree right ascension of the 
ascending node for  inclinations greater than 75 degrees, The total variation 
of occultation time with inclination is about 36 minutes. 
Included in Figure C-18 is the moultation time per orbit for 
the constellation Vela.  Initially, as the orbital inclination is increased, the 
angle o increases also (the orbital plane is rotating away from Vela), causing 
occultation time to decrease. The angle e reachea ita maximum at an 
inclination of 30 degrees and, hence, occultation time is minimum. Because 
V c l a  is located at a right ascension of 135 degrees and a declination of -50 
degrees, the angle e does not become large enough for complete visibility. 
A s  orbital inclination is increased from 30 degrees, occultation time gradually 
increases from its minimum of 23 to 35 minutes at 90 degrees. 
z 
I 
5. Variation with star location. Figure C-19 displays the 
occultation time per orbit for seven s t a r s  or  constellations selected from the 
c -7 
galactic plane. The s t a r s  are arranged in order of increasing occultation. The 
constellation Vela (Sail of Ship) at a right ascension of 135 degrees and a 
declination of -50 degrees allows line-of-sight contact more of the time than 
any other star o r  constellation considered. 
The occultation times shown in Figure C-19 represent values 
obtained using the nominal earth orbit with altitude = 200 n.mi., inclination = 
28.5 degrees, and right ascension of the ascending node = 0 degree. It is 
obvious that the location of the star in the galactic plane significantly affects 
occultation. 
c. Summary. It is difficult to predict the occultation time for stars 
selected at random from the galactic plane. As indicated in this study, the 
two factors which influence occultation are the angle e between the earth-star 
line and the orbital plane and the orbital altitude. For  a fixed altitude, the 
angle 0 may be varied by altering orbital inclination or  location of the node. 
For  all s ta rs  for which the angle e is approximately 0 degree, there is a 
long occultation time. For  all stars for which the angle e is greater than 
approximately 72 degrees, there is no occultation. 
3 
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Figure C-I. Electron isointensity contours at 400 km in 1966 for E > 0.5 MeV [I J .  
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Figure C-2. Proton isointensity contours in the South Atlantic Anomaly at 400 k m  [2].  
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Figure C-3. 1968 electron data for 30-degree inclination orbit [3J .  
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inclination orbit [ 41. 
c- 12 
...... ~- ........... 
10'0 .. . .  . .  _. 
. . .  
. 
-. 
. .  
... 
. . . . . . . . .  
. . . .  
I I 
109 
108 
107' 
1 OG 
105 
. . . .  
- . . .  . ,  . 
. . . . . .  
.~ - .  
. . . . . . . . . . .  
. . .  . - .. 
. .  
- .  
. . . . . .  
. .  
- -  
cc 
. . .  
........ 
I . - 
. . . .  
.. 
. 
. . . .  
- .  
. . . .  
I I 
1 1 
0 0 . 5  1 .o 1.5 2.0 
ENERGY (MeV) 
2.5 3.0 3 .5  
Figure C-5. 1968 projected data on elcctron intogral flux for 
30-degree inclination orbit (200 n. mi. ) [ 31, 
c- 13 
llll11llll l111l11l1llll 1l 1l1l1l1l1l I I I 
. 
-. . 
-- . . 
- . 
. ~- . ~ ......... - ... -_ .... - ........ ........ 
. .... . 
. 
- ........ 
\ 
____1 
I . .  . 
. .  .. I _: 
.. 
. . . .  . ~ 
1 2 3 4 5 6 7 
ENERGY (MeV) 
Figure C-6,  1968 projected data on proton integral flux for 
30-degree inclination orbit (200 n. mi. ) [4. 
@-14 
. -. . -. . . . 
J 
10' 
100 
10- 
lo-:  
lo-: 
10-1 
0 3 
1 .  I 
NOTE : - 
I I 0.5 g/cm2 - ALUMINUM SHfELD 
- 
- 
60 90 120 150 
ORBITAL INCLINATION (dcg) 
Figure C-7. Electron dose rate 88 a function of 
orbital inclination (after [ 2 J ) . 
C- 15 
Q 
_ . - -  I 
i 
~- 
I NOTE: 
.. - - . 
. - 
.- 
. .. 
n.mi. 
._ . 
I 
cm2 - ALUMINUM 
$ 5  30 45 60 75 90 105 
ORBITAL INCLINATION (deg) 
f 
Figure (2-8. Proton dose rate as a function of 
orbital inclination (after [ 2 I ) . 
c-lfi 
I 
Figure C-9. Integral proton flux versus time [2]. 
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Figure C-10. Inertial and orbital (reference) coordinate system. 
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Because of potential proldems aqspciated, wjth , . I  . ,the , 'baseline configuration, 
L 
several alternate spacecraft 6onfiguratiidlrs were, p.tudied. A primary consid- 
eration in the study of the al tkhates  was'the abil&ty of each to.provide power . .  
growth capability. Other goals were to 'reduce. spacecraft length, weight, 
deflection during launch, and'to examine different packaging arrangements, 
solar array design, Definition of each class is given as follows: 
c A l l  of the configurations were divided into three classes on the basis of the 
I ,  - Fixed solar array,  side orienFd toward sun. 
, I  
Class  I 
C las s  11 - Deployable solar arrays,  side oriented toward'sun. 
Class  III - Deployable solar arrays,  end oriented toward sun, 
Class I includes the baseline which is discussed in Volume I and one variation 
which is considered here. In Class II, three alternates are discussed. One 
configuration is discussed in Class ID. These qonfigurations are considered 
in  the following paragraphs. Each configuretion is dedgnated by the figure 
number in which it appears. 
Several of the configurations are 31 feet long, rather than 30 feet long, 
to take advantage of the additional volume available i n  the I-foot cylindrical 
portion of the shroud conical sgction. This extra I-foot length would provide 
a slightly larger internal volume, if needed, and a slightly greater area for 
body-mounted solar arrays. 
I I _I 
Access to the experiments and equipment mountod internally is an 
important design consideration and QW be obtained in a similar fashion for all 
configurations. Removable skin panels located along the sides of the spaoe- 
craft at strategic places wil l  be provided, and internal and external access 
platforms w i l l  be provided., , %is approach should allow easy access to all 
equipment while the spacecraft is in either the yflrtical (launch) o r  horizontal 
position. 
.c 
Several ty@s of deployable 'solar arrays are shown, all of which are 
within the prssent state-of-the-art and should offer no great concern about 
l11l11l1l1l1l I I I I I . 
reliable deployment and operation. Similar types of arrays have been flown 
on other spacecraft, and much data are available from the design and test 
efforts thus far on the ATM and Saturn V Workshop arrays. Two types of 
arrays other than those shown which might be considered as good candidates 
for future study are (I) arrays mounted f la t  on each end of the spacecraft, 
which swing out 90 degrees to face the sun ;.n a side-oriented spacecraft 
configuration, and (2) an end-mounted deployable array which could be folded 
up and packaged in the almost empty volume of the shroud nosecone, for use 
with an end-oriented spacecraft configuration. The aerodynamic drag and 
thermal aspects of each configuration will have to be assessed, and the 
temperatures and degree of orbital lifetime degradation determined. The 
large deployable arrays wil l  exhibit some mechanical flexing and wil l  tend to 
store and release mechanical energy as tkjey flex, thus causing some effect on 
the spacecraft motion, Since the large dimensions of the deployable arrays lie 
in  the plane perpendicular to the spin axis. their moment of inertia will  
increase the moment about the spin axis; this feature of the arrays will  tend 
to add stability to the spacecraft motion. 
N o  detailed assessment was made of the alternate configurations; 
however, a rough assessment is provided herein for the purpose of comparison. 
The calculations used for power estimates a re  based on utilization of an 
89-percent packing factor of the cells on the spacecraft with no allowance made 
for a packing factor associated with fitting modules on the available surface 
area of each configuration. The power estimates wil l  be slightly optimistic 
from this standpoint. Al l  power calculations on alternate configurations are 
based on cell temperatures of 30" C. The power values are probably some- 
what optimistic, since the average temperature on most arrays are expected 
to be hotter than 30" C. Power values a t  the end of 1 year are based on a 
5-percent yearly degradation of the array. Power values a t  off-sun tilt angles 
of the spin axis are based on a simple cosine function. 
1. Configuration Class I 
This class includes the baseline which was discussed in the main 
volume. One variation of this has been developed and is illustrated in 
Figure D-1. It is characterized by the fixed solar arrays mounted on one side 
which is entirely flat. The three largest experiments are located in 
the center of the spacecraft, and the X-ray detectors extend from there to 
each end. The experiments a re  mounted to a box-beam-type main structure 
which provides a stable support for the experiments. The experiment layout 
is the same as the baseline configuration, although the systems layout would be 
different. The main structure is connected to the beams that attach to the 
D- 2 
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Figure D-I. Class I configuration with flat side, 
payload truss. The skin is a non-load-carrying structure that is supported by 
the main structure and provides micrometeoroid and thermal protection for 
the experiments and instruments. The subsystems and experiments are located 
inside the main structure and between the main structure and the skin. 
This configuration was included for consideration primarily for its 
different array shape and different packaging arrangement, rather than for its 
available solar power which is less than the baseline spacecraft (compare with 
the data on cross-sectional shapes given in Appendix H) . The advantages of 
this configuration include a rigid experiment mounting structure, good experi- 
ment access, and sufficient enclosed volume for subsystems. Also, the maxi- 
ilium projected available solar panel area (207 square feet) ,  with the spin axis 
pointed at  the sun, is the same as the actual available area for mounting solar 
panels. On the baseline, the maximum projected available area (240 square 
feet) is less than the surface area of the three sides (300 square feet) because 
of the 45-degree side surfaces. Hence, a more effective utilization of the 
spacecraft area is achieved for mounting solar cells, and fewer solar cells 
a r e  reqlired. Solar array power output can be roughly estimated by multi- 
plying the available solar panel area (207 square feet) by the same cell per 
module packing density factor (89 percent) used for baseline panels and the 
same watts per square foOt factor (13 watts per square foot) used for the 
baseline center panel at 30" C. This figure turns out to be 935 watts a t the  
load, including a 2.57 performance factor, as in the baseline, but not solar 
panel degradation; the inclusion of a 5-percent degradation factor yields 890 
watts at the load at  the end of 1 year. 
For the case where the spacecraft spin axis is tilted 45 degrees off-sun, 
the initial power at the load is 660 watts, and the power at the end of 1 year is 
625 watts. Problems arise in trying to fit existing solar array modules -(such 
as A T M  modules) on this surface efficiently, since the surface area was not 
sized for any particular module dimensions. Other potential problems are that 
the internal temperatures may be too high$ec@$se the sol@ array,@ c l i s e  
to the experiments and equipment and the haterha1 volume is somewhat rkduced 
from that of the baseline configuration. The main disadvantage of thie cron- 
figuration appears to be b e  limited power gro@th oapabilitjr. 
3 
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2. Configuration Class I I 
Three variations of this class were studied and are shown in Figures 
D-2, D-3, and D-4. Al l  variations have deployable arrays. The variations 
shown in Figures D-2 and D-3 have the same cross-sectional shape as the 
baseline and are  sized for effective utilization of ATM solar panel modules. 
The solar panel deployment scheme for Concepts D-2 and D-3 is very simple and 
reliable; the mechanism could be a system which requires no power (spring- 
damper-latch devices) except for the initiation mechanism. The configura- 
tions in Figures D-3 and D-4 have experiment layouts which are the same, 
although the systems layouts would be different. 
- 
I 
4 The approach shown in Figure D-2 is 5 fed  shorter than the baseline. 
This w a s  accomplished by relocating the X-ray detector experiments along 
each side, pointing in opposite directions. The cosmic-ray calorimeter 
(6000 pounds) w a s  relocated to shift the center of gravity toward the launch 
vehicle interface. This experiment relocation along with the compact arrange- 
ment provides a configuration with minimum deflection during ’launch. A rough 
estimate of the spacecraft structural weight savings possible in this concept 
can be obtained by subtracting the weight of a 5-foot section of the baseline 
spacecraft (400 pounds). Also, a complete 5-foot (standard length) section of 
the payload shroud can be eliminated. A non-load-carrying skin of octagonal 
or circular cross  section can be used. There is some questipn as to whether 
this approach provides the volume required for the subsysteds. Further 
investigation must be made in this area. There are potendalkhesmal problems 
associated with this configuration, because of the packaging density, and the 
proximity of some of the X-ray detectors to the solar array @d to the back 
surface. Electromagnetic interference (EMI) problems may! be inbnsified by 
the dense packaging arrangement. 
“ 3  . 
The field of view of the X-ray detector is I by 4 degrees, and on the 
baseline HEAQ, them experiments a re  located so that a 4-degree wide band 
is scanned as the spacecraft rotates. On the approach shown in Figure D-2, 
the X-ray detectors are rotated 90 degrees with respect to their orieutation 
on the baseline configuration, and hence, only a $-degree w i d e k n d  would be 
scanned. An apparent solution to this problem is to rearrange the collimators 
inside each X-ray detector experiment box so that the I- by h-degree field of 
view is rotated 90 degrees, and the full 4-degree wide band can be scanned as 
the spacecraft rotates. There appear to be adequate field-of-view clearances 
for all experiments in this compact configuration. However, one-half of the 
X-ray detectors’ fields of view would be blocked if the solar array panels 
failed to deploy properly in  the approach shown in Figure D-2. 
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Figure D-2. Class  II configuration with fold-out arrays and bottom-mounted experiments, 
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Figure D-3. Class  XI configuration with fold-out solar array and center-mounted experiments. 
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Figure D-4. Class II configuration with fold-out arrays and center-mounted experiments. 
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N o  orbital lifetime calculations were performed for this configuration 
(Fig. D-2). The maximum projected solar panel a rea  available in this con- 
figuration is approximately five-sixths of the surface area of the baseline 
configuration (300 square feet), o r  250 square feet. A rough estimate of the 
initial power available in this configuration at O-degree tilt angle off-sun 
can be obtained by multiplying the 250 square feet by the 89-percent cell- 
packing factor, and by the 13 watts per square foot and dividing by the 2.57 
performance factor used for Concept D-I. This gives 1120 watts at the load for  
initial operation, and 1064 wat t s  at the end of !i year. 
For the case where the spin axis is tilted 45 degrees off-sun, the initial 
6 power available a t  the load is 792 watts, and the power a t  the end of 1 year is 
752 watts. Further study wi l l  be required to verify tho adequacy of this con- 
figuration. The advantages of this configuration include a lower structural 
weight and less deflection during launch. 
The configuration .shown in Figure D-3 has greater power capability 
than that in  Figure D-2 o r  the baseline. In effect, the D-3 configuration is the 
baseline configuration with the two 45-degree solar panels designed to deploy. 
The maximum projected solar array area available is 300 square feet. 
maximum initjal power is approximately 1350 watts, and the powcr a t  the end 
of I year is approximately 1280 watts. For the case where the spin axis is 
tilted 45 degrees off-sun, the initial power available at  the load is 955 watts, 
and the power at  the end of 1 year is 900 watts. Because of increased aero- 
dynamic drag associated with the pop-out panels, the nominal orbital lifetime 
would be shortened to 681 days at the +2a solar activity point. 
advantage of this configuration is the easy power-growth capability over the 
baseline a t  very low risk; the experiment fields of view a re  not affected by the 
solar array in either the deployed or undeployed mode, and if  the panels 
should fail to deploy, the configuration reverts back to that of the baseline. 
The solar-array-to-CBR connection could be designed for the situation where 
the array fails to deploy, to have maximum efficiency in the event that the 
nonplanar array must be utilized. 
The 
The main 
‘The configuration shown in Figure D-4 is essentially the same as the * 
Class I configuration shown in Figure D-I, except for the addition of 
deployable panels on each side of tho body-fixed panel. The width of these 
deploynble p:uiels can vary, with the primary limitation being determined by 
the point at which they intersect with the fields of view of the experiments. If 
two 31-foot-long rectangular side panels are used, the niaximum panel width 
which can be used is 18 inches, since beyond that point they intersect with the 
field of view of the Cosinic Ray Calorimeter. 
projected area increase of 93 square feet over the concept shown in Figure D-1, 
This would give 8 maximum 
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for LL total of 300 square feet. A rough estimate of the power increase over 
that from the configuration shown in Figure D-I can be obtained by taking 
t13/207 of the power given in this configuration. This gives 1350 watts at the 
load initially and 1280 watts  at  the end of I year. For the case where the spin 
axis is tilted off-sun 45 degrees, the initial power is 955 watts, and the power 
a t  the end of 1 y e a r i s  900.watts. 
Rather than restricting the deployable panels to a rectangular configura- 
flat side of the spacecraft, with a cutout of approximately 77 square feet in each, 
i n  the shape of a trapezoid, for the experiment fields of view. (The Cosmic 
Ray Electrons experiment field of view intersects the side panel at 28 inchee 
away from the center panel and the Gamma Ray Telescope at.42 inches away 
from the center panel. ) This would yield a maximum effective available 
projected solar array area of 130 square feet for each side panel and a 
m:ucimum initial load power of 2100 watts. 
tion, they could be designed for the full size (80 inches by 31 feet each) of the Y 
D 
Still another approach would be to deploy each side panel through some 
angle less than 180 degrees so that it does not intersect with the experiment 
field of view. 
Orbital lifetime would be decreased somewhat because of the deployed 
arrays, but no values for this were calculated. 
3. Configuration Class I I I 
One concept of this class is  illustrated in Figure D-5. This class is a 
radical departure from the baseline; however, it allows greater than 100 per- 
cent solar a r ry  area growth over the baseline. Although the configuration in 
this class is dynamically stable, Configuration Classes I and I1 provide better 
stability since the scan axis for each of those configurations rotates about the 
axis of maximum moment of inertia. There is also some question about the 
thermal control problem associated with the end located away from the sun, 
and heaters would probably be required for the equipment located there. Since 
should be cooler than that experienced with the baseline configuration, and the 
power available per unit area is therefore greater. The power growth 
potential is manifested in the optional length of the panels. Theoretically, 
they can lm lengthened to 31. feet. The spacecraft end toward the sun is 
covered with a~ aluminum skin panel to prevent direot impingement of sunlight 
oil tlw internal equipment. N o  solar aells are mounted on the end panel, since 
the back side of the solar panels face cold space, their surface temperature = 
I?--10 
U 
1 
CL 
CL 
I 
Figure D-5. Class IJI configuration with end oriented large fold-out solar array. 
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cell efficiency would be reduced because of high temperatures, and the 
equivalent power is available from the cooler, more efficient foldout panels 
with very little increase in weight and aerodynamic drag area for this addition. 
However, the spacecraft end provides an additional growth potential for this 
configuration. 
the maximum projected available solar panel area is 240 square feet, and a 
rough estimate of the maximum initial power available at  the load is 1080 watts 
(using the 89-percent cell density factor, the 13 watts per square foot and 
2.57 performance factor used in the calculations for Configuration D-1. 
(It should be noted that although the baseline configuration is also 240 square 
feet, this power figure is higher than that shown for the baseline in Figure D-6, 
because of the omission of the module-to-surface area packing factor consid- 
eration. 
maximum solar panel dimensions of 31 by 7.15 feet, the maximum projected 
available solar panel area is 444 square feet. The power available at the load 
is  2000 watts initially and 1900 watts at  the end of 1 year. This configuration 
presents a large surface area which increases aerodynamic drag above that of 
the baseline. The estimated lifetime of this Configuration with 240 square feet 
ol' solar panel area is 558 days for the +2a solar activity case. The structural 
weight increase for the deployable panels is estimated to be 120 pounds for the 
7.15-foot-long panels. If cells are mounted to the end (60 square feet), the 
addition21 power available would be approximately 270 watts. Thus, the 
maximum total power available from this configuration i s  estimated to be 
2270 watts . 
For the solar panel dimensions shown (16.7 by 7.15 feet), 
The power available at the end of I year is 1030 watts. For the 
It should be noted that in  the thermal and aerodynamic drag considera- 
tions (Appendix F and Section IV) , the configurations of the solar arrays 
differ somewhat from the configuration shown in Figure D-5. However, for 
the purposes of this report, these differences are  not expected to be significant. 
Figure D-6 is a tabulated comparison of the three configuration classes, 
and it summarizes the major characteristics of each class. 
differences between the configuration classes is the potential power available 
or  power growth potential. The sensitivity of weight-to-power growth was 
investigated using the baseline as a point of reference. 
One of the major 
The growth capability of each configuration class is illustrated in Figure 
D-7. For Class I, growth con be accomplished by lengthening the spacecraft. 
A s  the spacecraft length is increased, additional Titan III-C shroud segments 
must be added in &foot sections. A s  a rough estimate of the additional 
spacecraft structural weight is required for small increases in spacecraft 
lengi.?,; thc  weight por linear foot of the baseline can be used. The estimated 
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1350 ( D 3 )  
1350 (D-4. 300 ft')
2100 (D-4, 467 R') 
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116 Percent (D-4, 467 ft*) 
3670 
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1 
I 
1 
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2000 (444 ft', D 3 )  
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133 Percent (504 fe, D-5) 
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Configuration Class 
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All Configurations are  Stable 
comparimn Items 
1 I I11 t 
Control Factors I 
1 
i 
4 5 D e g t o S u n  
0 Deg to Sun 
Power Growth Potential 
Wit Lifetime (Days) 
(at +2a  solar Activity) 
688 (Baseline) 
660 (D-1) 
974 (Baseline) 
935 ( D-1) 
0 Percent (Baseline) 
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3670 
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a. EC = Experiments Center-Mmnted 
b. EB = Experiments Bottom-Mounted 
c 
w Figure D-6. Performance comparison. 
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Figure D-7. Growth capability of each configuration class. 
I 
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weight increase caused by the addition of a 5-foot length would be about 400 
pounds using this approach, in  addition to the weight of a 5-foot shroud section. 
The power increase would be approximately 10 percent. Power growth through 
additional spacecraft length thus can be seen to have large weight penalties. 
Of course, even if an additional payload shroud section must be added, the 
spacecraft length needanot necessarily be increased by the same amount. For 
structural reasons, i t  is believed that 'the weight penalties associated with 
spacecraft lengths greater than 35 feet probably cannot be tolerated. - 
I 
Class I1 configurations provide a rather easy method to increase the 
pow r capability without a major structural weight' increase. Each aide panel 
folds out 45 degree6 in the case of Figures D-2 and D-3. As shown in Figure 
D-4, each panel folds out 180 degrees. Power growth is meaeured from the 
level provided by the baseline, 0 degree off the sunline. The initial weight 
penalty associated with foldout side-oriented arrays is 40 pounds. The limit 
of the delta power is about 200 watts at  a cost of 250 pounds. 
* 
The weight penalty associated with the end-oriented approach (Class 111) 
is 120 pounds; however, a much greater capability exists to increase the power 
level. This approach would be valuable if the experiment package o r  systems 
were radically changed such that the power requirements increased greatly. 
A summary of the mass characteristics of the three configuration 
classes studied is given in Figure D-8. The associated center of gravity 
locations are  given in Figure D-9. For a given experiment package arrange- 
ment, i t  was found that the inertias varied very little between configuration 
Classes I and 11. For this reason, the inertias were not computed for con- 
figuration I1 with the experiments mounted near the bottom. 
4. Conclusions 
The alternate configurations presented herein indicate several different 
approaches to resolving potential problems associated with the baseline. 
However, each of the alternates contributes its own disadvantages in the 
process of providing solutions to the baseline problems. The alternates w e r e  
not examined to the depth of detail to which the baseline was examined, and 
- consequently, the assessments and comparisons of the alternates cannot be 
expected to be as accurate as the assessment of the baseline. It can be readily 
seen that the experiments are very strong configuration drivers in all 
* 
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Figure D-8. Summary of mass characteristics. 
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Figure D-9. Center of gravity locations. 
configurations studied. When the actual flight experiment package is defined, 
i t  may very well  be that one of the configurations shown (o r  a completely 
different concept) may stand out as obviously superior  in every respect. 
Certainly, no f i r m  selection of a configuration can be made until the experiment 
package is defined, and even after then, it should be delayed sufficiently long 
to a l low study of particular problem areas and different configurations to an 
adequate depth before making the decisions. 
The major advantages and disadvantages of each configuration class 
have been discussed herein. Class  I configurations have some advantages in 
solar a r r ay  simplicity (no deployable solar a r r ays )  and in orbital lifetime. 
However, it appears that the power growth limitations of this class may 
ultimately result  in an unacceptable approach. Class  I11 configurations have 
t h e  greatest  power growth potential, although so la r  a r r a y  complexity is 
increased somewhat, lifetime is decreased considerably, and thermal control 
probleins are aggravated. This class might be the choice i f  power require- 
ments become excessive enough to outweigh the associated disadvantages of 
the configuration. Considering the baseline experiment package and the growth 
in power requirements normally expected in s imi la r  programs,  it would seem 
that the Class  I1 configurations offer the best power growth potential for the 
least  penalty. The simple types of deployable solar  panels used are fairly 
common on space flight hardware, and deployment mechanisms requiring 
no power except for the initiating mechanisms can be achieved. For example, 
a spring-damper-latch deployment scheme with an explosive-nut release 
niechanisin could be designed using flight-proven hardware. Probably the 
greatest  selling point for this approach is that the failure of the panels to 
deploy properly would still allow the spacecraft  to operate at a reduced power 
level. In fact, failure to deploy would merely z a n s f o r m  this configuration to 
the baseline a r r a y  configuration in the case of the configuration shown in 
Figure D-3. The array-to-CBR connection could be designed for worst-case, 
nonplanar a r r ay  operation, for maximum efficiency in the event the a r r a y s  
failed to deploy, Thus, there  appears to be much to gain and little to lose by 
such an approaeh. Orbital lifetime would decrease slightly, but would still be 
within the design l imits and could be increased, if  desired,  by going to a higher 
orbital altitude. 
On all configurations, packaging of the systems and thermal and attitude 
cont:,ol considerations may become stronger dr ivers  as more details of these 
considerations become available. 
D-18 
APPENDIX E. ALTERNATE STRUCTURAL 
CONFIGURATION 
PRECEDING PAGE BLANK NOT FILMED. 
TABLE OF CONTENTS 
Page 
~ - i  Introduction and Design Approach. ....................... 
Structural Design Requirements ........................ E-3 
Struc tusal System Description .......................... 
Weight Analysis. . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  E-3 
E -3 
” 
L I S T  OF ILLUSTRATIONS 
Figure Title .Page 
E- I Alternate spacecraft structural concept. . . . . . . . . . . . .  E-2 
E-2 Alternate structural design. .................... E-5 
L I S T  OF TABLES 
Table Title Page 
E- I Comparative Weight and Deflection . . . . . . . . . . . . . . .  E-7 
iii 
APPENDIX E " I O - 2 2 9 1 8  
ALTERNATE STRUCTURAL CONF I GURAT I ON 
Introduction and Design Approach 
The baseline structural  design was developed to minimize the disturbing 
gr:ivity gradient torque by locating the spacecraft  center of gravity near the 
geometric center. To accomplish this, the heavy experiments were located 
near  the geometric center  of the spacecraft. This constraint caused the 
primary load paths to become long, thereby decreasing the structural efficiency 
of the spacecraft. 
f i  
An alternate structural  design which places the heavier experiments in 
the aft portion of the s t ruc ture  was developed to minimize this penalty and is 
shown in Figure E-I. 
The shortened load paths and reduced bending moments acting on the 
s t ructure  wi l l  resul t  in smal le r  member s izes ,  thereby lower weight, and in 
smal le r  deflections. 
The design approach taken for the alternate structural  system of the 
spacecraft is an open t rus s  assembly s imi la r  to the baseline. The primary 
structural  load paths are through two opposing box truss sections which are 
parallel to the spacecraft  longitudinal axis. Secondary and equipment support 
members  are attached to the box t rus s  to complete the structure.  
The c ross  section of the box t russ  is changed where necessary to 
uxommodate  the various experiments and particularly at the aft attnch plane 
where the Spacecraft s t ruc ture  will be attached to the adapter nt the eight 
attach points. 
c d The same  advantages of flexibility and accessibility that the baseline 
configuration has are also present in the alternate design. 
Flight 
Direction 
Figure E- 1. Alternate spacecraft structural concept. 
S t r u ct u ra I Design Requirements 
Thc alternate structural  configuration will have to meet the same 
structural  design requirements as the baseline structure,  which are discussed 
in Section VI, Paragraph B of Volume I. 
Structural System Description 
The alternate s t ructural  design developed for  the spacecraft is shown 
in Figure E-2. il 
The major load paths are through eight longerons which se rve  as chord 
members  for  the two parallel longitudinal box t russ  sections. Two angles 
a r e  used to form T-sections,for these longerons. Struts and diagonals are 
angle sections, and cross beams used between the two truss assemblies at 
various levels are 1-sections. Specific s izes  for these members are shown 
in Figure E-2; al l  members  are aluminum. 
The other s t ructural  character is t ics  are s imilar  to those of the base- 
line configuration, as discussed in Section VI ,  Paragraph C of Volume I. 
Weight Ana lysis 
The weight breakdown and deflection of the s t ructure  designed for  
loads only, and for  loads and deflections, ark shown in Table E-1. 
Assumptions made for  the purpose of conducting the weight analysis 
are the same as For the baseline which were  discussed in Section VI, Paragraph 
D of Volume I. However, because of the analytical complexity presented by 
the structural  arrangement,  only one iteration of member sizing for  deflection 
was made within the scope of this study, and, consequently, the structural  
weight given is for a s t ruc ture  which had considerably less  than the allowable 
deflection. 
7 
A s  can be s e e n  From Tables E-1 and from VI-8 in Section VI, Paragraph 
D of Volume I, the alternate design for loads and deflections is 375 pounds 
1c:ss lhiln the baseline and has approximately one half as much deflection. 
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TABLE E- I. COMPARATIVE WEIGHT AND DEFLECTION 
Component 
Basic structure (trusses,  
bulkheads), lb. 
Skin (0.025-inch aluminum), lb. 
Internal equipment mounting 
panel (estimated), lb. 
Total weight, lb. 
I Maximum deflection, in. 
Designed for 
Loads and Deflections 
2395 
3 00 
6 00 
3295 
0.44 
- _ _  
. .  - . .  
Designed for 
Loads Only 
14 07 
300 
600 
2307 
With an optimization study of the alternate structure, the deflection 
can be made closer to the limiting I .  0 inch and a larger weight savings than 
the 375 pounds should be realized. 
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A chronological sequence of studies was made on various configurations, 
using a very cursory thermal analysis. These studies allowed some of the 
configurations to be eliminated because they were not considered feasible 
from a thermal viewpoint. 
After some of the configurations were selected as candidates a pre- 
liminary thermal analysis was made using a more  sophisticated thermal model 
and t h e  latest  information available at that time. Thesc data and information 
are presented here. 
Six different cases  were  analyzed using the  vehicle s t ructure  and 
layouts shown in Figures F-I and F-2. These were a combination of vehicle 
orientation with respect  to the sun and vehicle configuration. 
1. Guidelines and Assumptions 
Guidelines and assumptions followed in performing this analysis are: 
0 Alternate s t ructure ,  panels, and experiment layout as shown in 
Figures F-1, F-2, and Table F-I are used in the analysis. 
0 A l l  external, internal, and backing panels for solar  cells are 
1- inch aluminum honeycomb. 
0 Solar absorptivity and emissivity values used are: 
E - a! -
X-ray detectors 0.34 0. 04 
Solar panels 0.7 0. 8 
All other surfaces 0.3 0. 8 
0 The spacecraft  is in a 200-n. mi. c i rcular  orbit  which is a t  an 
inclination angle of 28.5 degrees  with respect to the equatorial plane. 
I l l  I1 Ill Ill IIIIIIII I IIIII 
0 Heat dissipated by each component is presented in Table F-2. 
e A l l  subsystem components have good metal-to-metal contact with 
the mounting panels. 
e Heat source constants used are: 
Solar constant - 447 Btu/hr-ft? 
Earth albedo - 43 percent 
Earth IR - 68.2 Btu/hr-ft2 
Figure F-3 is a sketch of each case ccndition as viewed from the 
earth's north ecliptic pole. Cases A and B represent the spacecraft with the 
scan axis pointed to the sun. The difference is that Case E represents a 
vehicle orientation rotated 90 degrees on the scan axis from the position 
shown in Case A. Cases C and D represent the vehicle rotated on its longi- 
tudinal axis so that the scan axis is off the ounline 35 and 45 degrees, 
respectively. Case E represents the vehicle oriented the same as in Case A 
with the side solar panels swung out so that they are perpendicular to the 
s unl ine. 
In Case F the spacecraft has the same sun orientation as in Case A. 
However, in Case F additional heat paths were included in the thermal model 
to simulate atnetwork of conductors to transfer heat from the solar panels to 
the three panels on the opposite side of the vehicle. The heat transfer 
capability of the conductors chosen for this case analysis totaled 12,00 Btu/hr-" F. 
Theoretically this amount of heat could be transported by heat pipes. 
Heat pipe investigation has pointed out the fact that, although heat 
pipes a re  excellent devices to use in thermal control problems, they are quite 
difficult to manufacture in the size range that would be required for this 
application. Use of an active type thermal control system where a fluid must 
be transported to move heat from one side of the spacecraft to the other would 
decrease the: overall spacecraft reliability and require considerable power 
to perform the pumping operation. 
2. Results 
a. Component Temperatures. Table F-3 presents the resulting- 
<:omponent temperature ranges throughout the orbit for each case. It is noted 
that there  is very little difference in any temperatures between Cases  A and B. 
These two cases ,  which represent  the vehicle with the scan axis parallel to the 
sunline, show that the thermal effect of vehicle scan in this orientation is 
negligible. 
There  are two columns under each of the two cases labeled Case  C 
spin axis 35 degrees off sunline and Case  D spin axis 45 degrees off sunline, 
The f i r s t  column presents the resulting temperature ranges as if the spacecraft 
w e r e  pointing in these orientations. The second column presents the average 
temperature ranges resulting from the scan motion of the spacecraft. 
The opposing experiment face panels, which are facing 90 degrees 
to the scan axis, exchange position with respect  to the sun every 5 minutes 
(due to the scan rate of 0 .1  rpm). All of the experiments are massive and 
hnvc considerable heat capacity. This condition produces a thermal lag that 
res i s t s  rapid temperature changes. Therefor t  with the 0.1-rpm scan rate, 
the varying heat flux will resul t  in temperatures averaging between the 
exlremes for experiments located on the opposing face panels. F o r  example, 
in the 45-degree-off-sunline cases the cosmic ray calorimeter I and 2 covers 
show temperatures of 35" to48" F and 3' to 13" F, respectively. Because of the change 
in position with respect  to the sun, every 5 minutes the temperature will average 
halfway between these extremes o r  from 19 to 30°F. 
The s a m e  situation occurs for  the subsystem components on the 
inside. Most of the components s tay essentially at the same temperature as 
the panels on which they are mounted. So the average temperatures for  the 
components are based on, the average temperatures of the panel pairs (I and 3), 
( 2  nnd 4 ) ,  (6  and 8), and (7 and 9 ) .  
b. Solar - Panel TemperatureB. Figures F-4 through F-9 present 
curves representing-the solar  panel temperaturea for  the six casea. 
21, 22, and 23 mean that t h e  associated curve is a plot of the temperature in 
thc center of panels 21, 22, and 23 as shown in Figure F-I. Time zero is 
the instant that the spacecraft  goes into the earth 's  shadow. A t  0 . 5  hour from 
this lime it comes out of the shadow and is again exposed to the sun. A t  
1. 53 hours the cycle begins to repeat. 
Numbers 
Cases  A and B (Figs. F-4 and F-5) ,  which are the same  except for  
spacecraft orientation, show no significant difference in the solar panel 
tempera tures. 
The vast  temperature differences that occur in Panels 21  and 23 in 
C:tscs C and D (Figs. F-6 and F-7 ) are due to the fact that no scanning action 
F- 3 
of the spacecraft was considered. Thus, in the analysis, Panel 23 receives 
very little (Case C )  or no ( C a s e  D )  solar radiation while Panel 21 is, 
constantly exposed during the daylight portion of the orbit. The panel. 
temperatures shown in Figures F-6 and F-7 apply to a pointing (nonscanning) 
mode of spacecraft opceration with the spacecraft oriented to the earth and sun 
previously explained. In’fact, the spacecraft.is spinning at 0.1 rpm aboutiits 
scan axis and Panels 21 and 23 pass from total illumination to very little 
(Case C) or no (Case D) illumination every 5 minutes, while the sp,acecraft 
is in daylight. For this reason tbe average temperatures of Panels 21 and 23 
are considered to be an’accurats estimate of the side panel temperatures for 
Cases C and D. This averagecurva is plotted for these two cases. 
Figure F-8 presents the solar panel temperature curves repre, 
senting Case E in which the two side solar panels are folded out 45 degree@ so 
that they are perpendicular to the sunline as is the center panel. It is noted 
that the center panel temperature is a few degrees cooler than in Case A. This 
is caused by a larger temperature difference between the center panel and: 
the associated spacecraft hardware to which it conducts and radiates. This 
hardware is cpoler because the side panels are no longer in direct contact with 
it. The side panel temperature curves show very little difference from Case A 
while exposed:to the sun. This can be explained by the fact that although the 
panels can radiate approximately 49 percent more heat to space because of 
panel backside exposure, they are picking up 40 percent more heat from 
solar radiation and have lost some of their conduction paths to the sp-acecraft. 
These paths cmducted away approximately 9 percent of the panel heat in 
Case A. A l l  panels in Case E are somewhat cooler than C a s e  A while the: 
spacecraft is in the earth’s shadow caused by the added surface exposure to 
space. 
Wdth conductors incorporated into the thermal model as in Caee F, 
additional h e 3  is conducted away from the solar panels to the panels on t.b 
opposite side of the spacecraft. The result, of course, is a decrease in mlar 
panel temperatures as shown in Figure F-9. Table VU-3 indicates that t b  
temperature distribution is more nearly even throughout the spacecraft in1 
Case F than ih Case A. 
Another thermal analysis was done to determine the most favqrable 
vehicle confiwation. Figure F- 10 shows the orientation for these calculations. 
Figure F-I1 indicates the tyvo other configurations considered. Configura;tion 1 
was the baseline. Configuration 2 had fold-out panels all arranged normal to 
the sunline, and Configuration 3 had end-mounted fold-out panels. In this! 
F-4 
analysis the worst case was assumed using ci = 0.7, E = 0.8 for the solar 
panels and a, = 0.8, e = 0. 9 for the nonsolar panels. 
Figures F-12 through F-17 show the surface temperature for one 
orbit after equilibrium conditions have been obtained. 
From this very cursory analysis, the large AT from the front of 
the vehicle to the rear was excessive in Configuration 3 and it would create 
a thermal s t ress  problem as well as a thermal distribution problem. The 
solar panels operate cooler, but because of the other problem created it was  
dropped. Configurations I and 2 were the two picked for further study as 
discussed earlier. 
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TABLE F-1. ASSUMED COMPONENT LOCATIONS FOR 
THERMAL ANALIYSIS I 
Panel Number 
- 
I 
2 
3 
5 
11 
14 
Component 
. ._ 
Power supply 
Transmitters 
Recorders 
Beacon transmitter 
Diplexer 
Command receiver 
PCM multiplexers 
Switch selector 
Power distributor 
Measuring distributor 
Control distributor 
Master measuring voltage supply 
Signal processor 
Magnetic coils 
Magnetometer 
Attitude control electronics 
Rate gyros 
Flywheel 
Propellant valves and plumbing No. I 
Propellant and tank No. i 
Charger- battery regulators 
Propellant Valves and plumbing No. 2 
Propellant and tank No. 2 
F-6 
r 
f 
4 
I 
I 
2 
I 
1 
I 
I 
2 
I 
1 
I 
4 
4 
1 
I 
I 
I 
3 
1 
~3 
I i  
1 -  
~1 
'I'AI31,K F-2. ASSUMED HEAT DISSIPATED BY EACH EXPERIMENT AND 
COMPONENT - THERMAL ANALYSIS I 
-~ 
Component 
Large area X-ray detector 
Primary cosmic- ray electron experimen 
Cosmic- ray calorimeter experiment 
Gamma-ray telescope 
Medium energy gamma-ray detector 
Low energy gama-ray detector 
136 MHz Beacon transmitter 
Diplexer 
S-band transmitter 
Command receiver 
Power supply 
PCM multiplexer 
Magnetic tape recorders 
Charger-battery regulators 
Power distributor 
Switch selector 
Measuring distributor 
Control distributor 
Magnetic coils 
R a t e  gyrus 
Flywheel 
M agn e tom e ter s 
Attitude control electronics 
Signal processor computer 
~~ ~ 
Number of 
Components 
leat Dissipated by 
Each Unit (w) 
16.2 
20 
54 
13 
20 
3 
3 
2 
15 
2 
10 
5 
9 
250 
i o  
20 
10 
10 
3 
3.5 
55 
2 
10 
10 
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TABLE F-3. COMPONENT TEMPERATURE VARIATIONS DURING ORBIT 
m - r  a m m  
m m r  n o r  
10.4 
nlr- 
s o u  
s u a  
I ) u Y  
O U U  
-In u -1* 
-47 to -15 
-si 0 -20 
4 u -11 
48 t. 1s 
U t. 174 
Y u 1Y 
41 U 1W 
51 -774 
4 U IU 
51 u 161 
(D u 166 
%UlU 
g u m  
Y m I o  
z l o m  
m u u  
s u a  
Yt.51 
sua 
Note: A l l  of the above temperatures are degrees Fahrenheit. 
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Figure F-1. Vehicle structure, equipment panel, and solar panel 
layout used in thermal analysis 1. 
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Figure F-2. Experiment layout used in thermal analysis I .  
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Figure F-4. Solar panel temperature variations during one orbit 
for Case A thermal analysis 1. 
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Fi,o;ure F-5. Solar panel temperature variations during one orbit for 
Case B thermal analysis 1. 
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Figure F-6. Solar panel temperature variations during one orbit for 
Case C thermal analysis 1. 
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Figure F-7. Solar panel temperature variations during one orbit for 
Case D thermal analysis I. 
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Figure F-8. Solar panel temperature variations during one orbit for 
Case  E thermal analysis I. 
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Figure F-9. Solar panel temperature variations during one orbit  for  
Case F thermal analysis 1. 
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Figure F-10. Vehicle orientation (Configuration I ) .  
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Figure F-11. Alternate configurations. 
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Figure F-12. Front face High Energy Astronomy Observatory 
(Configuration 1 ) . 
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Figure F-13. Back face High Energy Astronomy Observatory 
(Configuration 1 ). 
7 
N 
N 
W 
w 
3 c 
W 
d 
3160 
a 
c 
ORBIT TIME (MINI 
Figure F-14. High Energy Astronomy Observatory (Configuration 2 ) .  
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Figure F- 15. High Energy Astronomy Observatory (Configuration 2).  
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Figure F- 16. High Energy Astronomy Observatory (Configuration 3 ) .  
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APPENDIX G. REACTION CONTROL SYSTEMS 
AND KICK STAGEANALYSES N 7 0  n 2 2 920 
This appendix presents a discussion and a comparison of two alternate 
attitude control systems considered for  the baseline HEAO. A summary and 
comparison of all  alternate RCS concepts considered for the baseline HEAO 
are also included. 
A detailed analysis of an Apogee Kick Stage for  use on the HEAO 
to increase the Titan IIID launch vehicle payload is also presented in this 
appendix. 
Alternate Concepts 
1. Alternate Attitude Control Systems. The following alternative 
_c_--- - 
methods of attitude control were  considered for  the HEAO: RCS used in 
conjunction with a flywheel - no magnetic torquers, and RCS only. 
0 
stability, has the ability to resist disturbing torques for some time without 
active control. 
RCS/Flywheel - The RCS flywheel system, with gyroscopic 
With the absence of magnetic torquers,  the total impulse required 
of the RCS was calculated to be about 75 000 lbf-sec.  This value is based on 
nn estimated average propellant consumption of 0 . 5  pound per  day over a 
2-year period. The average specific impulse was assumed to be 200 seconds 
because of thruster pulsing. An N,H, monopropellant system was chosen for 
the RCS, and the RCS total system weight is approximately 400 pounds 
(Fig. G-1) . The flywheel weighs approximately 240 pounds; thus the total 
system would weigh 640 pounds. Even though a bipropellant system would 
weigh approximately 100 pounds less ,  the simplicity and reliability of the 
monopropellant system are considered to off set the weight penalty. A 
schematic drawing of such an NaH4 monopropellant system is shown in Figure 
G - 2 .  
0 RCS only - If reaction jets are required to perform all of the 
control €unctions of the HEAO, calculations show that the required total 
E 
0 
c, 
’;d 
c, 
0 
u“ 
d 
2400 
2000 
1600 
1200 
800 
400 
impulse will be approximately 150 000 lb -sa .  This value is based on an 
estimated average propellant consumption of I pound per day over a 2-year 
period. The average specific impulse was assumed to be 260 seconds because 
of thruster pulsing. An N10&0-50 bipropellant system was choaen for the 
RCS because of its lower total system weight. The RCS total weight is 
approximately 600 pounds. An N,H4 monopropellant system would weigh 
approximately 800 pounds. 
f 
20 40 b 0  100 
Total Impulse ( lo3 lbf-sec) 
Figure G-I. RCS total system weight versus total impulse. 
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Figure G-2. System schematic of an N2H4 monopropellant RCS . 
From a weight point of view, bipropellant systems are very 
attractive for large total impulses, and the savings in weight i s  considered 
to more than off se t  the lack of simplicity and reliability characteristics. of 
a bipropellant system. Values of theoretical specific impulse above 325 
seconds are readily obtainable with bipropellant systems and are much greater 
that the 260 seconds assumed in this case; thus, the weight of the system can 
be lowered. A schematic drawing of such a bipropellant RCS is shown ip 
Figure G-3. 
2. Alternate RCS. Three alternate RCS's were considered for use 
on the baseline HEAO: a cold Nz gas system, a resistojet system, and a 
bipropellant system. A detailed discussion*and comparison of these systems 
a re  presented in the following paragraph. 
Concept Comparisons (RCS) 
Figure G-1 presents a plot of RCS total system weight versua total 
impulse for the three alternate RCS concepts considered for the HEAO, as 
well as the baseline NzHa monopropellant system. It  should be noted thgt the 
weights derived from Figure G-I do not reflect any leakage. 
The three alternate RCS concepts considered for the HEAO will pow 
be discussed in detail. 
I. Cold Nitrogen Gas. A s  shown in Figure G-I,  the weight of @e 
N, cold gas system becomes prohibitive as the total impulse increases. For 
total impulses of about 300 to 400 lbf -sec. , the cold gas and monopropqllant 
systems weigh about the same. But,. the cold gas system is used for higher 
total impulses rather than the monopropellant or  bipropellant system because 
of its simpl.iciQ,, higher reliability, shorter lead time, "ore advanced state- 
of-the-art, and lower cost. Direct expansion of compressed gas produqes 
the reactive thrust. This simple approach appeals to the designer since it 
requires the least cost for reliable hardware and no large system develppment 
costs. 
The cold gas thrust motor consists of a control valve and expan- 
sion nozzle, No combustion or  decomposition chamber, required in a 
bipropellant o r  monopropellant system, is needed between the valve anQ nozzle. 
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Figure G-3. System schematic of an N2O4/5O-50 bipropellant RCS. 
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Therefore, response time is equal to or  better than that of other systems, 
since it is primarily the time required to operate the valve. Available 
standard valves operate in 5 to 10 milliseconds. Shorter response time 
designs can be made for  low thrust. 
At first glance, the cold gas system would seem overwhelmingly 
attractive compared to alternate methods. However, consideration of 
primary parameters - total impulse, thrust level, and envelope - reveals 
serious limitations of system applications. 
The specific impulses of cold gases appear comparable to those of 
liquid monopropellants and even bipropellants. For  example, the specific 
impulse of H2 is 290 seconds; for helium, 168 seconds. These values compare 
favorably with those for other propellants. The disadvantage appears in the 
density impulse; i. e., the impulse available per unit volume of storage 
system. The density impulse for gases is low, even when they are stored 
at high pressures. N2 has a specific impulse of only 71 seoonds, low compared 
to H2 and helium. Despite this low impulse, an N, system would be the 
lightest of the three for the same total impulse because N, has a higher 
density. Weight comparison reveals that N2 competes well against any other 
gas. The vast experience with nitrogen, low cost, availability, and its 
handling ease, make i t  more attractive than other gases that may offer only 
a few percent weight saving, Thus, N, is considered the basic medium for  
stored gas control systems [G-I]. 
Since the density impulse for gases is low, stored gas systems 
are limited to low total impulse applications. But where extremely high 
reliability is essential, the increased weight of a cold gas system may be 
tolerable. Thrust levels of 0.5 to I pound a re  obtainable with available N2 
gas RCS's. The envelope of a cold N2 gas RCS is not considered a problem 
on the HEAO. Figure G-4 is a schematic of a cold N2 gas RCS for use on the 
baseline HEAO. Table G-I presents a weight summary of this system. Of 
the 115 pounds of NI gas loading, about 100 pounds are required of the RC8 to 
perform the required HEAO maneuvers. The remaining 15 pounds is the 
expected leakage over the 2-year operating period. 
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Figure G-4. System schematic of a cold Nz gas RCS. 
TABLE G-1. COLD N2 GAS RCS WEIGHT SUMMARY 
Item 
N2 storage tank (titanium) . 
N2 charging valve 
N2 relief valve 
Pressure regulator (2 )  
Squib valve (2)  
Solenoid valve ( 14) 
Nozzle (12) 
Miscellaneous (lines, etc. ) . 
Dry system weight 
N2 charged (15-lb leakage) 
Total system weight 
Component Weight, lb 
(total impulse FS 7000 lbf -sec) 
143.00 
0.12 
0.26 
0.60 
0.70 
4.20 
0.60 
3.00 
152.48 
115.00 
The RCS is not activated until the HEAO is placed into orbit. 
Activation is,achieved by opening a squib valve which leads to eaoh RCS unit. 
The N2 gas then passes through a pressure regulator to reduce the pressure 
to operating conditions. Control is maintained by opening and closing 
appropriate solenoid valves at  each thruster. Should control of the spacecraft 
become critical because of thruster failure or  valve malfunction at one elid 
of the spacecraft, a solenoid valve can be activated to close down that entire 
RCS unit. Control can then be maintained by operating the other RCS unit. 
The cold N2 gas RCS was rejected for use on the baseline HEAO 
because the weight of the system was considered excessive when compared to 
the N2H, monopropellant system. 
G-8 
2. Resistojets. A resistojet RCS that uses NH, as a propellant was' 
considered for use on the baseline HEAO. Resistojets have never been test- 
flown, but have been tested extensively on the ground. 
applications range from earth-satellite orbit changes to station-keeping and 
attitude control. The low thrust of a resistojet is ideally suited for the 
required accuracy of in-orbit astronomical and earth resources experiments. 
A recent study of the Manned Orbital Research Laboratory by McDonnell- 
Douglas [ G - 2 ,  G-31 shows the attractiveness of IO-millipound-thrust 
resistojets operating in conjwction with control moment gyros for attitude 
control and simultaneous drag mali.eup. 
Potential resistojet 
A s  shown in Figure G-I,  the weight of the resistojet RCS becomes 
more attractive as the total impulse increases. This resistojet curve reflects 
the added weight caused by power requirements, but it does not reflect the 
weight caused by leakage. 
The resistojet is an electrically heated rocket. The propellant 
is passed over a resistance-heated heat exchanger and through a nozzle to 
produce thrust. The evacuated, concentric, tubular design for the resistojet 
is shown schematically in Figure G-5.  The two primary inputs to the 
resistojet a re  the electric power and the propellant flow which a re  supplied 
simultaneously, The electrical path is through the outer pressure case, the 
case end, the nozzle, and the inner and outer heating elements. A strut  
connector joins the inner and outer heating elements electrically and permits 
a gas passage between them. The current passes along the outer heating 
element and the inner pressure case, completing the circuit at  the power 
source. The ohmic heating takes place primarily in the inner heating 
element ( M 80 percent) and, to  a lesser degree, in  the outer heating element 
( M 15 percent). A small peroentage is developed in the pressure cases. The 
gas flow is introduced into the annulus between the inner and outer pressure 
cases and flows down the passage, through the transition area, and back 
between the inner and outer heating elements, where a significant amount of 
gas heating occurs. The flow passes through the strut connector and down 
the center heating element, where it approaches the wall temperature before 
cxpulsion out the nozzle. Heat loss is minimized, and electrical efficiency 
is maximized by use of the vacuum jacket, the regenerative passage between 
the inner and outer pressure case, and the thermal insulation. The thermal 
and gas pressure loads are minimized by a bellows expansion compeneator at  
the rear  of the resistojet. 
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Figure G-5. Evacuated-concentric tubular resistojet [ G-31. 
H, has also been used a s  a propellant for the resistojet with 
better performance, but NH, is more easily stored. The expulsion of Nz and 
H2 from an NH, resistojet and the low rate of expelled propellant results in 
a clean exhaust. 
The resistojet engine has a backup %old-flowfl operating mode 
which can be used in the event spacecraft power is not available for the 
propulsive function or  if there is a control electronics failure, In the cold 
flow mode, the resistojet thrust is almost identical to the normal operating 
mode thrust (because of the constant supply pressure design feature). 
Conventional chemical engines have no backup operating mode of this type. 
High reliability has been predicted for resistojet systems and is 
based on the inherent long-life system design. The previously described 
evacuated concentric tubular resistojet is  somewhat analogous to a light 
bulb, in that its operating life is dictated by sublimation rate of the heater 
element. The resistojet has an operating life of more than 20 000 hour6 
(or a 50-percent duty cycle over a 5-year mission), This life is predicted 
for operations at  design thrust and specific impulse within allowable 
tolerances. 
The control electronics of the resistojet system have already 
been flown on the NASA ATS with an operational low-performance resistojet 
system. The control electronics consist of inverters, transformers, and 
control logic/signal conditioning assemblies of the type used by many other 
spacecraft subsystems with long operating life requirements, 
The resistojet systems reliability is enhanced by the simple 
propellant tankage and feed system design. NH, and H, propellant tanks 
require no positive expulsion system as the propellant is expelled by it6 own 
vapor pressure. An NH, propellant storage and feed system has already 
flown on ATS vehicles. 
0 
An NH, resistojet RCS will result in lower RCS total system 
weight for  high impulse requirements (500 000 to 1 000 000 lb -sec) than a 
monopropellant o r  bipropellant system. The delivered performance of an 
NH3 resistojet is about 25 peraent higher than a bipropellant engine and some 
f 
.6 
a-ii 
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40 percent higher than a monopropellant engine (pulse mode performance). 
Chemical systems also require a pressurant and pressurization system, 
which further increases their weight. 
The NH, resistojet RCS must pay a weight penalty for electricd 
power of about 500 pounds per kilowatt for a rollout solar panel rG-21. 
Table G-2 presents a performance summary for an NH3 resistojet 
thruster . 
A schematic drawing of the propbsed NHs resistojet RCS 
considered for the baseline HEAO is presented in Figure G-6. Table G-3 
presents a weight summary for this system. 
The resistojet RCS is not activated until the HEAO is placed into 
orbit. Activation is achieved by opening a squib valve which leads to each 
RCS unit. NH, is charged and stored in the liquid phase and flows to a heat 
exchanger where it is changed to a gaseous state for use in the pressure 
regulator. The heat energy for the heat exchanger is derived from the 
spacecraft's electric power source and/or by dissipation of the spacecraft's 
heat load. Once the pressure has been regulated for operating conditions, 
control of the spacecraft i s  maintained by opening and closing the thruster 
solenoid valve. Should control of the spacecraft become critical because of 
thruster failure qr valve malfunction at one end of the spacecraft, a solenoid 
valve can be activated to close down that entire RCS unit. Control can then 
be maintained by operating the other RCS unit. 
The leakage rate  for NH, was assumed to be the same as for 
N, gas, i. e. , two standard cubic centimeters per minute per valve. The 
NH, leakage over a 2-year period was calculated to be @out 10 pounds. 
Twenty-five pbunds of NH, a r e  required by the RCS for the entire mission. 
This is based on an assumed pulsing specific impulse of 280 seconds. 
The resistojet RCS was rejected for consideration on the base- 
First, the weight of tlie system is considered line HEAO fop two reasons. 
excessive over the N2H4 monopropellant system. Second, the electrical power 
requirements (159 watts) for one thruster are considerably greater than the 
baseline spacecraft can supply to the RCS. An additional 150 square feet of 
solar panels would have to be placed aboard the spacecraft if only two thrhsters 
were to fire simultaneously. 
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TABLE G-2. NH, RESISTOJET THRUSTER PERFORMANCE [G-31 
-~ -. 
Element 
- 
Chamber pressure  
Thrust  
Expansion ratio.  
Thrust  coefficient 
Chamber temperature 
I (delivered) 
Required thruster  power 
Heat efficiency 
Power efficiency 
Propellant tank pressure  
Propellant tank temperature 
Throat diameter 
M a s s  flow ra te ,  per  thruster  
Total flow ra te ,  maximum 
Total flow ra te ,  minimum 
SP 
Performance 
35 psia 
10 mlbf 
35: I 
I. 42 
4356" R 
364 sec 
159 watts 
8 1% 
8T% 
325 psia 
585" R 
0. 016 in. 
2. 75 x iom6 lb /sec 
11 x lb /sec 
5. 5 x lb  /sec 
m 
m 
m 
... . ..... .. . . . . . .. 
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Figure G-6. System schematic of an NH, resistojet RCS. 
c 
TABLE G-3. NH3 RESISTOJET RCS WEIGHT SUMMARY 
Item 
NH3 storage tank (6-Al-4V-Ti) 
NH3 charging valve 
NH, relief valve 
P res su re  regulator ( 2 )  
Squib valve ( 2 )  
Solenoid valve (14) 
Thruster  module ( 4 )  
Power control module 
Heat exchanger ( 2 )  
Weight assessment  for electrical  power 
(additional so la r  panel area required 
150 f t2)a  
I<racltets, l ines,  and miscellaneous 
Dry system weight 
NH, charged (10-pound leakage) 
Total s y s  tom weight 
~ ~ 
Component Weight, lb  
total impulse fil 7000 lbf-sec) 
5.00  
0.12 
0. 26 
7.00 
0.70 
5.00 
30.00 
36. 00 
3.00 
151. 00 
23. 00 
261. 08 
3 5 . 0 0  
296.08 
a. Based on a required 159 watts for each thruster with two fired 
s iniul tnneously . 
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3. Bipropellant. A bipropellant RCS that uses N204/50-50 as propellant 
was considered for use on the baseline HEAO. As shown in Figure (3-1, $he 
weight of the bipropellant system is the lightoet of all the other systems for 
a given high total impulse requirement. But it is also the most complex, and 
an increase in design complexity has a tendency to lower reliability and 
increase costs. 
The weight advantage of bipropellant systems for  large total impulse 
requirements results from the high specific impulse available. Values of 
theoretical specific impulse above 325 seconds are readily obtainable with 
bipropellant systems. The maximum specific impulse provided by the 
bipropellant concept considered for the HEAO is 260 seconds because of 
thruster pulsing. The thrust level per engine is 1 pound. Bipropellant . 
thrusters show good response characteristics, an important factor for puise- 
type operation. The pulse characteristic is affected by such factors as 
propellant feed pressure, equilibrium chamber pressure, combustion gas 
effective characteristic velocity, chamber characteristic length, ignition 
delay characteristics of propellants, and the injector valve opening and 
closing characteristics. One of the most important of these items is that .of 
the valve response time. Fast-acting injector valves are necessary and 
must be closely coupled to the thruster. 
The engine design of a bipropellant system must represent a 
compromise between developed impulse and other factors including size, 
response, and operating pressures. The selection of a large nozzle expaqsion 
ratio yields improved performance, but may result in nozzle sizes too large 
for compact vehicle installation. High velocity injectors using large presrgure 
differentials give good results, but the time to build up pressure slows down 
response. The characteristic chamber length (W ) can be increased to 
improve performance, but the larger chamber volumes slow down both 
pressure r ise  and decay times. 
The high energy release of bipropellants occurs with high chamber 
temperature. Chamber cooling becomes necessary, and radiation cooling 
depends on the emission of heat from the very hot chamber wall  at a rate 
sufficient to maintain the necessary minimum temperature drop across the 
gas side film. The advantage of radiation cooling is  chamber simplicity. 
Radiation cooljng is  most effective at low chamber pressure and, as a result, 
leads to larger chambers for steady-state operation. For low thrust levels 
the resulting chamber sizes are acceptable although as thrust level increwes, 
the penalty may become excessive. I t  is necessary to mount the thrust 
chambers so that they have viewing space for radiative purposes; furthermore, 
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mounting must be carefully designed so  that local heating of the spacecraft 
s t ructure  in the area of the radiation-coolod chamber is not possible. These 
disadvantages are generally met through tho u s e  of reflectore and radiatlon 
shields installed as par t  of the chamber, Heat-sink cooling I s  a possible 
technique for  low-duty cycles [ G-41. 
I 
4 
Table G-4 presents a data and performance summary fo r  a 
bipropellant RCS thruster  for  use  on the baseline HEAO. 
A schematic of the proposed bipropellant RCS considered for the 
baseline HEAO is presented in Figure G-3 .  Table G-5 presents a weight 
summary for this system. 
The RCS is not activated until the HEAO is placed into orbit. 
Activation is achieved by opening squib valves which lead from the Nz 
4 
pressurization tanks to the oxidizer and fuel tanks at each end of the space- 
craft. The N, gas  then passes  through a regulator to be conditioned for  
pressurizing the bladders in the fuel and oxidizer tanks. The fuel and 
oxidizer a r e  then expulsed to the thrusters  where spacecraft control is main- 
tained by opening and closing a fuel and oxidizer solenoid valve. N,O4/50-50 
are hypergolic propellants. Should control of the spacecraft become crit ical  
because of thruster failure o r  valve malfunction, a squib valve can be 
activated to stop the flow of oxidizer and fuel to that RCS unit. Control can 
be maintained by the other RCS unit until depletion of i ts  propellant. Then, 
activation of other squib valves allows the fuel and oxidizer to flow through 
their respective backup feedlines from the inoperable end so the thrusters  at 
the operable end can continue to function. 
For total impulse requirements greater  than 75 000 lb  -sec,  the f 
bipropellant RCS is considered to be best. In this range, i ts  low weight is 
considered to off set its lack of reliability, simplicity, and higher costs.  
But for the baseline HEAO,  the bipropellant RCS w a s  rejected because i t  was 
considered more  complex and l e s s  reliable. The, storage of oxidizers for  up 
to 2 years is not now considered practical (tankage mater ia ls  compatibility). 
Kick Stage 
J 
'rho Titan IIID is assumed capable of placing 20 920 pounds into a di rec t  
200-n.mi. c i rcular  earth orbit and 28 320 pounds into a 90- by 200-n.mi. 
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TABLE G-4. RCS BIPROPELLANT ENGINE FOR USE ON HEAO [G-5] 
Item I 
Manufacturer 
Designation 
Type 
Propellant 
f Thrust, lb 
Chamber pressure, lb in? 
Specific impulse, sec 
Mixture ratio, O/F 
d 
Flow rates, lb /sec m 
Oxidizer 
Fuel 
Expansion area ratio (E)  
Engine weight, lb 
Chamber temperature, O F 
Cooling technique 
. ._ _ _  - 
~ 
Data 
Bell Aerosystems Company 
Model 8360 
Liquid bipropellant 
.- 
N,01/50-50 
I. 0 
50. 0 
260 
I. 4 
0.00224 
0.00160 
60: I 
I. I 
2800 
Radiation ohamber and nozzle 
- . __. - - - _  - 
L 
b 
4 
TABLE G-5. BIPROPELLANT RCS WEIGET S7JMrMARY 
Item 
Fuel pressurization system 
N2 tank 
Squib valve ( 2 )  
Pressure regulator (2)  
N2 relief valve 
Check valve ( 2 )  
Vent valve (2 )  
Oxidizer Dr es surization svs tem 
N2 tank 
Squib valve ( 2 )  
Pressure regulator (2 )  
N, relief valve 
Check valve ( 2 )  
Vent valve (2)  
Fuel tank ( 2 )  
Fuel charging valve (2) 
Fuel relief valve (2)  
Fuel squib valve (6)  
Oxidizer tank ( 2) 
Oxidizer charging valve (2) 
Oxidizer relief valve (2) 
Oxidizer squib valve (6)  
Thruster modules (4) 
Miscellaneous, 
System dry weight 
Nitrogen charged (27.9-lb leakage) 
Fuel (aerozine-50) charged 
Oxidizer ( N204) charged 
Total system weight 
Component Weight, lb 
[total impulse 7000 lbf-sec) 
f5.00 
0.90 
0 .60  
0,52 
0.22 
0.24 
21.00 
0.70 
0.60 
0.52 
0.22 
0.24 
9 .20  
0.24 
0.52 
2. i o  
44.60 
0.24 
0.52 
2. i o  
16.00 
6. 00 
92.08 
30.00 
ii. 25 
15.75 
i49.08 
6-99 
L -. ~ . - -  
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elliptical orbit. A study was performed to determine how much additional 
usable HEAO payload could be gained by circularizing the HEAO with a kick 
stage into the 200-n. mi. orbit from the 90- .by 200-n. mi. elliptical orbit. 
The change in velocity required to perform this maneuver was calculated 
to be 62.25 meters  per second. The burn will occur at apogee, and the burn 
time ( t )  is less than 5 minutes to avoid AV losses. Simplicity is desired 
in such a kick stage system to perform this maneuver. 
By use of Figures G-7 through G-11, a kick stage can be sized and a 
delta payload determined. Figures G-7 through G-IO are used primarily if 
the characteristics of a kick stage are not known and one has to be sized. 
Iq’igurc G-7 is  a plot of kick stage burn time versus thrust-to-weight 
ratio for a specific impulse range of 100 to 400 seconds. Assuming o r  knowing 
a thrust-to-weight ratio of the kick stagc-I1 b;AO package delivered to the 
90- by 200-11. mi. elliptical orbit, the burn time required to circularize into 
a 200-n. mi. orbit can be determined. 
Figure G-8 is the same plot a.s Figure G-7 except this curve is plotted 
for higher thrust- to-weight ratio values. 
Fibare G-9 is a plot of the pr0pell:tnt to initial gross weight ratio versus 
spccific impulse of the kick stage engine. If the specific impulse of the kick 
stage is assumed o r  known, the propellant weight required to circularizb tho 
kick stage-HEAO p’ackage into the 200-n.mi. orbit from the initial 90- by 
200-n. mi. elliptical orbit can be determined, provided the payload weight 
injected into the elliptical orbit is known. 
Figure G-IO is a plot of the weight of the kick stage versus the propellant 
weight determined in Figure G-9 €or various kick stage mass fractions. A f t e r  
determining the propellant weight required to perform the circularization 
maneuver and assuming o r  knowing the mass fraction of (he kick stage, the 
total weight of the kick stage can be determined. By knowing the payload 
weight that can be injected directly into the 200-n.mi. circular orbit, the 
payload weight that can be injected into the 90- by 200-n.mi. elliptical orbit, 
and the kick stage weight, the gain in useful HEAO payload can be determined 
o r  Figure G-11 may be used. 
Figure G-11 is a plot of payload gain versus the kick stage specific 
impulse for various kick stage mass fractions. If the specific impulse of the 
kick stage is known, the gain in payload can be determined provided the kick 
stage mass fraction is known and the direct injected payload weight and the 
elliptical injected payload weight do not vary. 
4 
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Figure G-7. Burn time versus thrust-to-weight ratio. 
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Figure G-8. Burn time versue thrust-to-weight ratio. 
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because the direct injection payload has been 
increased to 20, 920 pounds. 
Figure G-11. Payload gained by using a kick stage 
to circularize HEAO. 
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It should be noted that in Figure G-11, 620 pounds should be subtracted 
from the payload gain value obtained because the direct injection payload has 
been increased from 20 300 to 20 920 pounds. 
A liquid and a solid existing propulsion system was considered for use 
as a candidate kick stage propulsion system. The liquid system is an HzOz 
monopropellant APS used on the second stage of the Scout launch vehicle and 
is operational. The solid propellant system consists of a cluster of four 
spherical solid propellant motors. One of these spherical motors has flown 
on the RAES, managed by the Goddard Space Flight Center. The motor is 
used as an apogee kick motor for the RAES and is operational. 
Table G-6 presents a data and performance comparison of the two 
systems. As shown, the monopropellant peroxide system has a low thrust, 
and hence a low thrust-to-weight ratio which results in about 5 minutes of 
burn time required to perform the circularization maneuver. For a S-minute 
burn, attitude control of the spacecraft could become critical. The solid 
system has a high thrust and thrust-to-weight ratio which results in a few 
seconds of burn time. For spacecraft control, a low burn time is desirable. 
Table G-7 presents a weight summary statement comparing the liquid 
and solid systems. As shown, the total weight of the solid propellant kick 
stage required to perform the circularization maneuver is much less than 
the liquid system. The mass fraction of the solid kick stage is higher than 
the liquid. The circles shown on Figures G-IO and G-I1 represent where 
these two existing systems appear. 
A payload gain of 5865 pounds ib obtained by using the liquid kiok crtage, 
and a payload gain of 6660 pounds is obtained by using the solid kick stage. 
The solid propellant kick stage system was chosen to circularize the 
HEAO into a 200-n. mi. orbit from the initial elliptical orbit. This system 
was chosen over the liquid system because of its low total weight, higher 
mass fraction, and shorter burn time. The solid system is also much 
simpler, and provides a larger increase in payload. 
The solid propellant motor is manufactured by the Thiokol Chemical 
Corporation and is designated as TE-M-479. The reliability of this motor is 
0.999 at 90-percent confidence level; i. e , ,  there has never been a failure of 
this motor. There is a 10- to 12-month lead time for purchasing this motor. 
The price per motor is approximately 25 thousand dollars. 
h 
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TABLE G-6. CIRCI ARIZATION CANDIDATE PROPULSIO 
Propellant 
Number required 
Performance (vacuum) 
Thrust, F-lb f 
lb - sec 
m 
f 
Specific impulse, I - 
Burn time, t - sec 
Chamber Pressure, Pc - p i a  
Total impulse, I - lbf - sec 
s p  lb 
t 
Dimensions: 
Overall Length, in. 
Diameter, in. 
Usages (engine/motor) 
Current status 
a 
SYSTEMS DATA AND PERFORMANCE 
Liquid Propellant 
H202 
I 
5 00 
150 
352 
2 56 
176 000 
I 
I 
I = 36 (tankage) 
36 (tankage) 
Scout 2nd stage APS 
Operational 
I 
! Solid Propellant 
Composite 
4 
10 000 (2500)a 
I 290 
18 
8 00 
1 I 
a. Numbers in parenthesis indicate single unit values. 
178 000 (44 500)a I 
30 
17 
Apogee kick motor 
Operational 
, I 
I 
TABLE G-7. CIRCULARIZATION CANDIDATE PROPULSION SYSTEMS WEIGHTS 
Propellant Type 
Weights, lb 
Propellant 
Inert ( total ) 
I 
I: 
Structural attachment 
Total 
Stage mass fraction 
APayIoad (Reference payload 
weight 20 920 Ib ) 
F I ->. , _L_ - __ 
Monopropellant ( H202) 
Presswant gas 
Propellant tanks, 
bladder, etc. 
Presswant tanks 
Engine 
1175 
36 0 
40 
14 0 
160 
20 
-- 
1535 
0.77 
5865 
Case 
Nozzle 
&disc. 
- -  
620: (155)a 
80 (20)" 
C (s)a 
N (7Ia 
40 
740 
0.8'4 
6660 
i 
a. Numbers in parenthesis indicate single unit values. 
d t This study was performed to show an alternate approach that could be 
taken to place the HEAO into a 200-n. mi. circular orbit using a Titan IIID 
launch vehicle. This alternate approach should be taken only if the weight of 
the HEAO increases to the point that a direct injection would be marginal. 
u 
G-29 
REFERENCES 
G-I. Traynelis, K. A. ; and Rzan, D. L. : Using Reaction to Control 
Vehicle Attitude. Hot Gas Control Systems - III. Walter Kidde & 
Company, Inc. , McGraw-Hill, Reprinted from Control Engineering, 
January, May, July, 1961. 
G-2. Greco, R. V. ; and Charhut, D. E.: Reeistojet Systems Manned 
Spacecraft Applications. McDonnell qouglas Astronautics Company, 
Western Division, Huntington Beach, California, Douglas Paper 5252, 
Contract No. NASI-6702 to Langley Rksearch Center, March 1969. 
G-3. Pisciotta, A. ; and Eusanio, E. N. , et al: Definition of a Resistojet 
Control Systems for the Manned Orbital Research Laboratory Final 
Report. Volume I1 Resistojet Control Systems Analysis. Douglas 
Aircraft Company, Missile and Space Division, Huntington Beach, 
California, NASA CR-66601, DAC-58131, May 1968. 
G-4. Anonymous: Spacecraft Flight Control Systems. Walter  Kidde & 
Company, Inc. Belleville, New Jersby, Report Number A-48-2M-10- 
63-NP. 
G-5. Anonymous: Data Sheet on Bell Aerosystems Company Model 8360, 
Liquid Propellant Engine Manual. Chemical Propulsion Information 
Agency, Unit No. 2, December 1967. 
G-30 
APPENDIX H. POWER SYSTEM DESIGN 
a 
c 
. 
Page 
1 . Power System Preliminary Design Cr i te r ia  ................ H- I 
a . Specific Design Cr i te r ia  for HEAO ................... H- 1 
1 . S o l a r a r r a y  ................................ H- 2 
b . Specific Energy Storage Cri ter ia  ..................... H- 3 
1 . Batteries ................................. H- 3 
c . Points Emphasized in Design ....................... H- 5 
1 . Preliminary solar a r r ay  layout ................... H- 5 
2 . Preliminary power system design ................. H- 5 
3 . Operational analysis .......................... H- 5 
4 . Battery problems. ........................... H- 6 
5 . Loadsharing ............................... H- 6 
2 . Concepts for Deploying the Outer Panels of the HEAO 
Solar Array  ....................................... H- 6 
Reasons for  a Deployable o r  Foldout Solar Array .......... H- 6 
a . Framework ................................... H- 8 
b . Deployment Mechanisms .......................... H- . 9 
c . Cinching and Release Mechanisms .................... H- 10 
d . Latching Devices ............................... H-IO 
3 . Power System Performance Characterist ics . . . . . . . . . . . . . . . .  H- 1 i 
Solar Array  Tradeoff Study ........................ H-11 
REFERENCES ....................................... H-28 
BIBLIOGRAPHY ...................................... H-28 
i ii 
.. _- 
Figure 
H.1 . 
H.2 . 
H.3 . 
H.4 . 
H.5 . 
H.6 . 
H.7 . 
H.8 . 
H.9 . 
H.10 . 
H.11 . 
H.12 . 
H.13 . 
H.14 . 
H- 15 . 
H- 1 6  . 
H.17 . 
LIST OF ILLUSTRATIONS 
Title Page 
Solar a r r ay  mounting ......................... Ha-13 
Possible configurations ........................ ie-14 
J 
Solar a r r a y  concept .......................... H-15 
Typical mounting to center member ................ H - 1 6  
5 
Deployment concepts . direct drive and linkages ....... H-17  
Deployment concepts . cable drive and linear 
extender .................................. H - 1 7  
Deployment concepts .......................... H- 18 
Cinching . torque tube release ................... H - 1 9  
Cinching . cammed catch ...................... 
Cinching . bayonet latch ....................... 
H - 1 9  
H - 2 0  
Bayonet latch for cinching . common four places ...... H - 2 1  
Arrays  banded and cinched a t  arrowheads; cut to 
release at star .............................. H-22 
Energy absorbing drag link deployed and locked ........ H-23 
Locking: energy absorbing spring catch ............. H-24  
Locking: spring loaded barrel  bolts ............... H - 2 5  
HEAO cross-sectional shapes .................... H-26  
Total raw power as a function of degrees off solar 
vector for 86.F temperature .................... M-27 
iv 
\ 
Table 
H-I.  
H-2. 
LIST OF TABLES 
Title Page 
Deployment Mechanisms.. ..................... H- 9 
€I- 12 Comparison of Cross-Section Shapes. .............. 
i 
V 
I 1l1l1l11ll111l11l1lIl I l l  I l l  llllllllIll 
1. Solar array 
0- 
N-ON-P cells need be considered. ' 
Cell type - For a pre-1975 application, only silicon 
0 Base resistivity - 7 to 14 ohm-cm. 
0 Cell size - Indicate size used (less than 2 by 8 cm) and 
t~ic  ratio o f  x t i v e  ;irw to cell area uscd. 
0 Ccll elficiency - U s e  10. 5 percent for the average 
uiicoverctl cell under initial, standard condition of 2 8 O  C ,  140 IUW per cm'., 
0 Ccll thickness - To be consistent with elficiency. Indi- 
c:Lte thickness used between 8 to 16 mils. 
0 Cell spacing factors - The cell-to-cell, cell-to-slide, 
or slick-to-slide spacings a re  the following: (a) cell in series - 15 mils, 
(b)  cells in parallel - 5 mils, ( c )  subniortule, group, or row spacing - 
90 mils. 
0 Module packing l'actor - Indicate factor used bctwccn 
0. 82 ai1cI 0. 92. lcactor is ratio of total cell area (not active area) to module 
:iwa and includes cell spacing factors, connector area, and edge and attach- 
iiicnt areas. 3 
0 Array packing factor - Ratio of iiiodule area to array 
o r  array section area (to be determined by design). 
2 .  A'1.M thci'iii:il cyvling intlicatcs 2 by Ci cni iiS in;uciiiiciin size practicable. 
Todny's stitndard is 2 by 3 cm, but it appears 2 by 4 cm may become the 
1110s t cc.oiwinic.:il. k'or :ill f i n d  coinparison datn, show results in terms 
ol' :I 2 by 2 ciu wll cqiiiv:ilent. 
:$. A iuocluls is the 1;irgest asseiiibly of cells to be I'abricated tit one time. 
l i-2 
0 Absorption/emissivity ( a ! / € )  is as follows: 
a! nom = 0.71 
E nom 0.82 
1. Covered cells: 
2. Thermal point, S-13G: U s e  0.24/0. 89. 
B Beginning of life range for  today's 0. 22 to 0.26/0. 90 to 0.  85. 
0 Temperature coefficient - Indicate value used for  
efficiency and maximum voltage. ATM cells range from 0.46 to 0. 50 percent 
p e r  degree C; use 0 . 5  percent per  degree C. 
a, 
0 Substrate of module and a r r a y  sections - To be 
tlctcrniincd. 
s trcngth, rigidity, and coatings i f  nceded. 
Identify materials and applicable c r i te r ia  such as weight, volume, 
0 Assembly and connection technique - U s e  Orbital Work 
Shop solar  cell module specification as guidelines [H-1, H-21. 
0 1)cgratlation - Controversial subject, dependent on 
electron and proton doses,  UV deterioration, temperature, cover sl ides,  etc. 
Justify the vnlucs  selected. 
tion lactors should be given. 
ell'ccts ( H - 3 1 .  
Sensitivity of clesign to probable range of dcgrada- 
Use a miniiiiuni of 4 percent per  yenr for overall 
0 Aspect ratio - Applicable to deployed a r r ays .  Length to 
width rat io  of a r r ay  should be limited to 5 to I. A 4 to I ra t io  may be more  
w a l i s  tic. 
b. Specific Energy Storage Cri ter ia  
1. Batteries.  U s e  Reference H-4 for general background and 
iunclcsign;ite (1 battery c ri te ria. 
b 
0 Priiii:iry batteries (nonrcchargedblc) - Consider only 
Ag-Zii  typc and dctci.iiiiiic the realist ic active life for thc: type and date of cells 
: I s  l 'ol lows: 
a 
1. Mc!cliuiii :inti l o w  rate changc - 3 to G iiionths 
2 .  Iiigli ra te  - 30 days inasimum 
H - 3  
3. Tsnergy density - indicate value used within following 
limits: 
a. High rate - 50 watt-hours/lb (maximum) 
b. Medium rate - 90 watt-hours/lb (&*mum) -L 
c. Low rate - 110 watt-hours/lb (maximum). 
0 Secondary batteries (rechargeable) - Type: (a) For l ow 
altitude orbit and continuous duty with solar-array consider only Ni-Cd batteries, 
and (b) f o r  occasional, low-cycle duty consider trade-off Ag-Cd type with 
Ni-Cd type.' 
0 Energy density - Today's cells at standard initial 
conclilions give 12 watt-hours/lb for Ni-Cd and 24 watt-liours/lb for Ag-Cd. 
IJsc 12 watt-houi.s/lb for Ni-Cd assemblies and 24 watt-hour/lb lor AB-Cd 
;isseniblies of 1975. 
discharge not included. ) 
(Above values relate to installed capacity; depth of 
0 Cell  s ize  - Based on present  availability, a cell s ize  
between 20 and 40 ampere-hours should be selected as a baseline. 
0 Energy efficiency - Not  to exceed 85 percent for Ni-Cd 
batteries. Indicate value selected or use 80 percent. A value of 70 percent 
is suggested for  Ag-Cd batteries. 
0 Electrode style - Justify selection of 2, 3, or 4 electrode 
type cells. 
0 Depth of discharge - Because of life requirement, 
design should l imit  discharge depth to 30 percent. Peak discharges over 
(io percent should be prohibited and such duty should be permitted only a very 
Icw t imes while the battery is in service on the bus. 
d 
Y 
1. Where thermal constraints exist, remember that the watt-hour recharge 
cfficiency is poorer for Ag-Cd than for Ni-Cd, 
I-I-4 
. ............ ..- ~ 
I I ,  ........... . ...... ___ ~ 
0 Temperature range - Without innovation in cell technol- 
ogy, system design should provide temperature control between Oo and 20° C. 
Maximum temperature range should not exceed - Z O O  to +40" C for a short  time. 
0 Recharge 
Rate - (a) Limit maximum rate  to "CII value or less 
'i? when undercharged, especially at low temperatures,  and (b) in over-charge 
region, ra te  should be limited to continuous allowable for the temperature or 
to trickle charge level. 
Overcharge voltage - Temperature dependent. 
1 Except fo r  special controls, use I. 5 volts pe r  cell maximum. c 
c. ~- Points ~ - Emphasized . .  in Design 
I. Preliminary solar  a r r a y  layout. The f i r s t  designs of the solar  
A s  thc study progressed, array :issumc:d the use of ATM solar cell  modules. 
i t  bcc:inie evident that these w e r e  not suitable for reasons ol' physical s ize ,  
avnihbili ty,  and packing factor. Accordingly, a new solar cell  module w a s  
designed. The characterist ics are discussed in detail in Section IX. 
2. Preliminary power system design. The power system design 
nssuiuecl, where possible, the use of ATM equipment. The following specific 
i tems were used: 
E quipnie nt Drawing Number - .. 
Switch selector 50M6784Ci 
C on trol  distributor D40M3 7 3 83 
Power distributor D40M37 3 8 i 
C BRM 4 0 MZ 62 0 0 
3.  Operational analysis. The conditions under which tho power 
syslciii would operate w e r e  used in an analysis to determine how orbital 
c 
1. lhcess ive  overcharge is to be avoided. 
H- 5 
parameters ,  attitude with respect to the sun, and thermal conditions impacted 
the design. 
4. Battery problems. The rechargeable Ni-Cd battery and its 
charger  w e r e  studied. Methods of charging and charge control, effects of high 
and low temperature on battery life, and cell arrangement w e r e  considered. 
5. Load sharing. The use of six CBR modules required a study of 
possible problems incurred in  matching inputs and outputs. The ATM CBRM 
is matched to the solar a r r a y  output at a point where maximum power can be 
utilized without resorting to power tracking methods. 
possible on ATM because the solar a r r a y  output w a s  constant and predictable. 
However, the baseline HEAO is rotating during much of the mission, and does 
not havc a flat solar a r r ay .  This means that different portions of the solar 
a r r a y  havc different current-voltage characterist ics.  To get most efficient 
utilization of the solar  a r r ay ,  the CBR modules for  HEAO wil l  have to be 
inodified to accept the solar  a r r ay  output a t  a fixed voltage and variable current  
rather than constant cur ren t  as in the standard ATM unit. 
This matching w a s  
An additional problem w a s  the distribution of power and load 
isolution. An ;analysis of the problem indicated that this i s  not a major soLprcc! 
ol' loss; care wi l l  have to be taken to ensure that the power system is adequately 
protected l'roq shor t  c i rcui ts  within experinrcnts and spacecraft systems. 
2. Concepts for Deploying the Outer Panels 
of the  HEAO Solar Array 
Reasons for  a Deployable o r  Foldout Solar A r r x .  The baseline HEAO 
solar a r r ay  is a fixed, body mounted system. The HEAO has a regular, 
octagonnl cross-section; the solar a r r ay  is composed of three adjacent sides. 
Since the two side panels are at an angle of 45 dcgrccs to the center panel, thc 
output 01 each of the side panels is only about 70 porccnt of their capability, a t  
thc best (excluding teiiiperature effects). Actually, when the ol'fset angle of 
the sp:ic;cct*aft causes  the light incident angle on the surf:tce to exceed 60 dcgrecs, 
sui*l:icc i*cllec,tloiis reduce the output morc txpitlly thun does tho docrc ase in the 
pi*ojcctctl ;ireit. Thus, a t  'angles of morc t1i:in about 75 dcyreos, the so la r  a r r ay  
output is negligible. By folding out tho two side p tnc ls  to forni a flat array, i t  
will be possible to avoid these adverse conditions. The output from a foldout 
ai*r:iy is :it leqst 2 3  percent inore than the fixed a r r ay ,  o r  1000 watts total, for 
thaw c.onditiops iiiost favorable to the fixed array.  As the power iiiargin 
(cwntiiigcwcy) lor  the bnseline is not large at the end of 1 year ,  it  was  believed 
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that the Phase A work should include some definition of a foldout solar  a r r a y  for 
HEAO. The study performed is summarized here.  
The objective of the study was to investigate several  methods of 
deploying the outer two panels so that they assume a position in the same plane 
as the third o r  center  panel. Schematically, the HEAO is a s t ructure  360 inches 
long whose c ros s  section is octagonal in shape. The solar  panels occupy three 
adjacent sides along the full length of the spacecraft. The original and final 
positions are shown in Figure H-1. 
the deployable a r r a y s  into the existing 105-inch envelope, using an irregular 
ochgonal spacecraft cross-section. ) In the final position, the pancls would be 
latched and rcninin in that position. 
Y (This figure indicates one method of fitting 
I The cr i te r ia  used in the investigation were as follows: 
a. 28 modules required p e r  panel; wired in groups of four and 
two- thirds. 
b. Each module is 25 by 19.75 inches; weight is approximately 
3 .  5 pounds exclusive of mounting frame. 
c. Solar cel ls  mounted to within 0. 187 inch of module edge; 
substrate of 0.375-inch honeycomb. 
d. Spacecraft mounting surface; 40.2 inches wide by 3GO inches 
long. 
e.  Deployed during f i r s t  orbit - time not a factor. 
f .  Final position tolerance rt5 degrees. 
g. Spacecraft rotates about axis porpendicular to solar  a r r ay  
pl:unc a1 0 .  1 r.pn1. 
11. N o  rctraction after deployment. 
i. Environmental conditions; launch acccleration and vibration. 
With the above cr i te r ia  it WRS desired to investigate n concept for each 
i ol' the lollowing iteins: 
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a. Framework for mounting solar panels. 
b. Pivots or hinges for the sections. 
c. Tiedowns or  cinching of sections to spacecraft. 
d. Release mechanisms. 
e. Latching devices. 
Several concepts for each of these were considered with the results 
shown in the following paragraphs. 
a. Bramework. Before the framework could be designed it was 
necessary to determine the size of a section which could be deployed practically. 
Although the modules w e r e  to be wired in groups of four and two-thirds, i t  w a s  
decided to consider mounting in sections of four modules each. The possibilities 
a r e  shown in Figure H-2. A t  the most there would be 7 sections of 4 panels 
each and a t  the least 1 section of all 28 panels. Case 2 (Fig. H-2) seemed to 
be the most practical approach and w a s  selected for the rest of the study. This 
consists of two outcr sections of 8 panels each with a center section of 12 
panels. This avoids having an excessive number of pieces of hardware and 
:dso the necessity of dcploying the ful l  30-foot section. The layout of the 
panels is shown in Figure H-3. It should be noted that two modules side by 
side need almost the full 40.2-inch-width allowable for the panel. 
The fruiiiing is shown in Figure H-3. It consists 0 1  al.uniinum 
squ:ire tubing: 1.75 inches square with 0.083-inch wall. The lliodulos would 
bc attached to the framing as shown in  Figuro H-4. 
I'or :L :)o-l'oot side w a s  estimated at 75 pounds with 25 pounds of fittings, l'tic 
modules weigh 98 pounds for each side. The total panel weight was  then 
198 pounds. 
Thc weight for the fraitics 
A probleni arose when the framework with modules installed w a s  
considered for mounting on the spacecraft structure. The envelope given was 
for an octagon-shaped spacecraft with the largest cross-sectional dimension 
bcing 105 inches. Each side measures 40.2 inches. The maximum occurrcd 
at llie corners, and here the tolerance between thc spacecraft and the shroud 
W;LS 01 the order 01 1 inch. A s  noted above, the panel layout requires all but 
:tbout 0.5 inch of the 40.2 inches allowed for the array on the spacecraft. If 
i t  is now assumed that the thickness of the module and tlieir mounting franics is 
on the order of 2 .25  inches, it becomes apparent that tlic envelope wi l l  not 
. 
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accommodate them, if  the baseline spacecraft structure is utilized without 
modification. 
solutions to this problem, must be investigated in Phase B. 
The impact of violation of the payload envelope, or other possible 
b. Deployment Mechanisms. Generally, two types of mechanisms w e r e  
considered: powered and spring actuated. Those requiring power a re  shown 
in Figure H-5 and H-6 and those requiring no power are shown in Figure H-7. 
Some of the advantages and disadvantages of each a re  given in Table H-1. 
System 
Direct drive 
. _  
Direct drive with 
linkages 
Direct drive with 
cable 
Linear extender 
Tors ion springs 
Tension springs 
TABLE H-1. DEPLOYMENT MECHANISMS 
Advantages 
Compact 
Controlled deployment 
Positive control 
Tandem operation 
Positive control 
Tandem operation, 
Light 
Positive control 
Good mechanical 
advantage 
C omnpac t ,  light 
Simple 
Reliable 
N o  power required 
Light 
Reliable 
No power required 
Disadvantages 
2 systems roquirod 
Power required 
Beefy torque tube roquired 
Bulky, heavy 
Power required 
Retractions not required 
Poor mechanical advantage 
Power required 
Poor mechanical advantage 
Expensive 
Retraction not required 
Power required 
System continues to accelerate 
when activated unless damper 
is used 
System continues to accelerate 
when activated unless damper 
is used 
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Under the criteria given, there is no reason why any one of these 
would not perform the required function. The motor-driven systems require 
p o w e r  but with time not being a factor the motors could be small and of low 
power .  The motion is under better control than that of pure spring de'vices 
which suffer from the necessity of absorbing the initial energy given the 
sectional structure by the springs; however, a simple damper device could be 
utilized with the springs to smooth the motion. Knowledge of ambient tempera- 
ture of the devices is an important factor in the design of such devices; however, 
they require no power and have other advantages. It is recommended that a 
concept Tor each be selected and more design attention be given to them during 
Phase B. 
4 
Testing should be performed before a final decision is made. 
The power required for the drive motors is approximately 2. 5 watts. 
If necessary, the motor operation could be sequenced - the motor on each 
section starting after deployment of the previous section. The weight of each 
iiiotor is :ylproxiniately 0. 75 pound, 
* 
c. Cinching and Release Mechanisms. Five concepts for this were 
investigated. Three ol' the devices rcquire powered drives and two a r e  spring 
actuated as shown; however, the motion required is over small displacements, 
:ind i t  is conceivable that spring-force actuators could bc applied to most cases. 
It is assuiiied that the cinch and release device is required to carry only the 
lateral and not the longitudinal loads during launch. 
Figures H-8, H-9, and H-10 are  conceptual drawings of the powered 
devices while Figures H-11 and H-12 show those requiring spring o r  similar 
lorces. In the former, the release is accomplished by application of power to 
the motor and in the latter a squib initiated spring release is used. Power 
rcquircnients in all cases are small. A motor for this purpose would use 
about 2 . 5  watts and weigh approximately 0.75 pounds. It could be made 
redundant in operation and sequenced in use. For six sections, the total 
power required for deployment would be only 15 watts. 
cl. Latching Devices. Once the section is in l i d  position i t  must be 
1:ttchctl and held in  place. The type device used depends somewhat on the 
deploy iiient niechanism employed. 
:l spring' force, i t  is necessary to provide for some typo of damping to absorb 
the cnergy given the panel by the spring force. Figures H-13, H-14, and €1-15 
show concepts for such a device. Temperature condition niust be predictable 
lor  :I suitnblo design. 
latching clcvice in one system if  i t  is decicletl to approach the problem with 
spring devices. 
For those deploynient mechanisms using - 
It is possible to design the deployinent mechanism and - 
13-lb 
3. Power System Performance Characteristics 
Solar Array  Tradeoff S t u e  
Array  tradeoff study. A review of possible cross-sectional shapes 
that might be used for the HEAO spacecraft  was made to determine the one 
which would provide a maximum usable so la r  panel area. Usable area is 
defined as the area which can be covered by HEAO solar cell  modules. sw 
The spacecrdft diameter considered w a s  105 inches. Since viewing 
surfaces  on opposite s ides  of the spacecraft are required for  several  of the 
experiments, only shapes having opposing faces  were considered. Seven of 
the cross-sectional shapes which were reviewed fo r  HEAO application are 
shown in Figure H-16. 
is given for the celestial scan mode of spacecraft operation. With the sun 
position shown in the figures, the electrical  power .generation is maximum. 
'' 
. 
The angle between the sun and the solar-panel surfaces  
Table H-2 gives the number of HEAO solar  cell  modules which can 
be located on the panels for each cross-sectional shape. The equivalent 
number of modules projected toward the sun and the raw. power output at  86' F 
fo r  each shape are also given in Table H-2. . F o r  the body-mounted concepts, 
the shape which wi l l  accommodate both the maximum number and " x m u i n  
projected equivalent number of HEAO modules is the regular octagon. Thus, 
the shape which wi l l  provide the maximum electrical  power from the body- 
iiiountecl panels when the spacecraft is in the celestial scan mode of operation 
is the regular octagon. A 23-percent increase can be obtained froin this 
configuration by folding out the two side panels. 
A s  an indication of the power which could be expected during the 
The curves in 
galactic scan niode of spacecraft  operation, the outputs f rom the various 
configurations have been plotted for angles up to 50 degrees. 
Figure €1-17 indicate that the relative power outputs in the galactic scan inode. 
These curves include the effect of the scanning spacecraft. The 
c effect of reduced so lar  panel temperature for  off solar  viewing angles has not 
been considered. A l l  panels are assumed to be a t  86. F, the same temperature 
which w a s  used for  the celestial  scan inode output calculations of Table H-2. 
i On thc basis o f  thess data, the rcgular octagon having three so la r  
Ixiiicls, c?:ich -io. 2 inches wide, is tho prol'crrcd cross-sectional shape for the 
1 I15A( 1 s l ) ; ~ c c c ~ ~ : ~ I t .  
o n  this b;isolitic configura tion. The :iltern:itivo of deployable side panels is 
prolmsctl ;is a (Icsii.nble feature for contingoncy purposes. 
l*'igur.c. LY-4 shows thc niodulc layout for the solar  panels 
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TABLE H-2. COMPARISON OF CROSS-SECTION SHAPES 
Regular 
hexagon 
Cylinder with 
flat face 
Regular 
octagon 
Irregular 
octagon 1 
Irregular 
octagon 2 
Modified 
octaeon 
Regular octagon 
with  foldouts 
W 
U 
48.5. 6 
45.9. EG- 
Number 
of Panela 
Number 
of Madulea 
72 
60 
84 
78 
70 
04 
84 
62.6 
66.0 
67.6 
66.8 
61. s 
ee. a 
84.0 
m w  Power 
(watts)' 
8t 86. F 
1313 
1072 
2601 
2431 
2276 
2449 
3108 
a. Based on hodule output of 37 watts 
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Figure H-I . Solar array mounting. 
b 
Figure H-2. Possible configurations. 
4 
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Figure H-3. Solar array concept. 
f 
Figure H-4. Typical mounting to center member. 
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Figure H-5. Deployment concepts - direct drive and linkages. 
Irigiire H-6. Dcployment concepts - cable drive and linear extender. 
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Figure H-7. Deployment concepts. 
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Figure H-8. Cinching - torque tube release. Figure H-9. Cinching - cammed catch. 
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Figure H-10. Cinching - bayonet latch. 
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Bayonet latch for cinching - coimnon four places. Eigure H-11. 
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Figure H-12. Arrays banded and cinched at  arrowheads; cut 
to release at star.  
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Figure H-13. Energy absorbing drag link deployed and locked. 
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Figure H-14. Locking: energy absorbing spring catch. 
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Figure H- 15. Locking: spring loaded barrel bolts. 
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Figure H-16. HEAO cross-sectional shapes. 
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Pigure H-17. Total r a w  power as  a function of degrees off solar 
vector for 86. F temperature. 
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APPENDIX 1. COMMUNICATIONS AND DATA SYSTEMS 
1. Com mu n icat ionslData Systeh Alter natives 
The purpose of this appendix is to briefly review several communication 
and data system configurations that were considered in the Phase A study and 
to present the rationale that eliminated them frorq consideration in the baseline 
system design. 
e. Antennas. Spinning satellites require either a despun or  omni- 
directional antenna system. Antennas may be despun mechanically by switching 
the antenna feed to the element in an array that points toward the ground station 
at a given time. 
Mechanically despun antennas are relatively complicated and 
require a drive motor. 
and lubrication systems, resulting in relatively low relfabiliey. 
The space environment Is hostile to mechanical drive 
Electrically despun antennas require a switching matrix, an input 
from an earth sensor network, and control logic to select the proper antenna, 
or a system that senses signal strength at each w$enna location when the 
spacecraft is illuminated by a signal from the ground, and automatically selects 
the proper transmitting antenna. 
The size, shape, and motion of the spacecraft coupled with the 
wavelength a t  S-band presents a formidable problem in obtaining omnidirectional 
antenna coverage, 
tropic pattern are the following: 
The four methods commonly used to approximate an iso- 
(1) Array of elements. 
(2) Frequency diversiw. 
/ 
. 
( 3 )  Polarization diversity. 
( 4) Adaptive antenna. 
Spacecraft that are not too large in diameter have used continuous 
arrays around the largest diameter. Teleetar is a good example of this 
technique; however, Telestar was only about 2 feet in diameter. The HEAO 
I1 Illll I l l l l l l l l l l  
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is approximately 9 to 10 feet in diameter and would require over 100 radiating. 
elements to completely encircle the spacecraft. A boom was used on the relay 
satellite to support a broadbearn antenna. This minimized the effect of the 
vehicle on the pattern. An approach was considered which utilized two conical 
spiral elements: one on a fixed boom extendink into the nose cone area and the 
other mounted on the opposite end of the spacecraft. This would result in a 
null or interference around the spacecraft center. 
: 
The use of the frequency diversity technique requires at least two 
transmitters and two carrier frequencies per  down link. The ground-etation 
antenna would have to be wideband enough to cover all the carrier frequencies 
used. A receiver for each carrier frequency would be diplexed onto the antenna. 
The output of each receiver would be weighted and combined with the outputs 
of all the other receivers to forma composite which would be a stronger signal 
than that from any of the receivers alone. 
f 
In the case of HEAO, two down links are involved and four space- 
craft surfaces, thus requiring 8 wideband channels. If alternate sides of the 
spacecraft used the same frequency, this could possibly reduce the number of 
channels to 4. 
Polarization diversity is very similar, except only one transmitter 
is required. The transmitter output power is divided between the antennas of 
different polarization. The output power of the single transmitter must there- 
fore be larger than the output of each of the individual units of the frequency 
diversity system. In the case of solid-state transmitters this could amount to 
a slight saving in primary power by increasing the DC to RF conversion 
efficiency. Polarization diversity is usually selected over frequency diversity 
on the basis of conservation of the R F  spectrum, 
Consideration was  given to an adaptive antenna system where the 
radiating elements would be driven through switches activated either by earth 
sensors o r  received signal strength of the ground-based command system. 
Only the antenna coplaner with the receive antenna providing the best signal 
would bel driven. This would reduce the output power required from the trans- 
mitter, but would require a separate receiver for each receiver antenna on the 
spacecraft plus a decision and switching logic network. The adaptive antenna 
scheme would no doubt require less power than the baseline, but in the end it 
would be less reliable. 
t 
The baseline design that was selected is very conservative. It is 
based on proven techniques and has the fewest active elements. The, baseline 
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system is an omnidirectional a r r ay ,  consisting of four radiating elements 
spaced at 90-degree intervals around the spacec,raft>midsection and alternately 
polarized. This system will give good coverage excljpt off the ends of the 
spacecraft. A shor t  duration signal dropout is likely in the event that the 
spacecraft longitudinal axis t ra ins  momentarily on the ground station, 
Other configurations are certainly possible, and it is quite likely 
that detailed design and test wil l  resul t  in improved coverage with fewer rad- 
iating elements. Antenna pattern testing will play an important role  in the 
final selection. 
b. Multiple Link Operation. Early in the program, coneideration 
was given to provide a separate  tape t rack and RF link for each experiment. 
This would lead to a large number of data links operating at relatively low 
data rates. v 
Si,nce it appears that the STArXAN network wi l l  be limited to 
accommodation of two R F  links, this concept was discarded. 
c. Tape Recorders. The tape recorder  chosen for the HEAO 
communication/data system must be an optimal combination of several  desir-  
able characterist ics.  These include high reliability , high storage efficiency, 
lightweight, low power drain,  and small  size. 
The search for suitable, space-qualified tape systems is 
narrowed to two candidate systems. 
The f i rs t  of these is the Leach 2000, which wa6 selected for 
This high density mode is partic- 
the baseline system. 
density (10 000 bits p e r  inch) recording. 
ularly attractive fo r  the HEAO application. 
m o r e  data can be stored. 
therefore enhancing tape and transport  reliability. 
The Leach 2000 offers small  s ize ,  reliability, and high 
For  a given recorder  s ize ,  much 
For a given data rate, tape speeds are lower,  
Since the high density recording technique is relatively new, 
it is appropriate to consider alternatives. The most obvious alternative would 
be to use  parallel  recording techniques, A digital bit density of 2000 bits pe r  
inch pe r  t rack is easily attainable. If a five-track parallel digital format were 
used, effective packing densities of 10 000 bits per  inch of tape are possible. 
A serial-to-parallel converter would be necessary at the reoorder input and a 
purallel-to-serial converter would be required at the recorder  output. 
w 
5 
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BORG WARNER 
m BIPHME DATA IN 
COOING TAPE RECORDER 
- 
During the Phase A study, it w w  assumed that a tape recorder 
physically and electrically similar to the Leach 2000 series recorder with ap 
effective recording capacity of I O  000 bits per inch would be available by the 
time final hardware selection was made. 
DATA OUT ELECTRONIC 
DUllTERlNG 
c 
An alternative to the Leach 2000 recorder is the Borg Warner  
R-310. This machine is now undergoing final qualification for use in the Appllo 
Telescope Mount Program. Bit densities of 3200 to 4000 thousand bits per inch 
per track a re  available. Up to 8 tracks of serial pulse code modulated (PCM) 
data may be recorded on the tape by reversing the tape direction at tape end. 
This reversal effectively converts the 350-fOOt tape reel to 10 800 feet of 
available recording track. Data storage capability is therefore ( 10 800) ( 12) 
(3200) = 415 megabits o r  4 x 415 = 1660 megabits for the four recorder system. 
Because of the lower bit density and serial "zig-zag'' format, 
tape movement will be about 313 inches per million bits of data recorded as 
compared to 50 inches with the Leach 2000. This tends to favor the Leach 
system for long-term mission reliability. 
Additionally, the Leach machine can accept the two channelg 
of digital data slmultaneously, resulting in having only one machine at a time 
on line in either record or  playback modes. Since the Borg-Warner machins 
is a one-channel system, two machines would have to operate simultaneously 
in record and playback, resulting in leas redundancy for the basic four- 
recorder system and increased power consumption. A funotional block diagram 
of the Borg-Warner system appears in Figure I-i. 
Figure 1-1. Borg Warner tape system functional block diagram. 
Consideration was given to the use of parallel digital tape 
recording formats. Such systems a re  attractive when the storage capability 
of a multitraok parallel format is considered. However, serial-to-parallel 
converters would be required between the data multiplexer and the tape r e c ~ r d e r  
input. Additiondly, parallel-to-serial conversion would be required before 
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presentation of the data to the S-band transmitters. These two additional 
operations add to the complexity of the data-handling system without a signifi- 
cant increase in system performance. Quarter-inch tape machines are limited 
to 5 to 7 parallel tracks, and larger transports have not been considered 
because of increased weight, volume, and power demands. Bit density for 
parallel digital operation is much below that allowable for serial digital 
operation. 
2. Fu rt h e r Con s iderat ion s 
Preliminary analyses were conducted in the areas of communications/ 
data systems that were not well defined at this time. These area8 are recom- 
mended for further study during Phase B. 
7- 
a. Interfaces. The system interface between the experiments and 
the data-handling subsystem must serve as  a data buffer. 
Since most experiment outputs a re  dependent on sensed events, the 
data generated are  asynchronous in time. 
ment outputs synchronously, so some memory is required in the interface to 
store data until the multiplexer samples it. Since the multiplexer sampling 
rate would be at least equal to the average data generation rate of an experi- 
ment, the memory requirement is small. Some form of core solid-state 
memory is indicated. 
The data multiplexer samples experi- 
Discussions with representatives of potential experimenters indicate 
that at this time many experimenters favor a separate interface unit for each 
experiment, integral with experiment electronics. This approach would require 
that great care be taken in the area of system compatibility. The present state 
of development of the experiment data circuitry has been for interface with 
telemetry for a balloon flight. 
suitable for incorporation into a system where telemetry links must be shared 
with other experiment and systems data. 
The experiment outputs a re  not presently 
I 
A great deal of coordination wi l l  be required to fit the various 
data sources into a coherent system. Data compression possibilities and 
elimination of redundant data outputs (such as  each experiment generating 
spacecraft attitude or timing data) should be a major Phase B effort. 
In the long run, a central data buffer and interface which is part 
of the spacecraft communications/data system may prove to be the only inter- 
face method flexible enough to cope with changes in experiments o r  mission 
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objectives. If this concept is used, the experimenters must be given clear 
specifications fo r  data outputs, and the experiment data circuitry must be 
designed to interface with the spacecraft system, rather than vice versa. Only 
in this way can a flexible and universal spacecraft data-handling system be 
developed. 
b. Reliability. Preliminary estimates indicate that the communica- 
tions/data system is inherently one of the least reliable spacecraft systems 
because of the records. To achieve a system design lifetime of 2 years,  max- 
imum use must be made of available techniques for enhancing system, reliability. 
The most useful techniques for systems of this sort include parts 
and components screening, careful "burn-in, If and system redundancy, The 
baseline system has a considerable amount of redundancy built in at this stage 
of design. The ability of the system to tolerate individual equipment failures 
and still achieve a large portion of mission goals is illustrated in part by the 
discussion on tape recorder operation in Paragraph B of Section X. 
In actual operation, the standby redundancy" concept described 
in the reliability section of this report will  be the most important single 
method of meeting system reliability goals. 
c, Variable Data Formatting. Variable data formatting improves the 
ability ol? the spacecraft communications/data system to adjust efficiently to 
changes in spacecraft mission o r  to experiment failures o r  shifts in emphasis. 
If, for example, an experiment that generated 8000 bits per 
second should fail, almost 30 percent of the total data capacity would be lost. 
A variable format could either reallocate the available information bandwidth 
to other experiments, o r  reduce the overall data rate, which would ~implify 
ground data acquisition and data reduction operations. 
Two basic methods for accomplishing reformatting are available. 
' The first  would involve use of an on-board computer and would be completely 
flexible,, as in the Small Scientific Satellite (S') program. The other altern- 
ative is to ffhardwirefv a small number of fixed data sampling formats designed 
to take care of major contingencies, such as a high data rate experiment 
failure. 
* 
This second method appears to be simpler to implement, and 
offers most of the advantages of the first. Further study wil l  be required 
after experiments are defined to arrive at a final solution to this problem. 
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' d. Data Relaxsatellite ._ ___  Alternative. The baseline system in the 200- 
n. mi. 28. 5idegree inclination orbit will  not provide two orbits of data per day 
with an interval of 12 hours between contacts to a mission control center in the 
USA. This was  evident in the station contact analysis. There are several 
alternatives that could be explored that would satisfy this mission requirement, 
if it should continue to receive consideration in program planning. A satellite 
dedicated to data relay will not be available until 1975 or  later, but present 
plans indicate that the ATS-F spacecraft should be in orbit contemporary with 
the HEAO. The geosynchronous orbit and the large aperture antenna that will 
be a part of the ATS-F make it a candidate for possible data relay activities. 
A satellite in geosynchronous orbit will be able to contact a satellite at  lower 
orbit for slightly over half an orbit. Therefore, the data taken by the HEAO 
when it is behind the earth and the data currently being gathered would be 
transmitted to the relay satellite. These could be equal data rates since the 
playback period of the tape recorder could be the same as the write period. 
In the case of the baseline design, the data ra te  would be reduced to 27.5 
instead of 200 kilobits p e r  second; however, the range i s  increased to 22 400 
n. mi. The link considerations are shown in Table 1-1. 
7 
Received Power -113. 3 dbm 
ATS-F Noise Power -169.8 dbm/Hz 
ATS-F IF BW (12 MHz) 55.7 db 
Degrees -114. 1 db 
S/N in IF BW 0.8 db 
- - - _ _  - . - _  - 
TABLE 1-1. HEAO TO ATS-F/G LINK CALCULATIONS 
- .  - __  - _ _  - . _- - 
HEAO Transmitter 43 dbm (20 watts) 
Antenna -2  db 
Polarization Loss 
Space loss (22  400 n. mi. ) 
ATS-F Antenna Gain 
-0. 3 db 
-191 db 
37 db 
This adverse margin could only be increased by a directional - antenna and a pointing system on the HEAO o r  increased transmitter power. 
The present NASA policy with regard to the use of ATS-F precludes its use for 
operational data relay. If this policy should change then consideration may 
be given to this alternative although it appears of limited attraction. 
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e. Orbital Plane Inclination. - In an effort to improve the tracking 
station contact time, in particular the duraticn of the contacts and the frequency 
of the conacts at Rosman, consideration was given to those parameters that 
determine these characteristics, primarily altitude and inclination. The max- 
imun north and south latitude that the subsatellite point reaches is always equal 
to orbital inclination. The latitude of Rosman is 35 degrees 12 minutes north; 
therefore, all the passes for a 28.5-degree inclination orbit would be low in 
the southern sky and of short duration. Increasing the inclination to equal the 
latitude of the station raises the spacecraft higher in the sky and thus results 
in zenith passes which are slightly longer. To examine this situation in more 
detail, GSFC furnished a complter run of STADAN station contacfs. This run 
is summarized in Table 1-2 and compared with the 28.5-degree case. 
TABLE 1-2. SUMMARY OF TRACKING STATIONS AVAILABILITY 
__ - 
200 n.mi. 
- 
Orbits examined 
Orbits with contacts 1 6 min. 
Orbits with contacts = 5 min. 
Orbits without a contact 
Consecutive orbits without a 
contact z 5 min. - 
__ 
i = 28.5 deg _ -  
100 
37 
71 
7 
3 
- .. - -___ 
____=_ . -  
i = 35 deg 
100 
58 
90 
5 
2 
.~ 
d 
To further examine the impact of increased inclination on the data in the 
storage system, several curves were generated. Data in storage at the 
beginning (just prior to Rosman contact) of each orbit for both the 28.5- and 
35-degree inclinations were computed using only those contacts that exceed 
5 minutes and uging a dump rate of 400 kilobits per second during contact. The 
curves are shown in Figure 1-2. A t  first, the 35-degree case appears to give 
a significant gain; however, closer scrutiny indicates that a reduction from 
800 to 500 megabits peak storage is still beyond the capability of a single base- 
line clesign tape recorder; an additional 300 feet of tape is therefore needed 
in a second recorder, which would also be required for redundancy and for 
down time of the tracking stations. The reduction from four recorders to two 
does not significantly impact the weight and power of the overall spacecraft 
but i t  simplffies and improves the reliability of the data system somewhat. This 
improvement would have to be weighed against launch vehicle performance, 
scientific instrumentation saturation and other factors during the Phase B study 
before a final orbit selection could be made. 
* 
- 
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Figure 1-2. Comparison of data storage as a function of inclination angle. 
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Figure 1-2. (Concluded). 
It w a s  stated early in the study that it would be desirable to have 
one prime tracking station that would handle all the communication with the 
spacecraft. In addition, it would be desirable to have two orbits of near real 
time data per day at the control center. If these two requirements were met, 
this would dictate that Rosman be the prime tracking station and that some 
other station whose contacts occur on the orbits when the spacecraft trajectory 
remains below the horizon at Rosman be the backup station. Santiago contacts 
usually occur about midway of the time interval when Rosman is out of contact. 
For a 28. 5-degree inclination orbit, there would be 5 orbits between the last 
Rosman contact and the first Santiago contact. The gap would be 7 orbits 
between the last Santiago contact and the first  5 minute contact with Rosman. 
In each instance, the contacts at both Rosman and Santiago are for only two 
consecutive orbits. The data rates on the down'link must be capable of dumping 
7 orbits ( w  1050 megabits) of data in two &minute contacts. This amounts 
to 1.75 megabits per second. If two links are used, as in the baseline desi@, 
the individual link capacity could be reduced to 875 kilobits per second. This 
is 4 times the present GSFC standard for the STADAN network. 
. 
The 35-degree inclination orbit shows some reduction in out of 
The interval between Santiago and Rosman is 5 orbits (-750 contact time. 
megabits) and both Rosman and Santiago have 3 consecutive orbits of at least 
5 minutes duration. The data dump rate wculd be reduced to approximately 
400 kilobits per second per link. Data rates a s  high as this are  possible with 
the present ground station hardware. The standards for the ground stations 
w i l l  very likely be updated in the near future to allow higher rates. It should 
be noted that the maximum data storage capability of the baseline design 
system is compatible with this scheme. 
c 
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Alternate System Considerations (Sensors) 
a. Star Mapper Alternate. An alternate to the slitted reticle star _. . - 
mapper discussed in the baseline configuration is an instrument which generates 
a star map through an electronic scanning technique. The beam scanning type 
mapper has two modes of operation: acquisition and tracking. If this type of 
instrument is used to provide a star map while the spacecraft  is operating in 
one of the' scanning modes, i t  w i l l  be operated in  the acquisition mode only. 
In the acquisition mode, a smal l  field of view (FOV) is electronically swept 
through the la rger  instrument FOV. 
from left to right in steps until the ent i re  field is covered; the scan is then 
repeated. If there is a star image in the instrument FOV, its coordinates with 
respect  to the optical axis wi l l  be measured as it is scanned by the smaller  
FOV; thus, a star map is provided. Operation of the beam scanning t racker  in 
both acquisition and track modes is illustrated in Figure XI-19. 
The smaller  FOV scans the larger FOV 
Both the instrument FOV and the scan rate determine the accuracy 
of s t a r  positions. It appears that instrument FOV and scan rate can be designed 
to meet the &O.l-degree accuracy requirement in the attitude determination 
solution; however, this has  not been verified, 
b, Digital Sun Sensor Alternate. An alternate to using the digital sun 
~ 
sensor  fo r  solar  offset tracking in the galactic scan mode is to locate a guide 
s t a r  t racker  on the spacecraft  Z-axis to track guide s t a r s  at some angle, 6, 
f rom the solar  vector, which lies i n  the ecliptic plane. 
this scheme. The star image is focused in the tracker I'OV by the imaging 
optics. The position of the image with respect to the optic'tJ c ros s  axis is givcn 
as a two-component e r r o r  signal which represents scan-axis deviations from 
the s ta r .  The e r r o r s  generated by the star t racker  are processed by the atti- 
tudo sensing and control system (ASCS) computer and result  in the production 
of control torques which tend to align the scan axis on the guide s ta r .  
procedure is teriiicd "nulling" on target. 
Figurc J-1 i l lustrates 
This 
. 
Using the tracker in  this manner causes  the attitude of the scan axis 
of the spwecraf t  to be fiscd in space; this resul ts  i n  the same area of the galactic 
pl:uie region being repeatedly scanned. 
star perinits scanning of :I different portion of the galactic plane region. 
Reorientation of the scan axis to another 
The 
F 
N 
X 
TARGET STAR 
STAR TRACKER 
ECLIPTIC PLANE 
SOLAR VECTOR 
I '  
NOTE: 8 - SOLAR OFFSET ANGLE REQUIRED 
FOR GALACTIC ACQUISITION 
Figure J-1. Solar offset guiding stellar tracking. 
disadvantage of this technique is its dependence on the availability of suitably 
located guide stars since the guide star must be l'ocated almost exactly on the 
azimuth of the desired scan-axis orientation. A f t e r  completing the desired 
scan of one portion of the galaxy, it  is necessary to reorient the scan axis to 
a second suitably located b i d e  star, I€ the angle to the second guide s t a r  is 
greater than the narrowest scanning experiment FOV, some portion of the 
area of interest  wi l l  not be scanned. 
If guide stars are not suitably located to permit  complete coverage 
of the area of interest  by the method just  described, it may be possible to use 
a somewhat different technique. In this technique, e i ther  a fixed s t a r  t racker  
having a wider FOV or a gimbaled s t a r  t racker  is used to track a guide star' 
located a t  some angle off the desired scan-axis orientation. 
The strapdown t rackers  with off-axis tracking capability necessarily 
must have a larger FOV than those designed to t rack on-axis. 
creates  some potential target identification problems; however, this can be 
minimized by adding automatic threshold adjust circuitry.  
maneuver wi l l  put two stars of the same magnitude in the FOV, then the next 
higher o r  lower magnitude star within the t racker 's  FOV may serve  as the 
target source,  A beam scanning type t racker  would be a suitable instrument 
for  this off-axis tracking function. The operation of this type of instrument has 
been previously discussed for  use as a s t a r  mapper. In the present application, 
when the target star is detected by the scanning FOV the track mode is 
automatically switched in. The null position of the t racker  is electronically 
shifted from the optic c ros s  axis to the desired offset position of the guide s ta r .  
Two-axis e r r o r  signals a r e  generated giving scan-axis deviations from this 
offset  position. Data f rom the star tracker located in the spacecraft X-axis 
would be utilized to measure any scan-axis drift  around the cone of half angle 
equal to the off-axis angle. 
The la rger  FOV 
If the known 
Using a gimbaled s t a r  t racker  permits  the use of a smaller  FOV 
for  the instrument, thereby reducing ambiguity in target identification. However, 
the low reliability associated with gimbaled systems may not prove suitable for  
the 2-year HEAO mission. Using a gimbaled star t racker  does require a 
second rcference to yrcvent scan-axis drift around the offset angle cone and to 
provido h e  additional reference to give two-axis e r r o r  signals. 
gimbalod s t a r  t racker  requires a more complex implenientation scheme than 
the strapdown design tracking either rronff or ffoffll axis. 
The use of a 
& 
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c. Earth Horizon Scanner. To control scan-axis drift around the offset 
angle cone using the stellar offset tracking technique discussed previously, the 
earth may be used to provide a second reference for holding spacecraft position. 
There are several types of earth sensors available for  use; however, the conical 
scan type appears to be the most suitable for consideration in this scheme. 
Figure 5-2 illustrates the use of this sensor. The conical scanner rotates at a 
rate to scan across the horizon at a frequency of approximately 6 times per 
second. Each time the scanner cross axis is aligned with the spacecraft axis, 
a reference time pulse is generated. A t  the instant of earth intercept, another 
time pulse is generated. The difference between these two pulses together with 
the spacecraft scan rate gives the instantaneous position of the spacecraft 
X-axis with respect to the local vertical. In addition, the scan-axis (Z-axis) 
position with respect to the local vertical may be calculated using horizon 
scanner outputs and orbital parameter information. The sensor does not 
provide this angle directly. A coordinate system transformation is required 
which transfers the spacecraft position in earth coordinates to the inertial 
system. 
To utilize horizon scanners to provide a second reference for offset 
star tracking, an onboard computation wi l l  be required to determine the apace- 
craft attitude. Continuous attitude determination is difficult to implement, 
since compensation for orbital nodal precession must be made. However, i t  
can be implemented by sensing the scan-axis drift motion using the star tracker 
and triggering on a 1.0-degree deadband. Scan-axis drift motion can be 
detected by measuring the period of a signal generated by the star tracker. 
Because of the spacecraft rotation, the s ta r  tracker two-axis output is a time 
varying signal, The period of the tracker output signals must equal the scan- 
rate signal period if no scan-axis drift exists. If scan-axis drift occurs, the 
period of the star tracker output signal changes relative to the scan-rate 
signal period. By gating the zero crossing of the star tracker outputs to a high- 
frequency counter and doing the same with the scan rate signal, frequency 
measurement differences can be detected. The amount of difference would be 
proportional to the amount of drift. Corrective action is taken to maintain a 
1-degree drift maximum. . 
The earth horizon sensors can be used in  lieu of the star tracker 
located on the spacecraft Z-axis to provide a second reference source. The 
horizon sensors would be used with the digital sun sensor in the galactic scan 
mode. 
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Figure 5-2. Horizon scanner. 
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Using the conical scan-type horizon sensor will  be expensive, Two 
scanning sensors would be required in  the spacecraft to allow continuous 
earth coverage. To assure continuous earth coverage during the orbital period, 
the sensor's location on the spacecraft may require canting of the 'sensor axis 
with respect to the spacecraft body axis. 
2. Magnetic Torquer Sizing 
The sizes of the magnetic torquers required for the HEAO spacecraft 
were determined as described below. Magnetic torquers may be either empty 
coils or  coils with core material; the sizing of both types is discusped below. 
Magnetic torquers wil l  perform two functions on the HEAO spacecraft; scan- 
axis attitude orientation control- and scan-rate control. 
a. Scan-Axis Attitude Control Coil. The coil located on (parallel to) 
the scan axis of the spacecraft should be capable of producing a control torque 
equal to the maximum value of the disturbance torquc which acts in  the plane 
normal to the scan axis. The maximum value of this disturbance torque was 
calculated to be 0.0727 ft-lbf. The minimum value of the component of the 
earth's magnetic field that is effective for scan-axis attitude control is expocted 
to be not less than 0.10 gauss. The magnetic moment (M) required to produce 
a control torque (T) of 0.0727 ft-lbf in a field of 0.10 gauss is 
M = - =  0727 = 0.727 ft-lbf/gauss B 0.10 
o r  
M = 9858.1 amp-m2 
I. , Coil with no core material. The windings of this coil would 
be placod around the inside surface of the spacecraft to obtain the maximum 
possible coil area and hence the maxiilium magnetic moment. In this arrange- 
ment, most of the space inside the coil is occupied by materials of low 
permabili ty and the coils can be regarded as air cored. 
~ 
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The mass power product in watt-kilograms for a circular coil 
is given by Reference J-I as 
WP = + 1 6 0  M2 
where 
u - resistivity of the coil (2.82 x IO-*  ohm-m for aluminum) 
p - density of the coil (2.7 x I O 3  kg/m3 for aluminum) 
M - magnetic moment required (9858.1 amp-m2) 
D - diameter of the coil (7 ft I2.133 m) 
Solving this equation gives 
- 16 x 2.- 82 x lo'* x 2.7 x lo3 x (9858. 1)2 = 26 021 watt-kg 
(2. 133)2 
If the power available for use by the scan-axis attitude control 
coil is limited to 100 watts, the weight of the coil is 260.21 kg or  573.79 lb. 
This coil weight can be reduced by using coils having a suitable core material. 
2 .  Coil with core material. Selection of core material i s  based 
on a desire for, low coercive .force and low permeability to provide ease in 
magnetization and high dipole moment per unit weight. If Permendur is used 
for the core material, then i t  is possible to provide a saturated field strength 
(Bs) of 2.33 webers/m2 with a field (H) of 3940 amp-turns/m [J-21. 
The volume of core material (V ) needed to produce a 
C 
magnetic moment (M) of 9858.1 amp-m2 is given by 
J- 7 
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where po = the permeability of Permendur, = 4 K by IO". Solving this 
equation gives 
The density of Permendur is 8.32 by IO3  kg/m3. Therefare, 
the mass of Permendur required is 
M = 5.317 x X 8.32 x IO3 = 44.24 kg (97.55 lb) 
P 
A length-to-diameter ratio of 20 was chosen as convenient for the size of the 
core material. 
Then the core length L = 20 D and the volume of a cylindrical- 
shaped core is given by 
v = Z D 2 L  4 
o r  
v = 5 7 r 4  
Therefore, the core diameter is 
I/= 1/3 
D =  ('c - ) - (5.317 x 57r 5K = 0.070 m (2.76 in. ) 
and the length is 
L = 20 D = 1.40 ni (4. 59 ft) . 
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The m a s s  power product in watt-kilograms for the coil, 
excluding the core, is given by 
WP = ~ T H ~ L U ~ V  
C 
where 
L - length of the core = 1.40 m 
V - volume of the rods = 5.317 x 10' m3 
C 
H - field strength = 3940 amp-turns/m 
Solving this equation gives 
W P  : 47r (3940j2 x 1.40 x 2 .  82 x lo-* x 2.7 x lo3 x 5 . 3 1 7  x 
= 110. 56 watt-kg 
If the power is limited to 100 watts, the mass  of the windings is 1. 11 kilograms 
(2 .45  pounds). 
Therefore,  total weight of the core  material  plus windings is 
44. 24 lig + 1. 11 I<g = 45.35 kg (100. 00 lb) 
The length of the coil windings (L)  is given by 
J-9 
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where R is.the resistance of coil and W, p ,  cr, are as previously defined. 
For a maximum power available of 100 watts, a coil of 10 ohms resietance 
wi l l  have a maximum current of 3.17 amps, which is low enough for transistor 
circuitry. For  a coil resistance of 10 ohms, the winding length L is 
= 381.8 m 10 x I .  I1 = ( 2.7 x I O '  x 2.82 x I O 4  
The perimeter p of the circular coil windings is given by 
p = T diameter . 
Thus, 
p = T x 0.07 m = 0.2199 m 
The number of turns of coil winding is 
L 
P 
N = -  
or  
= 1736 turns 
0.2199 N =  
b. Scan Rate Control Coils. Preliiiiinary results of spacecraft motion . 
siniulation indicate a variation of about I percent in thc scan rate during one 
orbit o f  the spacecraft. Therefore, a control torque which i s  capable of 
changing the scan rate by f. 1 percent during a 60-second period would appear 
to bc :idequate. On this basis, the coils located on the a w s  normal to the scan 
:=is were sized to produce a change in the scan ixte of 0.0067 deg/sec in a 
J - I O  
60-second period. The torque required to change the scan rate of the space- 
craf t  by 0.0067 deg/sec in  a 60-second period is 
T = 1; 
where 
T 
I 
w 
T 
- torque, ft-lb 
- mass moments of inertia about the spacecraft  scan axis, 
36 900 ft-lb-sec2 
angular acceleration of the spacecraft about the scan axis, 
radians/sec2. 
- 
Solving this equation gives 
Scan-rate control is Carrie?. out whenever the ear th ' s  magnetic 
field corrponent along the scan axis is a s  small  a s  possible to minimize t h c  
cross-coupling effect of r a t e  control torques on the scan axis. For this 
condition the total ear th ' s  field, which var ies  from 0.263 to 0.372 gauss,  lies 
in thc planc normal to the scan  axis. Therefore,  the lowor value of 0.263 
gauss was uscd a s  the strength of the ear th 's  field for sizing the scan-ratc 
control coils.  The magnetic moment of each coil is 
0.072 ft-lb 
= 0.277- 
T 
B 0. 26 gauss 
M = -  = 
0 1'
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1. Coils with no core material. The mass power product in 
watt-kilograms for a circular air coil is 
WP = 1 6 0  M2 73- 
or  
16 x 2.82 x lo4 x 2.7 x los (3756)2 
(2. 133)2 = 3778 watt-kg . W P  = 
For 20 watts of power available for scan-rate control the mass 
of coil is 188.9 kg o r  415.6 lb. Total weight for two coils is about 
2 x 416 = 832 lb and total power required is 40 watts. 
2. Coils with core material. If Permendur is used for the 
magnetic rods (core material), the volume of rods required is 
or  
The mass of the rods is 
2.026 x 10' x 8.32 x io3 = 16.86 kg (37.12 1b) 
For rods, a length-to-diameter ratio of 20 is taken, then the 
rod diameter is given by 
5-12 
or  
(2.026 x 10-3 ) 1/3 
D =  57r 
where D = 0.0114 m and rod length L = 20D = 0.228 m. 
The mass power product for  the windings of the electromagnet 
is 
W P  = ~ T H ~ L C ~ V ~  
Substituting the values gives 
W P  = 4 (3940)2 x 0.228 x 2. 82 x IO'* x 2.7 x 10' x 2.026 x 
= 6. 86 watt-kg . 
For 20 watts of power available for scan-rate control,  the m a s s  of windings 
required is 0.34 kg (0.75 lb) . The weight of the rods plus windings is 
16. 86 kg + 0.34 kg = 17.20 kg (37. 87 lb) 
Froni this analysis it appears  that i t  is better to use electro- 
magnets ra ther  than eiiipty coils.  In this analysis no attcinpt has  been made to 
optiinize the inagne tic moment producing devices for  mass and power. L 
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In the celestial pointing mode of spacecraft operation, any one 
of the three axes of the spacecraft may be required to point in some inertial 
direction and its attitude held within f 1 degree. This will require a three-axis 
attitude control system. Since the roll angle on the pointing axis is not reFjuired 
to be precisely controlled, and can vary as much as 37 degrees, a two- o r  
three-coil system can be used for pointing mode operation. The coil located 
parallel to either the X. o r  Y spacecraft axis should be the same size as the 
coil located on the scan (Z) axis. The third coil may be smaller than the 
other two because its primary use wi l l  be scan rate control. 
Therefore, the total weight of the three coils is 
(100 + 100 + 37.87) = 237.87 lb, and requires a maximum of 100 watts of 
power. Providing 24 lb for insulation cover, mounting, connection, etc., the 
total weight of the three coils becomes (237.87 -t 24) = 262 lb. 
3. Celestial Pointing Mode 
The baseline concept assumed early in this study for this mode assumes 
that the spacecraft Z-axis is kept aligned with the solar vector at all times. 
This concept reduces flexibility in choice of targets since the target wi l l  be in 
a favorable position for viewing only twice per year. By carefully progroinniing 
the sequence of target sightings, the baseline concept can be implemented 
using a simple attitude control system. 
An alternate approach to performing this mode is possible without using 
any additional sensors or actuators other than the ones specified for the base- 
line system. The primary constraint for this alternate is that the Z-axis; 
offset from the solar vector must not exceed approximately 37 degroes; ~owevr!r, 
this limiting offset angle can possibly be increased by turning off tho eleqtrical 
power to cxpcriiiicnts that have no interest in gathering data during this 
particular time ol owration. The scheme requires that tlic Z-axis be offset 
froiii the surqline and that the spacecraft bo rolled about the Z-axis until tho 
espcriiiicnt line of sight is aimed a t  the point of interest. Tho two-axis digital 
sun sensor is used to iiieasure the commanded solar vector offset angles,about 
the X and Y axe;. By the acquisition and recognition of a selected star, the 
star trackeri which has i ts  line of sight along the X-axis, provides update 
information on the angle $I that is used to resolve the digital sun sensor: 
measured angles into the 8, \k, and @ coordinates. Therefore, by obtaining 
ground-coiiiputed pointin$ information and by using the digital sun sensor to 
me:tsure solar offset angles and the s tar  tracker to supply information fsr the 
angle cp complete three-axis positioning of the spacecraft is possible. 
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'I'hc rate gyro package is again used to provide rate and position outputs 
for fitabilization and for  use in attitude holds during planned star and sun occulta- 
tion periods. . 
In summary, the basic mechanization of this alternate approach is 
almost identical to that used for the galactic scan except for a change in control 
caused by the vehicle being nonrotating. 
4. HEAO Coordinate -Systems 
It is necessary to select several  reference coordinate systems and 
relate the selected system in physically meaningful geophysical t e rms  so that 
the vehicles attitude (angular position) can be described a t  any instant of time. 
Furthermore,  the environmental forces  which act  on an orbiting spacecraft  are 
usually known or calculated with respect to a local vertical  reference frame. 
Since the HEAO wil l  have i ts  principal body axes solar  oriented, the local 
vertical  must be transformed into solar coordinates to evaluate the environ- 
mental forces  and estimate their  impact on control system design. For 
example, evaluation of gravity gradient torques - in body axes requires that the 
directed from the ear th 's  components of the unit local radius vector,  
center to the spacecraft center of mass ,  be obtained i n  body axes components. 
Since orbital parameters  such a.s  altitude, inclination, ascending line of nodes, 
and time of year  a r e  5sually specified, R wi l l  be known or  can be calculated 
in te rms  of s local ver t ical  coordinate system. - But fo r  use in the gravity 
gradient torque equations, the components of R must be derived in t e rms  of 
the body fixed frame. 
RO , 
0 
0 
Such a derivation wi l l  require the definition and use of several  coordinate 
systems and transformations between systems. The actual number of trans- 
lormations depends upon the specific mission of the orbiting vehicle and its 
desirable attitude orientation, and upon the accuracy in evaluating the torque 
coniponents nnd the time interval Over which the evaluation is to bc made. 
14.01- practical design purposes i t  can be assumed that the earth 's  orbit  about 
thc sun is circular  instead of elliptical, the carth-moon barycentcr is identical 
rcsult  i n  considerable simplifications in geocentric carth-sun inertial  reference 
coordinates and orbital dynamics. The ear th  moves about the sun at a constant 
angular ra te  (Fig. 5-3) of approxiiiiately 1 degree per  day, the ear th 's  
solstices and equinoxes occur at even 90-degree intervals measured f rom A i r e s  
(an inertial  reference denoted by T) , the moon's gravitational effects are 
ignored, and ephemeris tables or calculations are not necessary to specify the 
ear th 's  seasonal position. 
A w i t h  ear th  center,  and the spacecraft orbit is circular.  These assumptions 
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Fibwre 5-3. Earth-sun inertially referenced to Aries. 
Three planes relative to the celestial sphere provide the basic references 
fo r  development of the coordinate systems necessary to describe the HEAO's 
attitude reference at any time: the orbital plane, equatorial plane, and ecliptic ' 
plane. In defining reference systems for  the HEAO, standard coordinates, as 
given in Reference 5-3, wil l  be utilized when applicable. When defining axes 
relative to a plane, the following philosophy should be observed: the X-axis 
is utilized as a pointing axis in the plane (as exampleu, along an ascending line 
of nodes, the sunline vector,  Ar ies  inertial direction, etc. ) , directed from the 
geocenter or spacecraft  to the object being located; the Z-axis is always 
perpendicular to the plane directed in  a northerly direction (as examples, 
perpendicular to the orbital plane (POP) , the ecliptic plane (PEP), etc. ) ; and 
the Y-axis completes a right-hand triad in the plane. Angles are always defined 
in a positive sense by the right-hand rule being applied to the (X, Y ,  Z )  triad. 
Unit vectors along the reference axis are denoted by the (I, J, K )  triad. A 
subscript on the tr iads indicates a specific coordinate system. Reference 5-4 
provides a basis for  the HEAO coordinate reference definition. In addition, 
a standard Euler  angle sequence, References 5-5 and J-6, Type 3 ,  2,  1, is 
necessary to express  attitude e r r o r s  f rom the desired reference frame.  
HEAO must be oriented toward the sun to receive the proper amount of solar 
energy for  power conversion, solar  coordinates are selected a s  the body 
reference frame and the Euler angles ( 9, 0, Cp ) a r e  used to express  the 
vehicles attitude relative to the  solar  reference frame.  
Since 
I'igure 5-4 indimtes the earth-orbit-ecliptic plane geometry and the 
;tngul:~r relations necessary to relate the spacecraft's orbital position to either 
inertial  o r  solar coordinates. 
i n  which the rotrrtions must occur. 
wards, but the a r rows  indicate a forward count rotation that brings the solar 
into the orbital coordinate system. 
three planes are shown in more detail in Figure J-5. 
The subscripts on angles indicate the sequence 
The count may be either forward or  back- 
The angles and coordinates between the 
In performing transformations between coordinates, vector matLix 
notation is used for simplification whenever practical, For example, X 
denotes the transpose of the triad (X Y Z ) and the subscript  Irs" 
indicates solar coordinates. Capital letters are used to indicate matrices or 
transformations between coordinates with a double subscript to indicate the 
denotes 
a niatrix operation which c a r r i e s  the ttb" into the Itatt coordinate f rame and 
is written algebraically as X - The elements of A are identified 
by double nuiiierical subscripts which indicate the row and column, respectively. 
8 
6' 6' s 
Aab L coordinates being related by the transformation. For example, 
N N 
a - Aab xb' a b  
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1 ECLIPTIC 
ASCENDING LINE OF NODES 
Figure 5-4. Earth-orbi t-ecliptic geometry. 
Since the matr ices  used in the t rmsformations are orthogonal, the 
reciprocal ( inverse) hiatrix is identical to the transposed rnutrix which is 
clenotecl by a superscript  "asterisk. 
I is the identity matrix and A'" 
reference frames, Reference 5-4, are defined in the following paragraphsi. 
whcrc >:< A ab  a b  
The specific 
Hence, A a b A g b  = I = A 
is the inverse of A ab' 
a b  
X,, yis, Z a r e  solar  fixed coordinates (the HEAO body reference 
S 
coordinates) with X 
Z 
coiiipletes the. right-hand triad. 
directed from the ear th to the sun i n  thc ecliptic plane, 
S 
is P E P  (Reryendicular to the ecliptic plane) directed northward, and Y S 
S 
X , Y Z are inertial coordinates referenced to the ecliptic plane 
with X directed toward A,ries, Z = Z is PEP ,  and Y 1 completes the. 
triad in tlic ecliptic plane. The inertial is transformed N into so la r  coordinates . 
by rotating about Z 
thc apparent rotation of the earth about the sun as iucasured from the vernal 
cquinox and indicates the seasonal time of the year .  
1 1: 1 
1 1 S 
by the angle A ,  Zs = A sl X 1' The angle A represents  1 
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Figure 5-5.  Geocentric coordinate systems. 
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X Y Z are geocentric inertial coordinates referenced to the 
g’ g’ g 
equatorial plane with X = X pointing toward Ar ies ,  Z is perpendicular 
to the equatorial plane directed northwardly, and Y 
The geocentric is transformed into inertial rotating about X 
e = 23.5 degrees, X = A X The angle e, between the ecliptic and 
equatorial planes, is always constant and X 
g 1  g 
completes the triad. 
by the angle 
g 
(v g 
(v 
1 k g’ 
is always on the ascending line 
g 
of nodes between the two planes. 
Y Z is an earth-equatorial system referenced to the equatorial 
on the ascending line of nodes between the equatorial and orbit 
xe’ e’ e 
plane with X e 
planes, Z = Z is perpendicular to the equatorial directed northward, and 
e g 
Y completes the triad. The geocentric is carried into the earth-equatorial 
by a rotation about Z by the angle 52 between the ecliptic-equatorial and 
equatorial-orbital l ines of nodes (LON). The angle 52 is known as the orbital 
regression angle and i ts  time derivative as the orbital regression rate. The 
rate is always negative for orbital inclinations less than 90 degrees. 
initial angle value may be related to orbital injection conditions necessany to 
produce the LON. The transformation is 2 = A fi . 
e 
g 
T b  
g ge e 
X Y Z is an orbit-fixed system referenced to the orbital plane 
with Xo = X on the ascending LON, Z o  is POP in a northerly direction, 
and Y completes the triad. The earth-equatorial system is transformed 
0’ 0’ 0 
e 
0 
into the orbital system by a rotation about X by the orbital inclination angle 
e 
N 
L ,  and 2 = A X . e eo o 
ascending LON when the 
northern hemisphere. 
X Y , Z  i s a  
P’ P P 
The angle of inclination is measured positively a t  thc 
spacecraft crosses the equator going from southern to 
local vertical (plumb line3 system referenced to the 
orbital plane and the vehicles position in orbit. The X -axis is directed froin 
thc cai-th’s center to the spacecraft in  orbit (opposite the local gravity vector), 
Z - Z i s  POP, and Y completes the triad (aligned with the orbital velocity 
vcctor) . The orbital plane i s  carried into local vertical coordinates by a 
P 
P 0 P 
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positive rotation about Z by the orbital position angle 0 = A . 
The orbital angle is measured from the ascending LON, to the spacecraft in 
orbit, and defined for circular  orbits by 8 
rate and t the orbital time from the LON. 
0 0' 0 OP P 
= W t, where Wo is the orbital 
0 0 
The individual transformational matrices between local vertical  and 
solar (reference) axes are combined to give = A 2 . The elements 
of A 
S SP P 
are defined in Reference 5-4 with cp = e SP 0' 
Xr,  Yr,  Zr are mission-dependent reference coordinates on which the 
spacecraft  body axes are to be oriented. HEAO is rel'erenced to solar  coordi- 
nates because of the use of hard mounted solar  gonnels. Therefore, X X . 
Xb, Yb, Z b  are body fixed coordinates which are usually chosen so that 
N N 
r S 
the c ross  products of inertia are zero. The HEAO principal axes have been 
assumed to be identical to the body control axes. 
a r e  being studied, confusion between relating structural  axes to control axes 
and reference axes can be avoided by defining a consistent rcference of body 
fixed coordinates fo r  attitude control purposes. I t  is suggested that the 
following axes definitions be utilized for the H E A O  le t  the X be directed 
toward the sun and be the axis about which the vehicle rotatcs to scan either 
the galactic belt o r  celestial  sphere,  let Z b  be the pr ime experimental 
pointing axis, as such the experiments must view in the general direction of 
Zb, and let Y complete the t r iad.  In a solar-oriented mode without spin, 
the body axes are ideally aligned with the solar  axis,  = 2 without 
perturbations; however, i f  the spacecraft is perturbed from the desired 
rel'erence o r  i f  a solar  offset angle is commanded, as in the galactic scan 
mode, then a three-angle modified Euler transformation (type 3, 2, 1) 
is utilized to relate the two systems. Reference J-5 contains a standard 
tleriva lion of the iiiodil'ied Euler angle transformation which is comlnonly used 
lor :iircr:LCt si ululations and is valid for small-angle approximations. 
Since several  configurations 
b 
b 
S b 
4. Initially the solar  m c l  body axes are assumed to be inisaligned and the 
solar ;LXCS :ire c:trriecl into the misaligned body axes by l i r s t  rotating about thc 
Z -u is  by thc :ingle qj. 
ti*:insforincrl Y -axis by the angle 0 ,  and finally by a posilivc rotation about 
'I'his is followod by a positive rotation about the once- 
S 
si 
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the lwice-transformed X -axis by the angle 9. A t  thc end of the sequence, 
the solar  (reference) f rame is coincident with the body principal frame. The 
Euler angle sequence is shown in Figure J-6. The angle 9 is measured in the 
ecliptic from the sunline to the perpendicular projection of the scan axis on the 
ecliptic plane. The angle 8 is measured normal to the ecliptic plane along the 
perpendicular projection of the scan axis, and the angle g, is the scan angle. 
In aircraft nomenclature, the Euler angles 9, 8, g, correspond to yaw, pitch, 
and roll ,  respectively. 
s2 
The translorniation f rom reference (solar)  to body axes is given by 
X = B where the elements of B are defined in Reference 5-5 and 
N 
b b s  s b s  
J-G. 
The Euler angles are related to the rotational equations (Euler equations) 
of motion by kinematic relations which express  the body rates :IS functions ol' 
the Euler angles and rates. These relations are commonly derived by trans- 
iorming each angular rate into body coordinates and then suinniing components 
to produce the body rates (W , W , W ) . 
( 3 ,  2, 1) type transformation are 
The kinematic relations for 'thc 
X Y Z  
w = & J s e  
X 
w = ec++\ksg,ce 
Y 
w = *cg,cc--esg, z 
The  Euler kinematic relations may be solved for 4, 6 ,  $: 
. 
I \k ( w y s + +  w z c g , ) / c e  
i .  w C $ - w  sg, Y 1. 
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w Figure J-6. Orientation of body relative to solar axis and the Euler angle sequence. 
. .  
A s  defined, the kinematic relations are valid for angles 9 ,  8 ,  and $I 
bounded by 
Note that there are no restrictions on \k and $I, and that gimbal lock 
(nonlinearity) occurs  whenever 8 = f 90 degrees.  For HEAO, the Euler 
angles are the heading angle \k measured i n  the ecliptic plane, the attilude 
angle 0 measured perpendicular to the ecliptic plane, and the bank (spin) 
angle $I measured about the solar pointing body axis (*, 8,  and @ 
corresponds to yaw, pitch, and roll ,  respectively). Since HEAO is restrictetl 
to point in a sunwardly direction to receive tho proper aniount of solar oncrgy 
and since 0 = i 90 degrees corresponds to pointing the spin asis perpendiqular 
to the ecliptic plane (either north or south),  gimbal lock wi l l  not occur during 
an operational 'mode. Hence, i t  is recommended that the 3, 2 ,  1 type Euler 
angles be used for all HEAO simulations. 
oriented spin mode the solaroffset angle is expected to be less than 2 degrees 
uncontrolled ar?;d 1 degree controlled per orbit, hence sinall-angle approxin>a- 
tions may, in some cases, be used for  9 and 8 to gain insight to the expected 
rotational motion and stability characterist ics.  However, since $I is the spin 
angle, i t  can attain all possible values. 
Furthermore,  during a solar-  
Combining the transformations from local vertical  to so la r  and from 
solar to body produces 
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T h e  elements of C are 
bP 
c 3 4  = B32 + B33 
‘l’hc t ransformation given by equation (4) is utilized to pro jec t  thc local  rad ius  
v e c t o r  (known in local v e r t i c a l  coordinates  as R i i ) into body coordinates  
O P  
a f t e r  which, the gravi ty  grad ien t  torque equat ions in  body pr incipal  axes 
may be cvaluatcd by using R 
graclient torque components act ing on the HEAO i n  the cclestial s c a n  niode arc 
given i n  a forthcoming section. 
= C,, ,  Ky = Czl ,  and R = C31. The gravi ty  
X Z 
, 
I”ui.theriiiore, :in evaluation of the aerodynamic torques  act ing on the 
c I I E A O  also r c q u i r e s  that equation (4)  be ut i l ized t o  project  the orbi ta l  velocity 
vcc.loi*, V V jp, into body axcs coinponents; a f t e r  which, the :ingle of at tack 
;in(i thc sick s l i p  angle :I re calculatctl ,  drag and lift coefficients are obtained, 
;i rid then tho :ierociynaniic to rques  can be algebraical ly  obtained :ibout e a c h  
sptcecraft axis . 
- 
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. 
Additional coordinate systems (Fig. 5-7) must be define( to relate the 
ear th 's  magnetic field to the HEAO body axes. 
systems depends upon the desired accuracy as well  as the assumed model of 
the field. For preliminary design purposes, a tiltctd-centered dipole model 
of the earth's field wil l  probably be adequate. The declination of the magnetic 
dipole is assumed to be 11 degrees f rom the geocentric north (79 degrees  north 
latitudc) . T h e  magnetic environment - field measured a t  the spacecraft  - is 
gcncrally clcnokd by thc vector B. Thc tnagnitutle and direction of B depcnds 
upon both thc iiiotioii of the spacccraft and the earth. 
Iw l a o w n  I II gcomaguetic coordinates which must be transformed into the 
sp:icccr:i€t body axes. A tilted dipolc niodol of the E:uth's nxignotic field is 
coutained in 'I{efei-ence ~ - 9 .  
The number of additional 
Thc field is assumed Lo 
NORTH 
MAWETIC rOLE ZmxZa 
\- 
P U R  
1;igul.e 5-7. Geomagnetic coordinates relative to the geocentric 
inertial  system. 
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Y Z are geomagnetic coordinates referenced to the magnetic Xm’ m’ m 
plane. The X -axis is on the ascending L0.N between the equatorial and 
geomagnetic planes, the Z -axis is perpendicular to the geomagnetic plane 
directed northward, and the Y -axis completes a triad in  the geomagnetic 
plane. 
m 
m 
m 
Xn, Yn, Z are geographic coordinates referenced to the equatorial 
plane wi th  X E X The Z -axis is perpendicular to the equatorial plane 
directed northward, hence, Z f Z and the Y -axis completes a triad i n  
the equatorial plane. The 2 axes are carr ied into the 2 system by a n m 
positive rotation about the X -axis by the angle ,!j = 11 degrees. In vector n 
matrix form, X = A X . 
n 
n m* n 
n g ’ n 
N N 
n nm m 
triad is related to the previously defined geocentric ?i The ?i 
n g 
system by a positive rotation about the Z -axis by the angle S2 = S2 + W t .  
The angle fi is an initial value used to position the longitude of the magnetic 
g m om e 
om 
pole relative to the orbital plane LON a t  time zero,  and the earth’s angular rate 
is denoted by W . Algebraically, X = A % = A A X N N e g gn n gn nm m’ 
Combining previously defined t ransforzat ions,  the geocentric N is related 
to the solar  (body reference) coordinates by X - A A X Theroforo, 
the  geomagnetic to solar  transformation is 
S si ig g’ 
N N - 
X - A  A A A X = D  X 
S si  i g  gn nm m ~ i m  m ( 7 )  
I‘quation (7) is operated upon by the Kuler anglc translormation E) bEI 
4 to obtain the final transformation which relates  the geomagnetic to the MEA0 
body axes. 
N N - N . -  2 = B  D X -- 
= 13bs s bs sin in - Mbmxrn 
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Utilizing equation (8) , the components of the earth's magnetic field, 
known in geomagnetic axes, are obtained in the HEAO body principal (control) 
axes. The elements of D which are listed in Table J-I, may be used in a 
simpler form by assuming a fixed angle for A and S2 in which case the 
m' 
elements become constants. The elements of M are of the same form as 
sm' 
bm 
those shown in equation (5), with A.  . Is replaced by D. .Is and' C .'s replaced 
13 1J i J  
by M.. 's. Paragraph 7 of this appendix utilizes the M transformat'ion to 
1J b ni 
obtain the earth's magnetic field in  body I'ixed coot*clin:&s. 
E'or coinpletenoss, the elements of A : L I T  givun i n  Tablc J-2 as 
SP 
functions of five physically meaningful angles: once specified, L and e are 
constant, A and S2 vary slowly with time, and U o  varies rapidly with time. 
Assuming a winter solstice launch (A = 270 degrees) with the ascending LON 
perpendicular to the sunline (S2 = 180 degrees) and defining = L + e as 
the angle between the orbit and ecliptic planes, the simplified directional 
cosines of A 
angle e 
?Ir 
Bbs 
Bbs 
0 
a re  given in Table 5-3 as functions of the orbital position 
SP 
The gravity gradient torque can be maximized by selecting 
0' 
= 45 degrees. The elements of the Euler angle transformational matrix 
0 
are given in Table 5-4. Without misalignments from the solar reference, 
becomes !the identity matrix. 
5. Euler's Equations for HEAO 
The dynamic equations which govern the rotational motion of a spaae- 
cr:tft with ;i Llywheel aligned with its spin (scan) axes nre derived by first  
obtaining the rungular momentum in body coordinates and then substituting the 
1lionientuiii into Eulcr's equations. However, before deriving the equations, 
:ti1 :ilternnte bsdy principal axes system wi l l  be defined which is identical with 
tlic rcl'erence i(so1:tr) coordinates at  time zero. U h g  such :L body axes 
s y s  tcx 111 :tltcrn:ite configurations can be compnred without rewriting the equations 
o I' 1110 tion. 
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TABLE J-1. ELEMENTS OF THE TRANSFORMATION, Dsm, 
FROM GEOMAGNETIC TO SOLAR INERTIAL 
D,, = CA CS2 
D,, = -CA SS2 
D13 = CA Sam Sg - SA CS2 
D,, = -SACS2 
+ SA Sa, C e  m 
m Cg + SA C a m  Ce Cg + SA Se S[ 
C e  SF, + SA Se Cg 
I 
m 
+ CA Sf in lCc  m 
D,, - S A  SaIll C[ + Ch CO,,l CC! C[ + C h  Sc s[ 
0 2 3  
D3, = -San1 Se 
D3, = -Cam Se Cg + Ce Sg 
0 3 3  = COln Se Sg + Ce Cg 
- -SA SOm Sg - CA CO,n Ce  Sg + C h  Sc Cg 
- 
TABLE 5-2. ELEMENTS OF A 
SP 
A,, = Cb, [Ch CO + S A  SO Ce]  + SOo[-CA SS2 C L  + S A  CO Ce  C L  + S A  Se S L ]  
0 I 
A,, = -SUofCh CS2 + SA SO Ce]  + Ce [-CA SO C L  + S A  CO Ce  C L + SA Se Si1 
A,, = SL[CA SO - SA CO Cel  + C L  SA Se 
A,, - -CU [SA Cs2 - C h  Si2 Ce]  +SO [SA Si2 C L  + C h  Ci2 C o  C L  t CA So S L ]  
A,, SO ( S A  CS2 - ( : A  SS2 C c ]  + CO [ S A  Si2 C L  + C h  CS2 Co C L  +CA Sc S L ]  
0 
0 0 
0 0 
-S l  I S h  Si2 + C:h CSZ C e ]  + C L  Ch Se 
;i:{, - -CU S S ~  sc - SO [ C O  Se C L  - Ce S L ] '  
0 0 
l. Si2 S e  - CU [CSZ Se C L  - C e  S L ]  
yU 0 0 
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TABLE 5-3. SIMPLIFIED ELEMENTS OF A i 
[ A  = 270 deg, 52 = 180 degl s? 
'1ABLE 5-4. ELEMENTS OF THE EULEII. TItANSE'OIW.ATION, Bbs 
B ~ ,  = ce c* 
Bi2 = CO S\k 
B13 = -E% 
B2l = Sqb SO C 9  - C@ S* 
B22 = Sqb SO SIJ! + C @  C @  
~ 2 3  = sqb ce 
B 3 2  = cq5 so S\ll - s+ CI11 
B33 = Cqb CO . 
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Z be a body principal axes) tr iad such that the \-axis 
is the scan (spin) axis and must  be solar oriented. The majority of the exper- 
iments which view the celestial sphere are aligned with the Z -axis which is 
perpendicular to the X -axis, and the Y axis completes a right-hand triad. 
In a solar inertial mode, X ' s .  Figure 5-8 shows the baseline HEAO 
(Configuration I) and a possible alternate (Configuration 111) with the axis of 
minimum incrtia as the scan axis. The2ody structural  coordinates are shown 
for  each colzriguration and the redefine \ system is Hhown superimposed on 
solar coordinates refercnccd to the ecliptic plane. 
derived relative to the X, body principal coordinates. 
yb' b Let  Xb, 
b 
b N H  b- 
S 
Eulurs equations are 
N 
The angular momentum of the flywheel aligned with the -axis is 3 
- 
h = I f W f $  h f $  
f 
where I is the inertia,  W is the angular ra te ,  and h is the momentum of 
the flywheel. The flywheel inertia is also included in lhe X -axis body inertia. 
The vehicle angular momentum vector in body axes is 
f f f 
b 
- 
H = hx+,+h j + h  $ 
Y b  z 
The components of 2 for the HEAO body principal axes are 
h = I W + h  
X x x  f 
h = I W  
Y Y Y  
h = I W  z z z  
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Figure 5-8. HEAO axes definition. 
where W W , W are the angular rates and I I , I are the principal 
X,,, Yb, and Z axes. In vector form,  Euler 's  ' moments of inertia about the 
equation is 
XI y z x' y z 
b 
Expanding equation ( 12) and equating components produces 
. .  
T = h  + h  W - h  W 
X x Z Y  Y Z  
T = d  + h  W - h  W 
Y Y Y Z  z x  
(13) 
T = h + h  W - h  W 
Z z Y X  X Y  
Substituting equation ( 11 ) into equation ( 13) produccs the 11 E A 0  E d e r  equations 
which govern its rotational motion about its center of mass. 
I w + ( I  - I )  w z w  + I  w 
x x  Z Y  Y f f  
I 6 + ( I  - I )  W W + h f W z  y y  x z  x z  
I 6 + ( I  - 1 ) W  W - h W  z z  y x  y x  f y  
= T  
X 
= T  
Y 
= T  z 
C 
x *  Ty' The right-hand side of equation (14) represents  the applied torques ( T  
T ) which are assumed to originate from both environmental and xctive attitude 
control actuators. 
sct cqua1 to zero. 
set cqual to either the environmental torques as gravity gradient (or aerody- 
n:mic) or the control torques from reaction jets (or magnetic coils) or possibly 
z 
For a stability analysis , the applied torque components are 
For  vehicle t ime response studies, the applied torques are 
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a combination of all torque sources as the simulation complexity incPeases. 
For active control system sizing, the dominant environmental torque is used 
as a basis for determinimg the energy requirements (impulse) that %a necessary 
for attitude hold. For the HEAO, the gravity gradient torque is the dominant 
environmental torque. Orbital conditions, time of year, and time of day of 
launch are selected such that the gravitational effects are maximized and the 
active attitude control system is sized proportionally. 
It is well known that the gravity gradient torques are maximized when- 
ever the longitudinal body axis makes an angle of 45 degrees with respect to 
the local vertical. 
Fipre  J-9. 
the ascending orbital equatoral plane LON perpendicular to the sunline 
(0 = 180 degrees). 
the orbit and ecliptic planes is 52 degrees. By selecting the inclination at 
21.5 degrees, the angle \k 
degrees, as - well as the angle between the longitudinal body axis and the local 
vertical, R . In all of the HEAO time response simulations, which includes 
gravitational effects, the parameters have been selected to produce worse- 
case envir onme ntal torques. 
For the HEAO, the maximizing conditions are shown in 
A winter solstice launch has been selected ( A  = 270 degrees) with 
For a 28. 5-degree orbital inclination, the angle between 
between the orbit and ecliptic plane is 45 
0 
0 
The Euler equations (14) are solved for the body rates (E) which are 
then used in the Euler kinematic relations; 
ri = w  C $ - w  s+ Y Z 
J 
The kinematic relations are integrated to obtain the Euler angles 
( q t ,  0, 4) that relate the vehicles attitude’to the reference coordinates (solar). 
Then, the Euler angles along with updated orbital parameters are utilized to 
re-evaluate the transformational matrices and the simulation cycle is repeated 
for the next time step. For small Euler angles, the solar offset angle is given 
by 
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180' 
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Figure J-9. Solar orientations. 
1111l1l111l1l1 IIIII I1 I Ill 
The gravity gradient torque components acting along the principal body 
axes of the spacecraft are 
T = 3 W  2 ( 1  - I )  R R 
gx 0 z Y Z Y  
T = 3 W  (I - I  ) R x R Z  
gY o x z  
where R , R 
radius vector directed - from the earth's center to the spacecraft center of mass. 
In local vertical axes, R = i The transformation from local vertical to body 
N O P  
principal coordinates, % = C 
R are the body axes components of a unit vector along the x y y  z 
2 , is utilized to obtain 
bP P 
R 3 Cll , R = CZl , and RZ = CS1 . 
X Y 
A s  previously defined in Paragraph 4 of this Appendix, 
C = B  A bP bs sp 
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The matrix B containing the Euler angles becomes the unity matrix 
without misalignments from the solar reference, such is the case assuming 
ideal attitude hold control. Figure J-10 jllustrates the gravity gradient torque 
components plotted as a function of the orbital position angle f3 
spinning baseline vehicle. The traces have the general appearance of an ampli- 
tude modulated carrier wave: the scan (spin) frequency represents the carrier 
wave and the orbital frequency the modulated waveform. 
about 0.06 ft-lb on both the X (man)  and Z (experiment) axes and about 0.003 
ft-lb on the Y-axis of minimum inertia. When the components are projected 
back into solar axes, T T but the T and Tsz components a re  
linear combinations of T and TZ. The T component is shown to illustrate 
the bias on the solar Y -axis. This torque bias results in a secular momen- 
tum component that tends to rotate the vehicle about the Z -axis in the direc- 
tion of the apparent sun's movement about the earth. 
system must be sized to provide a torque magnitude slightly larger than the 
maximum gravity gradient torque magnitude. 
for the 
0 
The amplitude is 
x sx' SY 
Y S Y  
S 
b 
The attitude control 
The time integral of the gravity torques taken in a positive sense gives 
The accumulated momentum over an orbital time 
a measure of the energy (impulse) requirements necessary to attitude hold 
over an orbital time period. 
period is shown in Figure J-11 for both the baseline and alternate configurations. 
Assuming i.deal control, the baseline requires 230 ft-lb-sec momentum per 
orbit, assuming a lever a rm of 10 ft, 23 lb-sec impulse pe r  orbit, o r  assuming 
n specific fuei impulse of 230 sec . ,  0 . 1  lb fuel pe r  orbit. These numbers must 
be multiplied by the number of orbits per  day (about 16) and the number of days 
in the mission to evaluate the total energy requirements. IJowever, since 
worse-case conditions only exist at discrete time intervals, the actual energy 
requirements will be less than those obtained. 
Insight into the basic control and stability problems may bo obtained 
by conducting a simplified analysis of the Euler equations ( 14). Assume that 
all the applied torques are zero except a rate proportional feedback on the 
X Y Y Y  z z z  Y 
and K are to be selected to give the desired damping. Furthermore, assume 
that tlic scan rate, W will be much larger than either W or  W . Under 
thcse conditions, W W 0 so that X-axis equation produces a constant 
angular rate W = W 
into the Y and Z equation produces 
L Y- and Z-axis; Le . ,  T = 0, T = -K W and T = -K W where K 
Z 
x' Y z 
Y Z  
(scan rate) about the scan axis. Substituting Wx = Ws 
X S 
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h f + ( I x - I z ) W g ] W  z + K  Y Y  W = 0 
Y Y  
0 
I W - p f + ( I x - I y ) W s ] W  + K  Wz = 0 z z  Y "  
Notice that the flywheel, which is about 80 percent or  more of the total angular 
momentum, introduces very strong cross coupling between the Y- and Z-wes. 
Hence, the gyroscopic effect is expected to show up when the forced solution of 
the equations i s  simulated. Furthermore, a damping feedback on either the 
Y- o r  Z-axes should introduce damping on the other axis also. By dividing 
each equation (20) by its principal moment of inertia, taking the Laplace trans- 
form with zero initial conditions, and using the definitions 
- 
Z = KZ/IZ 
D = [hf + (Ix - Iz) Ws] /I 
Y :  Y 
- -  
C = K K Z + D  D 
Y .  Y Z  
(21) 
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Figure J-11. HEAO momentum caused by gravity torques. 
Equations (20) are rewrit ten as 
W +I( W + D  Wz = 0 
Y Y Y  Y 
and after taking the Laplace transform and arranging in vector-matrix form, 
equation ( 22) becomes 
S + K  D 
Y Y 
-D n S + K  n 
= o  
The characterist ic equation for equations (23) is 
S 2 + B S + C  = 0 
The roots of equation (24) are obtained by using the quadratic equation and are 
plotted in root locus form in Figure J- 1 2  for both the baseline HEAO and the 
alternate configuration. The loci have been plotted as a function of the flywheel 
momentum and ra te  feedback gains. The roots for the baseline without flywheel 
or ra te  damping are I 0.0066 on the imaginary axis. 
tum is added, the roots move outward from the origin along the imaginary 
axis ,  attaining a natural frequency of 0. 155 at h = 2000 ft-lb-sec. If both 
K and kZ are introduced, the roots move from the marginally stable imagi- 
nary axis into the stable left-half complex plane, the na tura l f requeng as well 
as d'aniping increases as the gains are increased. If ei ther K 
introduced, the roots move in a circular  a r c  at constant frequency in the stable 
left-half plane until the real axis is intercepted. 
the roots to split; one approaches the origin and the other infinity as the gain 
bccomcs very large. 
trends occur when ra te  feedback is added to  Configuration 111, but the natural  
A s  tho flywheel momen- 
f - 
Y 
or KZ is 
Y 
Further  gain increase causes 
The numbers in parenthesis are the gain values. Similar 
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Figure 5-12, HEAO root locus with rate feedback 
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. 
frequency is about four times less than the baseline. Since the system roots 
are  indicative of the vehicles time response, the baseline is,expected to 
respond more quickly to commands, and for  a given disturbance the magnitude 
of precession should be less than that of the alternate configuration. 
The time response .of the baseline to a constant applied torque of I ft-lb 
about the Z - axis is shown in Figure 5-13. A t  one spin period (Ts = 27r/ws), 
about 600 seconds, 6 approaches zero before starting another coning cycle. 
The structural natural frgquency (Wn = 0.155) appears as oscillation8 (wobble) 
superimposed on the cone. A * - 6 phase plane plot of 6 is shown in 
Figure 5-14 with time tick marks along the curve for a 600- second coning 
interval. Without the cross coupling and gyroscopic action produced by the . 
flywheel and vehicle scan rate, a torque about the Z -axis would have produced 
a rotation only in the angle \k . 
b 
b 
6. Summary of Control Laws for Attitude and Scan-Rate Control 
of the Spacecraft 
The spacecraft mission has three distinct normal operational modes. 
These modes are: 
0 Celestial scan mode. 
0 Galactic scan mode. 
0 Celestial pointing mode. 
Magnetic torques are used to maintain spacecraft attitude in each of these 
modes. 
are used if possible; otherwise jets a re  used. Tn this section, a control 
scheme for the application of control torques as a function of sensor output 
for. different maneuvers and normal operational modes is given. 
For maneuvers in going from one mode to another, magnetic torques 
a. kitial Stabi&ation A f t e r  Booster Separation. The control torques 
to be applied in the spacecraft body axes using either magnetic torquers or 
jets for  damping of body rates are proportional to the body rates 
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Figure 5-13. Baseline time response to a constant torque. 
y -  8 Phase plane plot Conf. 1 
T, = / ft. Ib. 
W, = 0.1 RPM 
Wn = 0.155 RAD& 
= 540 8 Dcg. -
4 
I 
t = 3 0 0  
Figure J-iL Baseline phase plane time response. 
. -  
T = - K  
Y Yl Y 
T = - K  o 
Z .z1 z 
where 
Txs Tys TZ - control torques in X, Y, Z body axes 
w y o  0 - body rates in X, Y, Z axes 
x y’ z 
K , K , K - some positive constants selected on the basis of 
Y1 z1 speed of response and damping desired. 
The jet thrusters are driven by pulse-frequency, pulse-width 
modulators. 
b. Solar Acquisition. For this kaneuver,  either of the two following 
methods for.the application of control torque can be used: 
a Three single-axis s lews  (conventional technique). 
9 Three-axis s lew (optimum scheme). 
In the latter scheme, the time required for large angle maneuvers can be 
reduced by minimizing the angular distance traversed by the spacecraft i n  
changing its attitude. In the former scheme, the slew maneuvers are performed 
on each axis step by step. The three-axis slew scheme requires more compu- 
tation onboard but it requires fewer ground commands. The three single-axis 
s l e w s  a re  simpler in operation but the slew time is greater than for the Ithree- 
axis slew. 
In the three single-axis s lew schemes, the torques in the body 
axes are applied proportional to the attitude and attitude rate as 
J- 46 
X = - [ K x l ~ x + K x 2 J  w x dt ] 
= - [KYl*Y+KY2 J w Y dt ] 
Y 
k w + K  s w  dt 
Z I  z2 
In the three-axis s l e w  scheme, the-control torques are applied propor- 
tional to attitude and attitude rate as [J-7, 5-81: 
1 K ( 2  s ina!  ) x2 e ( l + c o s a !  ) 2  cx T = -  K a +  X [ m  x e 
K ( 2  s in  a! ) 
Y2 e T = -  K W +  
Y [ Y l  Y e 
Z 
Kz2 ( 2  s in  a ) T = -  [. 0 -t e 
-Zl z ( l + c o s a  ) 2  z 
0 
whc re 
Cx, C C - mal unit eigencolurrin of €3 corrcsponding to 
eigenvalue + 1 where I3 is an error  matrix 
defined as 
Y *  z 
T 
a d  H = A  A 
A - the direction cosine matrix defining the actual orientation 
of the body relative to inertial reference frame (solar) 
- transpose of the direction cosine matrix for the desired 
attitude of the body relative to inertial reference frame. 
a 
AT d 
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R = I = ~ O  
. 
1 0 0 .  
1 0 
0 0 1  
The control law forces A to be aligned with Ad. For this, R is the a identity matrix 
A d =  
1 0 0  
0 i 0 
0 0 1  
The angle a e is defined as the difference between actual body orientation and 
desired orientation and is given by 
a e = cos-' {+ [tr(R) - i]) 
where 
3 
i= 1 
tr (R) = R~~ 
For the maneuver of solar acquisition 
The angle a and norm, defined as e 
can bc assigncd some ininimuiii value after which solar acquisition operation 
is considered complete. 
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c. - .  Celestial  - Scan Mode. During this operational mode, magnetic 
torquers wi l l  be used. 
scan axis and scan-rate control. 
The torquers must provide both attitude control of the 
I. Scan-axis attitude control. For  attitude orientation control, 
a single electromagnet aligned along the scan axis can be  used. The magnetic 
moment produced caused by this electromagnet reacts  with the earth 's  magnetic 
field to produce a control torque normal to the scan axis. The torque (T) is 
given by 
- - -  
r = M X B  
where 
- 
M -  
B -  ear th 's  magnetic field vector. 
magnetic moment produced due to electromagnet 
- 
Since only an electromagnet aligned with the scan axis is used 
for  attitude orientation control, M = M = 0. Therefore,  equation (31) 
becomes 
Y 2 
T = O  
X 
T = - M B  Y x z  
T = M B  
2 X Y  
The value of M is obtained from equation (32) as 
X 
I/ 2 
X 
M 
(32)  
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Figure J-15 shows the deviation of scan axis X from inertial axes X 
and Zs. The torque required to control (decrease) the angle 9 is given by 
Y 
8' s 
Figure 5-15. Scan-axis deviation from inertial axes. 
(33) 
whc re 
T - torque along Y - axis 
Y S  S 
\Ir - angular velocity along z -axis 
€1 
S 
- spacecraft angular momentum (assumed to be along X S -axis).  
0 - angular velocity dong the Y - axfs 
8 
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Torque required to control (decrease) angle 8 is 
The components of the torque T and TZ in body axes are 
YS 8 
T = T cos +i T~ sin 
Y yS B 
(35) 
T = T cos @ - T s in  @ 
yS 
Z z 
S 
where 
$ -  rotation angle on X-axis. 
Substituting equations (33) and (34) into equation (35) gives 
T = - $ H  cos @ + e '  H sin @ 
Y 
T = e ~ c o s @ + Q ~ s i n @  
Z 
Introducing some damping torque expressions for damping of body rates in tho 
:ibove equations, w e  have the modified torques in  the body axes u s  
TZI = 0 H cos @ + 9 H sin @ - KZl oz . 
In vector form the required control torque in body axes is 
J-51 
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For  the modified torques in the body axes given by equation (36), 
the inertial torque components are 
T = T ( c o s + - T  ? s i n +  Y z ys 
T = T t s i n + + T t c o s +  z Y z 
8 
The resultant of T and Tz is T a torque lying in the 
YZ 
yS S 
Y - Z plane. The magnitude of T is 
9 s  YZ 
The angle a shown in Figure J-16 depicts the podtion of T in the 
T YZ 
Y - Z plane. 
s s  
From Figure J-16, 
z 
T 
8 t a n a  = -  T 
Figure J-16. Y s s  - 2 plane showing angles ag, aT with respect 
a’ to inertial axis, Y 
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Quadrant 111 
The components B and BZ of the earth's magnetic field 'ii are  
yt3 S 
Quadrant I V  
B = B cos r$ - BZ sin Y y s 
= B sin + +  BZ cos Q 
Y 
S 
% 
Quadrant I 
Spacecraft 
Quadrant II 
Figure 5-17. Location of the spacecraft scan axis and orientation 
of field B in  Y - Z plane. YZ 9 s  
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where B and B are body axes components of which are  measured by. 
the magnetometer. The magnitude of ‘%e component of 55 normal to the scan 
Y 2 
axis is 
From Figure J-16, the orientation of B is given by 
YZ 
z 
B 
B B  
S t an@ = -
yS 
Substituting equation (39) 
B s in  @ + BZ cos@ 
tan a. = 
B cos @- B~ sin @ 
Y 
From equation (31), i t  is clear that the torque produced by the 
electromagnet located on the spacecraft %-axis (scan axis) will be normal to 
B 
- . For optimum control, the control torque produced should coincide with 
vi5 --, 
T as defined In equations (37) and (38) . 
YZ 
In this event 
where CY is the angle to’the applied torque vector, and T’ 
(Y - a  = 9Odeg a 
T B  (43) . 
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Whenever the condition expressed by equation (43) is satisfied and control 
torques given by equation (36) are applied, then both 8 and a angles wi l l  be 
reduced simultaneously. This is the optimum control law as minimum torquer 
on time is required. Because of variations in a and a with  t ime, the 
opportunities when equation (43) is satisfied and the durations of these 
opportunities are limited. Therefore, the requirement for  the condition defined 
in equation (43) is modified and the following control philosophy is used: 
T B 
"Magnetic control torque will  be used whenever it is possible 
to decrease either 8 or *, or  both, without increasing either 
8 or  * . I f  
Table 5-5 gives the required orientation of the ear th 's  magnetic 
field vector in the Y - 2 plane for  attitude control of the scan axis. 
lf 5 is not in the required orientation, no control torques may be applied. 
Application of the constraints defined in Table 5-5 is illustrated in Figuro 5-17. 
The scan-axis orientation is shown in Quad.k.int I; the direction of the desired 
control torque is shown as T. If a torque can be applied along this vector,  
the angles e and rk wil l  be reduced in the most efficient manner. However, 
to produce a torque in exactly this direction, the magnetic field vector 'Ei 
must be perpendicular to T. Applying the previously stated control philosophy 
to the situation depicted in Figure 5-17, a correction may be made whenever 
the vector l ies  in either Quadrant I1 o r  Quadrant IV. If lies in 
YZ YZ 
Quadrant 11, as Shawn, the electromagnet parallel  to the scan axis w i l l  be 
energized to produce a magnetic moment in the positive direction (+M ) . 
YZ 9 s  
YZ 
YZ 
If 
X - 
B lies in Quadrant IV, a negative magnetic moment (-M ) is required and YZ X 
the scan-axis control electromagnet wil l  be energized to produce this moment. 
The direction of the moment is determined by the direction of the current  flow 
in the coils. Application of control torques under these restrictions w i l l  cause 
both 0 and \k ,to be reduced? but not necessarily in the most efficient manner. 
I1 
deferred until i t  does. The angles cy and aB are calculated using equations 
(38) and (42), respectively, Whenever the conditions described in  Table J-5 
are satisfied, the control torques given by equation (36) are applied to the 
spacecraft  until the scan-axis drift  is less than some preset  value. 
does not lie in B favorable quadrant, control of the scan axis must be 
Y Z  
T 
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TABLE 5-5. REQUIRED ORIENTATION OF THE EARTH'S MAGNETIC 
FIELD VECTOR FOR SCAN-AXIS ATTITUDE CONTROL 
YZ 
Position of 
Spacecraft 
Scan Axis 
in Y - Z Plane 
s s  
e+; *+ 
(Quadrant I) 
o+;  \k- 
(Quadrant II) 
0-;  * -  
(Quadrant III 
0-;  *+ 
(Quadrant. IV) 
e = 0;  9+ 
8 = 0 ;  \k- 
e+; \k = o 
e-; \k = o 
Angles in the YB - 2 Plane 
S 
Measured from Y 
T a 
0 < a  < n / 2  T 
a/2 < a  c 7r T 
7T e a  c 3 n / 2  T 
3n/2 < a  < 2n T 
a = o  T 
CY = n  
T 
a! = 7r/2 T 
CY = 3 ~ / 2  T 
B a 
7T/2 < a  e n B 
3 n / 2  e a  c 27r 
K < Q! c 3 n / 2  
B 
B 
B 0 < a  < n / z  
3 n / 2  < a  c 2a 
B 
n/2<CY c7T 
0 < a  c 4 2  
R < a  < 3n/2 
CY = 7T/2 
B 
B 
B 
B 
B 
B 
B 
B 
B 
B 
B 
CY = 3 n / 2  
CY = 37r/2 
a = s / 2  
a = 7 T  
a = 2n 
a = o  
a = I F  
Magpe tic 
Moment 
(4% ) Directio 
X '  
+MX 
+N, 
+Mx 
+MX 
+MX 
-M 
X 
-M 
X 
X 
-M 
-M 
X 
-M 
+M 
-M 
X 
X 
X 
+'x 
+,Mx 
-M 
X 
-.M 
X 
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2 .  Scan-rate control. Scan-rate control can be effectively carried 
out using two electromagnets or coils aligned don;; the two spacecraft axes 
Y and Z normal to the scan axis. The current applied to the Y-axis coil ' 
is directly proportional to the value of the Z-axis rnagnetometer reading, and 
the Z-axis coil current is similarly directly proportional to the Y-axis 
magnetometer reading. The two electromagnets, toget&er with the earth's 
niagnctic field, function as an electric motor to apply a control torque about the 
scan axis. Since the electro- 
magnet parallel to the scan axis X is not energized, M = 0 and the torques 
piwtlucetl :dong the spacecraft axis a r e  
The torque produced is given by equation (31). 
X 
= M B - M  B 
Y Z  Z Y  
'r = M B  Y z x  (44) 
For scan-rate control, only torque about tho spacccraft X-axis 
is desired. 
scan axis (B = 0) when the Y- and Z-axes' electromagnets a re  energized, 
a distlrrbing torque is produced on the attitude of the scan axis. Therefore, 
scan-rate corrections a re  made only when B is as small a s  possible. If 
B is large, control is deferred to a more favofcable time. 
favorable time. 
Unless the earth's magnetic field is exactly perpendicular to the 
X 
X 
X 
Assume 
M = K B Z  
Y 
(45) 
and 
M = - K B  
Z Y 
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where E; is some positive constant to be determined. Substituting equations 
(45) and (46.) into equation (44) gives 
T 
X 
B + Bz2 K =  Y 
Torque T can be expressed as 
X 
(47) 
whcre 
I -  
t -  
spncecraft moment of inertia about the X-axis 
time that magnetic torquers are energized 
x 
change in  spin rate desired, &x - 
d. Galactic Scan Mode. In this mode, magnetic torquers a re  used tor 
attitude control. The principal of operation is the same as discussed in the 
celestial scan mode; however, in  this case the inertial reference axis is the 
solar offset axis instead of solar axis. The angles 8 and \Ir are measured 
relative to this new inertial reference axis. The scan-axis attitude controil and 
scan-rate control equations are the same as for the celestial scan mode. 
' 
e. Celestial Pointing Mode. In this mode the spacecraft is not rotating, 
but the flywheel is spinning. Attitude is controlled using a magnetic coil olr 
clcctroinagnet located on each of the spacecraft body axes. In the HEAO base- 
line configuration, the viewing direction of the major experiments is alignod 
with the spacecraft Y-axis. To point these experiments a t  ;L target, it is 
neccssary to align the spacecraft Y-axis on this target. Furthermore, i t  is 
necossury to control the spacecraft attitude to il. 0. degree about the spacecraft 
X- and Z-axes during the pointing period. Control about the spacecraft Y-axis 
(line-of-sight of the experiments) is not required by the experiments, but 
control to within a few degrees is necessary to maintain the proper solar Ranel 
orientation to the solar vector. The control required about the Y-axis is a 
function of the electrical power requirement and the orientation of the solar 
vector relative to the target, rather than an experiment pointing requirement. 
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The pointing mode control requirements u r e  illustrated in Fiyuro 
Z is spacecraft centered. The J-18. The inertial axis system X 
P-axis is along the vector from the spacecraft to the viewing target. The 
X -axis is normal to Y and is parallel to the ecliptic plane. The Z -axis 
forms a right-hand orthogonal system with X and Y . To bring the Y-axis 
back onto the target, a torque T in the direction shown is desired. This 
torque is produced by energizing coils on all three spacecraft axes. The 
control torque ?; produced by the coils is given equation (21) ,  which is 
repeated a s  follows: 
8' ys'  8 
S 8 S 
S S 
d 
where M is the magnetic moment produced by the coils and % is the earth's 
magnetic field. To get an exprsssion of the value of M, each side of equation 
(31) is multiplied by the vector 
/-Spacecroft 
Targwt 
center of mors 
Figure 5-18, Spacecraft Y-axis position relative to desired target 
position in the celestial pointing mode. 
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To produce maximuni torque using minimum power, the vector M should be 
perpendicular t,o the magnetic field vector 5- In this case, 
b v. 
M * I$= 0 
and equation (w;) becomes 
or 
Expansion of equation (52) gives the magnecic moments required for each 
coil. 
- BZ Ty) I Mx =. (B T Y Z  
1 M ~7 (B T - B  T )  
z X Y  Y X  
where B I) , B are the components of the ear!hts magnetic field along 
spacecraft bQdy axes X,  Y, and 2, respectively and T T , TZ are 
torques about, the spacecraft body axes X, Y, and Z ,  respectively. 
x' p z 
x' Y 
J-GO 
Since the produced torque is normal to the magnetic field 
vector B, 
and 
T B + T  B + T Z B Z  = 0 
x x  Y Y  
or 
T = - ( -  Tx Bx By + TZ BZ ) . 
Y (56) 
Thug, even though no torque is desired about the line-of-sight axis Y, a 
torque is produced about this axis because of vector c ros s  products. Tha 
magnitudes and directions of the required magnotic moments for oach coil are 
obtained by substituting the values of T and TZ from equation (27) and the 
value of T 
and B are measured directly by the magnetometer on the spacecraft. The 
amount of current  required for each coil is determined from equation (57) 
(for a coil with no core). 
X 
f rom equation (56) into equation (53 ) .  The values of Bx, B 
Y Y' 
2 
M = NIA (57) 
where 
N -  
A -  
I -  
the nuiiiber of turns in the coil 
the c ross  sectional a r ea  of the coil 
the current  in the coil, amperes.  
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For a coil with a core (electromagnet) ; the required power is given by equation 
' 
(58) [J-I]. 
C(aH2Lop - M 
8 
W B p = 47r 
where 
P -  power, watts 
w -  weight of the winding of the electromagnet, kg 
H - field strength produced by the winding of the electromagnet, 
amp turns/m 
L -  length of the core, m 
u -  coil resistivity, ohms/m 
P -  density of the coil, kg/ms 
Po - constant = 47r x 10 '~  
M -  magnetic moment required, amp turns  
B - induced field strength, weber/m2 . 
S 
A disadvantage of magnetic coil attitude control in  the celestial 
pointing mode is the presence of the undesirable torque, T . Whenever B 
is vcry sinall, T tends to be very large, as indicated by equation (56). In 
addition, the small value of B and large value of T result in tho requitre- 
iiicnt of large magnetic moments about the X and Z spacecraft axes, as 
indicated in equation (53) . The requiroinunt for large iiiagnetic moiiients 
imposes a requirement for large currents in  these coils. Therefore, attitude 
control corrections cannot be made using this control scheine when B is: .Y 
very small. Whenever B is too sinall, attitude control about the X- and! 
Z-"ces niay be performed using the single coil on the Y-axis, as in the 
Y Y 
Y 
Y Y 
Y 
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‘celestial scan mode, providing the field orientation i s  favorable for the desired 
correction. If neither of these conditions i s  satisfied, attitude control must be 
postponed until one condition becomes favorable. The spinning flywheel wi l l  
provide a measure of stability about the spacecraft Y- and Z-axes, but not 
about the X-axis. 
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7. Taa nsfor mat ion'of the Earth 's 'Mag net ic ~ Field 
I' n to Spacec pa ft Coo rd in a tes 
:The. analysis, of: a control' system'making~ use o f  ':the earth's'iri'agnetic 
field;requiresL.knowledge' of .the'-field .in vehicle. coorditiates, &s"acftiiicti'on' 6f 
m agne tic ' field :in'- body, p rindipal (:con.tr 01) I 'axes' mds t: be ' der  ivedr as' func tibns 
of geophysiaaliand -orbital' parameters. -Several't+odels:-of ~%heckarthrs 'field. are 
available, but: all. arei.dxpressed .inWrm s -of i'geoniagnetic . o r .  s plicir idal' cm+di - 
nates irt2ferenoed..to:the:,geomagn'etic"ces. 'For. prelihiinary.de$ign. purposes, 
a m a,gae tic field! mode I iw ith? a :m agne tic :dipdle %e t . a h g  the * G a i f  th's a'gebm Qghetic 
axis will  provide- suffioi'ent:aeeuracy' fdr '  diintrol '.system .design"airid; simulati'on. 
The declination of the::dipole'.with the:geometric-.nof.th is' '&ssu"ed'td~be 11 
degrees w.ithrthe;positive,end- tbwards -the :'geographic'Sohth-pole. -Such a'inodel 
has been util>ized in..the..HEAO'control system .simulatidns'using'magnetic 
torquers. 
the satellites? po,si.tion-: in.. Orbit. .>A ~ ~ ~ ~ d i n g l y ,  .:fie ., sq'&i6tis' of :the' ea$th 1s 
A tilted dipole model of the earth's magnetic field [J-91 is-givenYn 
vector form bn:polar,coordinates by 
where 
M - Earth's magnetic dipole moment (8.  1 X lo2' einu) e 
- 
e - Unit vedtar :slow R r 
- 
e - Unit vector normal to -E, and 'directed northwa'rd ' (tangent to amaridfan) 
Y r Y '  
- 
e - Unitvector such that (e  ,e , e  ) form a right-had triad 
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Figure J-19 illustrates the spherical relative to the geomagnetic 
coordinate system. The transformation necessary to relate the geomagnetic . 
coordinates to the body principal axes, and the elements of the transformation 
matrices, have been listed in Paragraph 4 of this appendix. The spherical 
can be related to the geomagnetic coordinates by either projecting the 
components of e 
- -  
and e on to the geomagnetic axes to obtain 
r’ ey’ P 
- 
e = - S y  im + C y  jm Y 
e = - s p c y  im - spsy 1, + CP km 
I.1 
or by rotating about the e 
formed e 
axis by the angle 1.1 and then about the once-trans- 
Y 
axis by the angle - y .  In vector matrix form, the result is 
P 
- 
e r 
- 
e 
Y 
- 
e 
c1 
Iy 
m X (61) 
Notice that the first of equations (60) is a unit vector directed from the earth’s 
center to the spacecraft in orbit and may be identified with equation (6)  o€ 
Paragraph 4 which is repeated below: 
(62) 
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Figure J-19. Spherical components of earth's magneUc field relative t6 
geomagnetic coordinates. 
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- 
Hence, R e , but the two are expressed relative to different coordinate 
frames. The f i r s t  of equations (60) can be rewritten as 
. o r. 
- - 
e = R  = R  i + R  j + R  k r 0 x” y m m  z m m  (63) 
where R R , and Rem are the components of e in  geomagnetic 
coordinates as given in equation (60). 
x m ’  ym r 
Substituting equation (60) into equation (59) gives 5 In the geomagnetic 
reference frame. 
3 C p W C y i m + 3 C p S p S y j m +  ( 3 S 2 p -  I) km ] . (64) 
Equation (64) is sometimes expressed in t e rms  of the components of 
given in  equation ( 5 ) .  as r’ 
-M - 
3 R  xm €3 zm i m + 3 R  ym R zm j m + ( 3 R 2 Z m -  I) km] (65) 
- 
The vector components of B are now known in the geomagnetic reference 
frame,  but for  control studies must be projected into body principal axes by 
using the transformation matr ix  
N - . _  
X b = M  X bm m (66) 
whose elements a r e  given in  this appendix. The components R R and 
I t  which form the elements of B a r e  laiown functions of the sperioal param- 
meters  p and y .  However, to avoid introducing additional unknown parameters  
into the system simulation, R R and RZm can be  replaced as funotions 
of previously defined direction cosines [ 5-4 J . 
- xm’ ym’ 
z in 
xm’ ym’ 
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and 
where the elexpents of E are 
gP 
S E31 = s8 Stf 
S Ea2 = ce st 
Ell = C8 C a  - Wow CL 
EI2 = s e  0 cst - ce 4 sa C C  
0 9 
0 ( 70) 
E13 = SQ S L  a * E33 = Cf 
= ceom + se CQ C L  
= -se sn+ce CQ cc 
9 
0 0 
E23 = - C Q S L  
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Combining equations (67) and (69) produces 
N N 
X = L *  E X I F  "x 
m P g P P  mP P 
Using equation (71) to convert the local vertical to geomagnetic coordinates, 
the local vertical unit vector in equation (62) is 
Equating components of equations (63) and (72) producee 
Utilizing equation (73) permits rewriting equation (65) in terms of known 
direction cosine values: 
where 
. 
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The components of the earth's magnetic field, B, in body principal (control) 
axes are obtained by operating on the components of equation (74) by the 
matrix transformation given in equation ( 6 6 ; .  The resultant is 
where 
Although the procedure used to obtain the earth's magnetic field vector 
in body principal axes is complicated by the number of necessary transforma- 
tions, these matrix transformations and their elements are greatly, simplifikd 
by assuming constant values for those angles which vary slowly with time. In 
the HEAO comRuter simulations, the angular constants were selected such that 
worst case time response data were  obtained. 
8. Aerodynamic Coefficients for the 
HEAO Satel I ite 
Aerodynamic force and moment coefficients were calculated for the 
HEAO satellitadepicted in Figure J-20. The axial and normal force coeffi- 
cients and the pitching moment coefficients (Figs. 5-21, 5-22, 5-23) were 
calculated assuming free molecular flow and diffuse reflection. Data were! 
obtained for a circular orbit altitude of 200 n. mi. and total angles of attack;, 
u ranging fkom 0 to 180 degrees and a roll angle, @, of 0 degree. For 
an  axisymmetric body and $I equal to 0 degree, the side force and the yawing 
and rolling moments a re  zero. The HEAO coefficients were obtained through 
Reference 5-10. 
T' 
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6.0 
4.0 
2.0 
0 
2.0 
4.0 
6.0 
.. 
- DIFFUSE REfCECTIQN --- SPECULAR RPFLECTION 
D ’ e p  e 8.333 FT 
71’0 
4 
ARLF =a 
\ ANGLE OF A’TTACK,QJDEG) 
Figure J--21. Acxial force coefficient versus angle of attack. 
5-72 
12.4 
10.0 
8.0 
0 
Z 
U 
I- 
Z 
w 6.0 u u. u. 
W 
0 
U 
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0 
- DIFFUSE RPFLECTION --- SPECULAR REFLECTION 
DREF = 8.333 FT  
4 
_ _  
I I I I 1 
0 40 80 120 160 200 
ANGLE OF ATTACK,~, (DEG)  
Figure 5-22. Axial normal force coefficient versus angle of attack. 
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MOMENT COEF~ICIENT vs ANGLE 
OF A7TACK FOR THE HEAO 
- DIFFUSE REFLECTION 
-- - SPECULAR REFLECTION /- / '  \ 
/ \ 
/ \ 
\ DREF = 8.333 FT 
2 3 DREF \ 
/ 
AREF - 4 
24.0- 
20.0 - 
16.0 - 
12.0- 
8.0 - 
4.0 - 
0 -  
0 40 80 180 
ANGLE OF ATTACK, a ,(PEG) 
Figure 5-23. Moment coefficient ver8ua angle, of attuck. 
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I 
A Fourier series curve f i t  of the resulting data was  made using the 
truncated Fourier series 
A m 
I i= I 1 C(a,) = - ' + k i c o s  (iaT) + B  i sin (i aT) 2 
where m is the number of terms required to achieve the desired degree of 
accuracy. A and B are'calculated using the relations 
i i 
2T 1 
A = -  1 C ( a T )  cos (i a ) da, 
i n  T T  
0 
(79') 
where C (CY ) is the aerodynamic coefficient being curve fitted. 
T 
Curve-fit coefficients were obtained for the axial and normal force 
coefficients, CA and CN , respectively, and the pitching moment coeffi- 
0 0 
cient, C . The resulting expressions a s  a function of a are as follows: 
m T 
0 
CA = 5.77121 COS (CY,) - 1,75706 COS (3a ) - 0. 40363 COS (5aT) T 
(81) 
0 -0.08961 cos ( 7 a T )  + 0.04889 cos (sa,) 
CN = 8.77165 sin (a,) - 0.96271 sin (3aT) - 0.34303 sin (5a,,) 
0 + 0.02238 s in  (7aT)  + 0.00889 sin (90,) 
1 
( 82) 
C = 14.88051 sin (a,) - 1.60280 sin (3aT) - m 
+ 0.00297 sin ( 7 ~ ~ )  - 0.01482 sin (Sa,) 0 
0.54178 sin ( 5 a T )  
( 83) 
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Equations ( 81) (82) 
coefficients and the pitching moment coefficients, respectively, for 
to zero and for any given Q! 
and ( 83) wil l  yield the axid and normal force 
Cp equal 
T’ 
To determine the aerodynamic coefficients for an arbitrary Cp, sub- 
stitute the values of CA * CN * and Cm for a given aT along with the 
0 0 0 
chosen value of @ into the following equatione: 
CA = CA 
0 
CN = c cos@ 
NO 
C t = C  = o  
=0 
c = c cos$ ’ m m 
0 
c = -c sin4 n m 
0 
If a! and /3 (Fig. 5-20) are known Instead of ctT and e ,  the following 
equations can be used to determine a! and Cp as a function of a and p. T .  
Where V 
coordinates. 
V , V are components of the velocity vector expressed in body x9 y z 
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I . .  n . .  . , . ,  . . I .*: ,.. R .",-'<.. ' 
i '  
r " c- For convenience the origin of the body axis system (moment reference , 
point) was  located at one end of the vehicle (Fig; 5-20), For dynamic studies, 
the axis origin is usually located at the center of gravity (CG) of the orbiting 
vehicle. To determine the moment coefficients about the CG location, the 
following moment transfer equations should be used: 
- - - c  'CG - XCG 
Dref m CG - 'm+'A D ref 
C 
CG C = c  + c  - + c  -
LCG Dref Dref 
-- _. 
.." e&! .: ,*' a.. . ? In these equations, XcG, YCG, and ZCG are the coordinates of the CG 
Figure J-20. 
location expressed in terms of the aerodynamic body axis system defined in 
- (.,. .' 
. . .,, , P 
Aerodynamic moments about the CG can then be calculated with the 
following equations: 
D C  - 
MX CG '*ref ref L~~ 
D C  - QAref ref M~~ M YCG 
D C  - 
M qAre f  ref nCG 'CG 
. . . . .  (97) 
9. Alternate Spacecraft Concept 
Per for ma n ce S i m u lat ion s 
In Section XI, computer simulated performance data for the baseline 
configuration with a spinning flywheel were given for the following two cases: 
Uncontrolled spacecraft gravity torques acting as  disturbance 
torque s . 
Spacecraft controlled with magnetic torquers. A three-coil 
control scheme wae used for attitude control. Gravity torques 
were acting as disturbance torques. 
In addition to the above cases, computer eimulation data were also 
obtained for the following cases of Configurations I and I11 (Fig. J-8) for the 
same orbital parameters: 
Configuration I (baseline) 
0; Baseline configuration with a flywheel and with attitude 
control (one-coil control scheme). 
m Baseline configuration without a spinning flywheel and without 
attitude control 
e Baseline configuration without a spinning flywheel and with 
attitude control (three-coil control scheme). 
Configuration 111 
0 
0 
Configuration III with a flywheel and without attitude control 
Configuration 111 without a flywheel and without attitude 
control. 
e 
Performance results for each of the above cases are given in the 
following Paragraphs. 
a. 
1. With  flywheel and control. The case simulated was the b e e -  
line configunation with a spinning flywheel and with attitude control. The 
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difference between this case and the one reported in Section XI is that in this 
case a single-coil control scheme was  used to control scan-axis drift, whereas 
in the previously reported case a three-coil control scheme was  used. 
In the one-coil control scheme, oiily one coil is used for scan- 
axis attitude control in the scan mode; this coil is'aligned along the scan axis. 
The other two coils, which are mounted normal to the scan axis, are used 
primarily for scan-rate control in the scanning mode. In the three-coil control 
scheme, three coils aligned along the three body axes of the spacecraft are 
used simultaneously to produce a magnetic moment vector normal to the instan- 
taneous earth's magnetic field vector. The disadvantages of the three-coil 
control scheme are that an undesirable torque about the scan axis is produced 
and it is more difficult to apply than the one-coil control scheme. The advan- 
tages of the three-coil control scheme, compared with the one-coil control 
scheme, are that it requires less power and provides continuous control torque 
except when the earth's magnetic field vector is in the direction of desired 
control torque. 
The control laws used for applying magnetic control torquers 
in the body axes are given in Paragraph 6 of this appendix a s  
T = - 4 H c o s $ + 8 H s i n $ - k  w 
Y' Y i  Y 
. -  
T '  = 8 H c o s G  + \ k H s i n @ - k  w . 
z 21 = 
These equations can be modified and expressed :as 
T ' = -! ?Tr cos $I +.k 0 sin $ -k w 
Y Y2 Y3 Y i  Y 
where k , k , k , k a re  some positive constants selected on the basis 
of speed of response desired. For the computer simulation of the baseline 
with single-coil control logic, the values of gain constants selected are a8 
follows : 
Y2 Y3 2 2  2 3  
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k = k = I106 >@,2degree 
Yi =i 
k = k = 130 for 6 S 0.2 degree 
Yi Z l  
The performance results for this case are given by Figures 
5-24, 5-25, and 5-26. Figure 5-24 shows the scan-axis drift angle 6 in one 
orbit time for the controlled apacecraft. The value of 6 does not become 
greater than 0; 29 degree. The value of 6 starts increasing at a faster rate 
at about 800 sec and goes to its peak value of 0.29 degree at about 1600 seconds 
and then starts decreasing at a fauter rata to less than 0.067 degree in the 
next 500 sec,  at which time the magnetic torquers are shut off. The same 
cycle is repeated during the 3500- to 4500- second interval. There are two 
reasons for this rapid buildup of 6 during the 800 to 1600 second and the 
3600 to 4300-second periods. Firstly a one coil system can utilize only half 
of the faborable Earth's field for the production of sufficient control torques 
at these times, and secondly gravity disturbance torques in the Y and 2 
8 8 axes are nearly maximums at these times. 
Figure 5-25 is the plot of the trace of the scan axis in 
9 - 8 plane for the controlled spacecraft. Figure 5-26 shows the power 
profile for the magnetic torquers in X, Y, Z body axes. The maximum 
allowed power of 100 watts is utilized during 80040 1400- and 3600- to 4100- 
second intervals due to the unfavorable control opportunities of a one coil 
system .- 
In the actuator subsection, it was shown that the effective1 
component of the earth's magnetic field for scan axis attitude control is the 
component of the field which lies in the plane Ys - Zs ; this component is 
normal to ther scan axis X From Figures XI-21 and XI-22 it 1s aeen that 
the component of the earth's magnetic field in the Ys - 2 plane is very small 
in the 800- to 1300- second and 3600- to 4000- second intervals of the orbit 
time and that most of the field lies along the axis Z 
this period. A t  these times, the production of control torques for scan-axis 
attitude control cannot be optimally produced by the scan axis coil, Mx , 88 
indicated by the large power usage shown in Figure 5-26. 
8' 
S 
(Fig. XI-20) during 
S 
J- 80 
0.30 1- 
F 
00 
FL 
0.25 
0.20 
0.15 
0.10 
.a7 
405 
0.00 
Time (Seconds) 
Figure J-24. Baseline configuration with flywheel and single-coil control scheme 
deviation angle 13 as a function of time. 
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Figure J-25. Baseline configuration with flywfieel and single-coil control scheme. 
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Figure 5-26. Baseline configuration with flywheel and single-coil contS.01 scheme. 
Power required for control torques. 
It was also pointed out in the actuator subsection that scan rate adjust- 
5 0.001 gauss) . H'owever from Bigme ments would be carried out only when the earth's magnetic field component along the scan axis is very small (B  
XI-20 it is seen that Bx maintains a value of 0.15 during most orbital 
periods. In this situation, scan-rate adjustments can be made,, but this 
will cause a perturbation in the attitude of the scan axis caused by undesirable 
components of the torque produced in the plane normal to the scan axis. 
X 
S 
S 
2. Without flywheel and control. In this case the flywheel ie not 
spinning. Since the angular momentum of the spacecraft caused by spacecraft 
rotation alone is much smaller than the baseline concept having a spinning fly- 
wheel, a large drift of the scan axis for the same value of gravity disturbance 
torque is expected. Figure 5-27 shows the variations in the scan-axis drift 
angle 6 with orbit time. The scan axis drifts continuously and reaches a 
value of 14.1 degrees in one orbit time period. Figure 5-28 shows the taace of 
the scan axis in the 9 - 8 plane in one orbit period. It is noted in Figure 
5-28 that \k increases continuously and reaches a value of about 14.1 degrees, 
whereas the variations in 8 are cyclic with a secular component of -0.55 
degree at the end of the orbit time. In this case, the value of 8 at the end of 
the orbit is negative (-0.55 degree) , whereas in the baseline concept with a 
spinning flywheel and without control it was positive (+O. 25 degree , Fig. XI-37). 
This difference caused by the variations in the values of gravity disturbance 
torques (Fig& 5-29, 5-30, and 5-31) as the values of \t and 8 angles get 
larger. 
3. 
control scheme was used. The values of the gain constants used in the control 
laws  were a&itrarily selected as: 
Without flywheel and with control. For this case the three-coil 
k = k = 1.0 
Y i  =1 
k = k  = k  = k  -0.3 
Y2 Ys =2 2 3  
Performance results are given by Figures 5-32, 5-33, and 5-34, With the 
above gain constants, the system appears to be unstable. However, the system 
can be made stable by the proper selection of gain constants. High body rates 
can be damped out by increasing the values of k and k . It is apparent from 
the power profile, Figure 5-34, that the coils a r e  not being properly utilized. 
Yi =I 
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Figure J-27. Scan axis drift angle 6 with orbit time for the uncontrolled 
baseline without flywheel. 
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Figure 5-29. Gravity gradient torque in X axis. 
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Figure 5-30. Gravity gradient torque in Y axis, 
8 
0.10-r 
- 0.05 
: a 
0 
Y 
A 
t 
U 
Y 
a .- 
r" 0.w 
z 
v) 
C 
a 
N 
a 
+ 
ci 
6 -0.05 
-0.10 
0 500 1000 1500 2000 2500 3000 3500 4000 4500 5000 5500 6000 
Time (Seconds) 
Figure 5-31. Gravity gradient torque in Z axis. 
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Figure 5-32. Baseline scan-axis drift angle 6 with orbit time for controlled 
spacecraft without flywheel. 
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Figure 3-34. Baseline without flywheel power profile for the magnetic torquers. 
I., . * 
b. Configuration III. The moments of inertia for Configuration III 
are: 
I = 10 850 slug f t2  
X 
I 
Y 
= 39 100 slug ft2 
I = 41 100 s lugft2 
Z 
. .  .. 1 
e -  
l. With flywheel and without control. Figures 5-35 through 5-39 
show the performance data plots for this case. Figure 5-35 shows that 6 
increases continuously and reaches a value of 4.1  degrees in one orbit time. 
Figure 5-36 shows the trace of the scan axis in the \k - 8 plane. It is noted 
that 9 and 8 are negative. This is a contrast to the baseline case in which 
@ and 0 a re  positive (Fig. XI-37). In the present case, the spacecraft moves 
in the ecliptic plane in the opposite direction to the motion of the sun, which is 
a disadvantage over the baseline concept, 
A 
Figure 5-37 is a plot of the variation of the gravity gradient 
torque in the X -axis. The maximum value of the torque is 0.0037 ft-lbf and 
the torque varies at a frequency of twice the spin frequency of the spacecraft. 
Figures 5-38 and 5-39 are the plots for  gravity torque in the Yg- and Zs-axes, 
respectively. 
S 
2. Without flywheel and control. In this case the spacecraft is 
rotating a t  0. 1 rpm on the minimum moment-of-inertia axis. The spacecraft 
has a very small angular momentum compared to the baseline concept; there- 
fore, the scan axis drifts at a very rapid rate. 
of the scan axis in the $ - 0 plane in one orbit period. The angle 9 goes 
to a maximum of 47 degrees and then starts decreasing; the angle 8 increases 
continuously and goes to a value of 65 degrees. The nature of the trace of the 
scan axis is different from Figure 5-36 because of the difference in gravity 
gradient torques (Figs. 5-41, 5-42, and 5-43) because of the large values 9 
and 0 angles. 
Figure 5-40 shows the trace 
c. Conclusions. Performance results show that Configuration I is 
better than Configuration 111 from the standpoint of attitude control because 
firstly the scan-axis drift in Configuration I is less than Configuration I1 under 
4 
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S 
I, 
the conditions of gravity disturbance torques. Secondly, the scan axis of 
Configuration I drif ts  in  the same direction as the sunline moves, whereas the 
scan axis of Configuration III drifts  in the opposite direction to that of sunline. 
A comparison of the performance of both Configurations I and XII shows 
that the spinning flywheel provides directional stability for the scan axis. 
Without control under the disturbance of gravity, the flywheel reduced the solar  
offset angle per  orbit  by about a factor of 5.  The performance data indicate 
that Configuration I has better response and pointing character is t ics  than 
Configuration 111. However, this resul t  was expected since Configuration I 
is spinning about its axis  of major i ne r t ih  whereas Configuration III is 
spinning about its minimum axis  of inertia.  Performance resul ts  utilizing 
magnetic control torques show that it is possible to have almost continuous 
control of the scan axis with three coil control schemes. The possibility of 
near continuous control indicates that a flywheel may not be required for 
providing stability against disturbance torques. However, additional computer 
siinulntions ;\re required to confirm this and to define those periods where 
magnetic torque cannot be generated to counternct gravity gradient torque, 
Later response data for the baseline without a flywheel indicate that ncccptable 
perforninnce is attained by increasing the control system gains by a factor 
of 100 over those used to generate the response shown in Figure 5-32, but 
within the scope of this study effort the gains could not be optimized. With 
optimized control logic and feedback gains vehicle performance should show 
great improvement over that shown in this report .  
- 
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